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FOREWORD

This document is a part of the final report on a "Study of the Influence of Size of a

Manned Lifting Body Entry Vehicle on Research Potential and Cost," conducted by
the Martin Marietta Corporation, Baltimore Division, for the National Aeronautics
and Space Administration, Langley Research Center, under Contract NAS 1-6209
dated April 1966. The final report is presented in eight parts:

I. Summary CR-66352

II. Research Program Experiments CR-66353

III. Flight Performance CR-66354

IV. Candidate Entry Vehicle Designs CR-66355

V. Systems Integration CR-66356

VI. Research Vehicle Size Selection and Program Definition CR-66357

VII. Selected Entry Vehicle Design CR-66358

VIII. Alternative Approaches CR-66359

The study was managed at Martin Marietta by..

Robert L. Lohman--Study Manager

Rudolph C. Haefeli--Assistant Study Manager

The principal contributors to the study were James McCown, Robert Schwab,
Ray Sorrell and James Vaeth; Mr. Louis Sheldahl also made a major contribution
to the study as Study Manager during the first quarter.
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ABSTRACT (Total Study)

This study presents data--based upon a developed logic,
task definitions, vehicle criteria, system analyses and design,

and concepts of operation and implementation--with which
the usefulness and cost of an entry flight research program
can be evaluated.

The study defines 52 specific research tasks of value in
developing operational lifting body systems, primarily for
near-earth missions. Parametric design and performance data
are evolved within a matrix of 5 vehicle sizes (with 1, 2, 4, 6

and 8 men) and 4 boosters (GLV, Titan 111-2, Titan 111-5
and Saturn IB) for all flight phases, from launch to landing.

The design studies include vehicle arrangements, weight,

aerodynamic heating and subsystem details. Systems inte-

gration analyses yield both design data, subsystem tradeoffs,

and development and operations plans; and they lead, in turn,
to cost effectiveness analyses which become the primary basis

for vehicle and program selection.
A 25-foot long, 3-man vehicle weighing 12,342 pounds

is selected for a research program of 9 manned (plus 2 un-

manned) flights. This vehicle performs the maximum number
of tasks and affords the highest research value per unit cost

and the lowest cost per unit of payload in orbit; the estimated
program cost is $1 billion. A detailed preliminary design of

this vehicle is accomplished, including layout drawings and

descriptions of each subsystem to identify available hardware
as well as future options. Modifications for secondary research

objectives--rendezvous and docking and supercircular entry
--are considered.

The study also includes a brief examination of 2 smaller

unmanned vehicles as alternate approaches to reduce cost.
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Drag coefficient

Coefficient of friction

Lift coefficient

Rolling moment derivative

Yawing moment derivative

Concentration of oxygen

Side force coefficient

Center of gravity
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Vapor fraction of pyrolysis gas

Acceleration of gravity; vibrational acceleration
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Pyrolysis reaction rate

Nose wheel drag
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Lift; length; latitude

Lift-to-drag ratio
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Mach number; main wheel skid reaction

Mass flow rate

Nose wheel reaction

Yawing moment per degree of yaw angle
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Total heating
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Heat transfer rate
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Reynolds number based on length
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Reference area
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• Temperature
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Axial acceleration
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SUMMARY

This part discusses the various entry vehicle designs, and concepts for their sub-
systems, which were analyzed in the '_tudy of the Influence of Size of a Manned Lift-
ing Body Entry Vehicle on Research Potential and Cost, "performed for NASA under
Contract NAS 1-6209. Parametric studies are presented which provided the basis for
selection of the recommended entry research program and flight vehicle. This part
presents design environments and criteria, configuration arrangements, weights and
balance, aerodynamic heating, and detailed subsystems tradeoff analyses.

The approach to this study was:

(1) Utilize existing technology and hardware as much as possible

(2) Identify new approaches that offer potential for future operational use and
for immediate entry research and development

(3) Determine, from users and suppliers, detailed operational requirements
and hardware capabilities

(4) Perform meaningful tradeoff analyses as bases for identifying potential
problem areas and for recommending the research program and vehicle
size selection.

Five entry vehicle sizes were considered: 1-, 2-, 4-, 6- and 8-man sizes, desig-
nated A/l, B/2, C/4, D/6 and E/8, respectively. The larger sizes may be flown with
less than a full crew (a three-man crew on the C-size vehicle is then designated C/3).
Lengths of these vehicles were determined in an arrangement analysis wherein the
volume and height was selected to contain the full crew complement. The resulting
overall lengths were: A = 20.0 feet (6.1 m), B = 21.25 feet (6.4 m), C = 23.4 feet
(7.13 m), D = 25.0 feet (7.62 m) and E = 26.4 feet (8.05 m).

Design criteria were based on many data sources, including the trajectory studies
of Part llI and the heating analysis presented in this part. These criteria included
characteristics of the ascent and ascent abort conditions using four candidate launch
vehicles: Titan II (GLV), Titan III-2, Titan III-5 and Saturn 1-B. The Titan III-2 and
Titan III-5 are man-rated versions of Titan III with uprated cores and two and five
solid-propellant rocket motor segments, respectively; the Titan III transtage was
not used. Briefly the design criteria were:

• Heat shield designed for turbulent heating and complete footprint

*Max q = 1200 psf (57.6 kN/m2); 6 g pullup

• Five-orbit system design capability; three-orbit mission

• Solid rocket motors for abort and deorbit
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tCrew ejection seats and vehicle recovery chutes

• Horizontal landing capability at any prepared site

• Redundant systems for both safety and mission success

At the NASA's request, a particular effort was made early in the study tc examine
the pros and cons of incorporating the NASA's Canopy D on the HL-10 geometry.
These detailed comparative analyses, presented herein, resulted in selection, with
NASA concurrence, of the Canopy D configuration for the remainder of the study.

Subsystem studies presented in this part include both parametric and comparative
data. For example, static and dynamic loads are discussed for the structural sub-
systems, and laminar and turbulent heating are discussed for the heat shield. Alumi-
num and titanium structural elements, and ablative and radiative heat protection are
discussed. Potential problems of flap heating, flutter and hypersonic buzz were con-
sidered. (These are possible results of unsteady aerodynamics, but require further
wind tunnel testing and analysis. )

Landing and recovery discussions include studies of gear for horizontal landing
(the primary mode) and of chutes, retros and parawings for vertical recovery (the
emergency mode). An innovation is the use of a combined wheel/skid for the main
gear to reduce pitch-down accelerations during touchdown. The crew systems section
discusses seats and indirect vision devices (indirect vision devices may be required
to augment natural out-the-window visibility, which becomes critical during the land-
ing approach--particularly on the small sized vehicles). Display panel area is another
potential restriction.

The recommended navigation and guidance concept makes use of an inertial platform
for the primary mode, strapdown inertial sensors for the backup mode and ground up-
date commands transmitted during the terminal guidance phase. This concept is sub-
stantiated by computer simulation results for the most critical crossrange maneuver
trajectory. The discussion of propulsion requirements considers reaction attitude
control possibilities in conjunction with landing approach emergency thrustors. The
advantages of a nonunified S-band network making full use of existing NASA world-wide
ground and satellite facilities are discussed. The instrumentation section presents
requirements for up to 2000 channels, and the advantages of using remote multiplexing
units. Battery power is shown to have advantages over APU or fuel cells, for the
research missions of concern. The environmental control life support subsystem is

based on Apollo concepts and uses a redundant, 5-psia (34.5 kN/m 2) oxygen environ-
ment.

Weight estimates for the five vehicle sizes are based on the various arrangements
and subsystem design concepts. These weight estimates are:

A = 6 943 lb (3149 kg)
B = 8 1811b (3710kg)
C = 10 283 lb (4662 kg)
D = 12 001 lb (5442 kg)
E = 13 754 lb (6238 kg)
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An important aspect of this part is that it is a source of parametric data which may

be applied to future planning of research or operational lifting entry vehicle. For this
study, it also provides important basis for the recommended research program of
Part VI and the recommended vehicle design of Part VII.
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I. INTRODUCTION

This part, Candidate Entry Vehicle Designs, is Part IV of the final report of
the "Study of the Influence of Size of a Manned Lifting Body Entry Vehicle on Research

Potential and Cost," performed for the NASA under Contract NAS 1-6209. It presents
parametric studies of HL-10 vehicles in 1-, 2-, 4-, 6- and 8-man sizes, each con-
figured to perform the entry research defined in Part II.

An objective of this part is to provide accurate estimates of entry vehicle arrange-
ments, weight and flight environments, together with assessments of weight and crew
resources which are available for entry research activities. These entry vehicle de-

signs, together with the entire system concept, maximize the use of previously devel-
oped and qualified components and subsystems. An additional objective is to identify
technology status and indicate potential problem areas in the various subsystem disci-
plines. The total information, together with research value and costs, provides a
basis for recommending the flight configuration discussed in Parts VI and VII.

The HL-10 configuration, selected by NASA for this study, has a long history of

development. Preliminary research and design activities related to liftingbodies led

to initialdefinition of the HL-10 geometry in early 1962. Since then a broadly based
development program has been under way which included extensive wind tunnel tests

of aerodynamics and entry heating, design analyses and configuration improvements,

and mission feasibility studies. In addition, a piloted HL-10 was built for air-launch

tests at subsonic and transonic speeds. The first research flight was made at
FRC (Edwards AFB) in December 1966. Configuration development included

analyses of the aerodynamic effects of various canopy designs. Of those studied,
Canopy D is aerodynamically acceptable and was used in the present study.

The five HL-10 sizes in this study were determined on the basis that they contain

the specified crew and subsystems for an orbital research mission of up to five orbits

duration. (Missions up to 16 orbits were included in several study aspects.) No ad-

ditional volume was allowed specifically to accommodate research or cargo payloads

when there was a full crew complement. Resources were made available for re-

search by off-loading crew members, except that, in the one-man and two-man sizes,

a small excess volume was available as an outcome of meeting pilot height require-

ments. The sizing process is described inthis part. This report presents arrange-

ment drawings and weight estimates for each of the five entry vehicle sizes. Various
concepts of arrangement are discussed. Interfaces with candidate launch vehicles

(GLV, Titan III and Saturn IB) are also considered (see Part V).

Section II of this report presents the design environment requirements and criteria

which were assembled to serve as guidelines during the parametric configuration
studies. These criteria were based on initial evaluations of overall mission environ-

ments, abort hazards, the research nature of test objectives, and the study statement
of work criteria. Some of the specified flight conditions are considered to be more

severe than required for certain future operational missions, but are used for the
entry research vehicle design to enhance its versatility and potentialities. Heat shield

and structure are examples where excess capability was designed to allow for critical

experiments without subsystem restrictions. This approach causes the weights of
these research vehicles to be larger than for a minimum capability entry system.
There are, however, two potential problem areas which are related to dynamic loads
and local heating on the elevons. In hypersonic flow, with deflected elevons for trim

near L/Dmax, flow separation can occur on the bottom of the vehicle ahead of the
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elevons. This separation may result in unsteady flow, coupled with vibration of the
elevons, giving high dynamic hinge moments. If turbulent flow separation occurs,
local heating may be large where the flow reattaches on the deflected elevons. More
test data and analyses are required to establish reliable design criteria for these
phenomena.

Another design goal was to use existing state-of-the-art capabilities and off-the-
shelf hardware components requiring minimum requalification.

Technology status surveys conducted during each subsystem study served to define
available capabilities and candidate hardware components, and to indic ate de sign trade-
offs. This activity also identified valuable research tasks to be conducted to evaluate
and develop subsystem approaches which have potential for significant improvement in
mission flexibility, reliability, safety, weight or cost (e. g., the heat shield and guidance
experiments defined in Part I_I).

The subsystem studies are applicable to the five entry vehicle sizes. These studies
were, in large part, conducted through parametric analyses, with excursions from a
selected baseline concept. In some subsystem areas, specifications based on these
parametric considerations were sent to potential suppliers. These suppliers' comments
on design, weight, volume, reliability and cost were considered in the selected vehicle
design (Part VII). In other subsystem areas, detailed information was obtained from
contacts with many suppliers and users, including NASA groups at GSFC, MSC, FRC,
LRC, MS FC and KSC.
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II. DESIGN ENVIRONMENT, REQUIREMENTS AND CRITERIA

Design environment, requirements and criteria, developed in accordance with the

requirements of the contractual statement of work and the research nature of the flight
test objectives, are presented in this section. This information was developed early in

the design process to serve as guidelines for the vehicle configuration and subsystem
designs described in the subsequent sections.
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A comprehensive criteria description is presented here to provide a broad set of

pertinent design requirements. In making this document comprehensive, many design
conditions and requirements have been introduced that affect the system in such a de-

tailed manner that complete analysis of design problems is beyond the scope of this
study. However, all criteria and design requirements that are expected to affect study

results were utilized. Requirements not influencing study results are satisfied for the

present either by analysis or on an intuitive basis. The design objective of the program
was to provide a manned HL-10 vehicle with the basic subsystem capabilities to perform
all the research tasks (Part II, Research Program Experiments). However, where this
goal resulted in excessive overdesign or system complications, the capability for simple

modifications to accomplish specific research tasks was to be designed into the basic
vehicle.

The environment, requirements and criteria are directed toward mission concepts

and vehicle designs anticipated for the lifting body entry research flight program, tn
general, mission profiles are described by insertion into near-earth orbits with durations
of up to 16 orbits. These missions include ascent and insertion into near-earth orbits

up to 400 nautical miles (740 kin) altitude. A deorbit maneuver returns the entry ve-
hicle to the earth's atmosphere. Entry flight begins at a 400 000-feet (122-km) altitude,
with subsequent pitch and roll angle modulations to exercise the maneuver capability of

the lifting body and to return to a preselected landing site with a normal horizontal land-
ing. The mission includes contingencies for emergency aborts in all flight phases and
for emergency landing at any land or water location. Specific mission profiles are pre-

sented in detail in Part V, Systems Integration, with general features used as design
guidelines presented in this section.

Overall airborne flight systems include various launch vehicles, transition adapters
and HL-10 lifting body configurations. As specified in the Statment of Work, candidate
launch vehicles were the Gemini Launch Vehicle, Titan HI and versions thereof, and

Saturn I-B, for which pertinent characteristics are presented here. The entry vehicle

was considered to be manned, and was sized for crews of from one to eight.

The following subsections present the environment and criteria for the various mis-

sion phases, subsystem function requirements, and the conditions and criteria necessary
for the conduct of the primary research tasks.

A. PRE LAUN CH

I

I

I

The prelaunch phase, the period during which the vehicle is serviced and prepared

for launching, includes transportation, handling, functional checkout and test firing, and
ends with booster ignition.

"::: • :
•.: ..: : • _ :

• • ODO • Oil. O0 • • • 000 O0

OOQO0

OOO

000

3



.........:. ..... _,.......
:.- ...':i "!i-:. ":. i'i ...-: .i..: .:

OO

000

1. Hoisting and Handling

Vehicle limit handling loads due to hoisting, erecting and assembling shall be based
on a limit load factor of +2 g in any one direction.

2. Transportation

The vehicle shall be designed for air and ground transportation. The environment
associated with this phase shall have no degrading effect on the structural integrity
and/or functional adequacy of vehicle components. The dynamic environment shall be
controlled so that the load factors acting on the vehicle do not exceed the values in
table 1.

TABLE 1

LOAD FACTORS (LIMIT}

Combination Longitudinal Late ral Vertical

A +5.0 g 0 +1.0 g

B 0 +3.0 g +1.0 g

C +1.5 g +0.5 g +3.0 g

3. Functional Checkout

Final functional testing of elevons, rudders, electrical, thrustors, hydraulic, etc.,
shall be provided prior to the launch phase while mated with the booster. Booster tests,
as required, such as static firing and electrical continuity are also included.

4. Environment

Thermal.- The vehicle and equipment shall be designed to withstand unsheltered tem-
per_ f-tom 25 ° to 135 ° F (269 ° to 330 ° K}--based on 100 ° F (316 ° K} free air plus
35 ° F (14 ° K} from solar radiation.

Ground winds.- Vehicle design shall consider the effects of ground winds and gusts
which may act upon the vehicle. The design ground wind profile is shown in NASA TM
X-53023 (ref. NASA SP-8008}.

Miscellaneous.- Protection shall be provided against adverse effects of natural en-
vironments such as rain, humidity, fungus, sand, dust, etc. (ref. MIL-E-5272C).
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B. LAUNCH AND INSERTION

Launch and insertion is defined as that phase which starts with booster ignition and
ends with orbital insertion or thrust termination.

The research missions will consist of launches from Cape Kennedy (Kennedy Space

Center).

All existing range safety requirements will be observed and applied as constraints on

the launch trajectories.

1. Gemini Launch Vehicle Oriented

Design ascent trajectory.- The trajectory shown in figure 1 shall be used as the de-

sign trajectory for the Gemini Launch Vehicle (GLV) booster.

Loading conditions.-

Dynamic pressure and maximum load factor: A maximum dynamic pressure of 750

psf (35 900 N/m 2) occurs 72 seconds after liftoff. A maximum longitudinal load factor

of 7 g occurs at second stage burnout.

Winds aloft: Design winds aloft are given in Gemini Launch Vehicle System Environ-
mental Requirements and Test, Martin Marietta Specification MB-1043. These winds
are based on Avidyne Wind Profile for 1% probability during the winter.

Noise and vibration: The entry vehicle design acoustical environment spectrum

during the launch and exit phase is shown in figure 2. The design vibration environ-

ment is shown in figure 3.

Stiffness: Entry vehicle and adapter stiffness shall be such as to preclude excessive

aeroelastic effects or response to transonic buffeting. Booster stiffness used in the
analysis shall be that shown in Gemini Vibration Analysis for Flight Conditions (Martin

Marietta Report LV-141).

Buffeting: Since adequate analysis techniques for buffeting are not available, con-

figuration details known to induce buffeting should be avoided. Also, the adapter angle
should be as small as other considerations permit, and the adapter stracture should
ensure a theoretical bending frequency for the spacecraft, cantilevered at the adapter/

booster interface, above the second free-free bending frequency of the booster (ref.

NASA SP-8001).

Flutter, buzz, and divergence : The external surface of the entry vehicle shall be
free of obstructive flutter at all dynamic pressures up to 1.5 times the maximum ex-

pected at any Mach number within the normal operating envelope and during ascent
aborts from normal operating conditions (ref. NASA SP-8003 and NASA SP-8004).
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Entry vehicle functions required by booster.-

Navigation and guidance: The entry vehicle primary navigation and guidance system
shall serve as backup to the booster navigation and guidance system during the ascent
flight phase. In the event of switchover, interface will be between the entry vehicle
computer and the booster autopilot. The entry vehicle backup guidance system shall
provide signals (attitude plus integral of acceleration) for monitoring booster and entry
vehicle primary systems. A discrete signal will be required from the entry vehicle
computer for cutoff of the booster final stage engine when correct orbital injection
velocity has been achieved. The capability would be exercised in the event of a guid-
ance switehover.

2. Titan III-2 Booster Oriented

Design ascent trajectory.- The trajectory shown in figure 4 shall be used as the de-
sign trajectory for the Titan III-2 booster.

Loading conditions.-

Dynamic pressure and maximum load factor: A maximum dynamic pressure of 714

psf (34 200 N/m 2) occurs 47 seconds after liftoff. A maximum longitudinal load factor

of 4.3 g occurs at the end of Stage I burnout.

Winds aloft: Design winds for the Titan HI booster shall be obtained from "Detail
Specification for Standard Launch Vehicles (U)," SSS-T-III-010 SLV, Rev. 1, Martin
Marietta (Denver) Report.

Noise and vibration: The entry vehicle design acoustical environment spectrum
during launch and insertion is shown in figure 5. The design vibration environment is
shown in figure 6.

Stiffness: Entry vehicle and adapter stiffness shall be such as to preclude excessive
aeroelastic effects or response to transonic buffeting. Booster stiffness used in the
analysis is derived data presented in "Detail Specification for Standard Launch Vehicles
(U)," SSS-T-III-010 SLV, Rev. 2, Martin Marietta (Denver) Report.

Buffeting: Since adequate analysis techniques for buffeting are not available, con-
figuration details known to induce buffeting should be avoided. Also, the adapter angle
should be as small as other considerations permit, and the adapter structure should
ensure a theoretical bending frequency for the spacecraft, cantilevered at the adapter/
booster interface above the second free-free bending frequency of the booster (ref.
NASA SP-8001).

Flutter, buzz and divergence : The external surface of the entry vehicle shall be free
of destructive flutter at dynamic pressures up to 1.5 times the maximum expected at any
Mach number within the normal operating envelope and during ascent aborts from normal
operating conditions (ref. NASA SP-8003 and NASA SP-8004).
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3. Saturn I-B Booster Oriented

Design ascent trajectory.- The trajectory shown in figure 7 shall be used as the de-

sign trajectory for the Saturn I-B booster.

I

I

I
I

I

Loading conditions.-

Dynamic pressure and maximum load factor: a maximum dynamic pressure of

673 psf (32 200 N/m 2) occurs 70 seconds after liftoff. A maximum longitudinal load

factor of 3.75 g occurs at the end of first stage burnout.

Winds aloft: Design winds aloft will be similar to those defined for the Gemini
Launch Vehicle.

Noise and vibration: The entry vehicle design acoustical environment spectrum
during the launch and insertion phase is shown in table 2.

TABLE 2

VIBRATION LEVE LS

Sinusoidal Random

(nz) (g2/Hz)

16 to 42 at 2 g (PP)

42 to 95 at 0.002 in DA

20 to 2000 at 0.01

300 to 600 at 0.12

95 to 2000 at 10 g (PP)

(up only to 10 rain. )

PP--peak-to-peak acceleration
DA--double amplitude

1000 to 2000 at 0.01

The design noise level (overall acoustic noise) is 141 db.

I
I

I

I

Stiffness: Entry vehicle and adapter stiffness shall be such as to preclude excessive

aeroelastic effects or response to transonic buffeting. Booster stiffness used in the analy-

sis is defined in "Saturn I-B Launch Vehicle Design Data," IN-P and VE-V-63-1, George
C. Marshall Space Flight Center.

Buffeting: Since adequate analysis techniques for buffeting are not available, configura-
tion details known to induce buffeting should be avoided. Also, the adapter angle should
be as small as other considerations permit, and the adapter structure should ensure a

theoretical bending frequency for the spacecraft, cantilevered at the adapter/booster

interface above the second free-free bending frequency of the booster (ref. NASA SP-
S001).
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Flutter, buzz and divergence: The external surface of the entry vehicle shall be free
"of destructive flutter at dynamic pressures up to 1.5 times the maximum expected to be

encountered at any Mach number within the normal operating envelope and during ascent
aborts from normal operating conditions (ref. NASA SP-8003 and NASA SP-8004).

C. LAUNCH AND INSERTION ABORT

An abort shall be initiated in the event a catastrophic boost malfunction appears im-
minent. The primary purpose of the vehicle systems after a malfunction warning shall
be safe recovery of the crew.

I
I

I
I

I
I
I

I

I
I

I
I

1. Human Factor Limitations

Recovery measures utilized during an abort sequence shall not result in forces on
the crew that exceed human tolerances. Human limits used in the design of recovery
systems shall not exceed 6 g in the eyeballs-down condition or 13 g in the eyeballs-in
condition. Ejection seats that result in an eyeballs-down force greater than 6 g can be
used so long as the time duration at the peak g level does not result in crew disability.

2. Shock Overpressure Criteria

Shock overpressure criteria associated with pad and in-flight propellant tank rup-
tures shall be computed as indicated in this section.

TNT equivalents.-

N204/50-50 propellant: The TNT equivalent for this propellant combination shall

be 2% of the propellant weight for in-flight aborts and 2% for pad aborts.

Solid propellant: The TNT equivalent for solid propellant shall be computed using
the following relationship:

TNT = pV Cp T
QTNT

where

p = combustion gas density = 0.212 lbM/ft 3 (3.39 kg/m 3)

V = pert volume of motor

Cp = specific heat of combustion gas = 0.67
Btu/lbM °R (1560 J/kg °R)

T = combustion gas temperature = 6160 ° R

Q = specific heat release of TNT = 1985 Btu/lbM (4.61 MJ/kg)

For these studies, a single Titan III-7 solid rocket motor TNT equivalent of 590 IbM
(268 kg) will be used for all Titan III applications.
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Lox/RP-1 propellant: The TNT equivalent for this propellant combination shall be
10% of the propellant weight.

Lox/LH 2 propellant: The TNT equivalent for this propellant combination shall be

60% of the propellant weight.

Pad abort shock overpressures.- Figure 8 shall be used to determine the maximum
distance from the explosion center at which a shock overpressure can be realized, and
the time it takes for the shock overpressure to travel that distance. The scaled dis-
tances and times shall be corrected by multiplying by the cube root of the applicable
TNT equivalent.

In-flight abort shock overpressure.- Figure 9 shall be used to determine the maxi-
mum distance from the explosion center at which a shock overpressure can be realized,
and the time it takes for the shock overpressure to travel that distance. The equivalent
overpressure is equal to the actual shock overpressure times the ratio of the sea level-
to-flight altitude static pressures. The actual values of distances and propagation times
are calculated by the following equations.

Distance, D = D 1 x (TNT} 1/3 x (P0/PA)1/3

Propagation time, t = t 1 x {TNT) 1/3 x (P0/PA)1/3 x (T0/TA }1/2

where

P0 = sea level ambient pressure

PA = flight altitude ambient pressure

T O = sea level ambient temperature, °R

T A = flight altitude ambient temperature, °R

3. Gemini Launch Vehicle (GLV) Oriented

Procedure. -

Pad abort: Ejection seats will be utilized for crew escape in the event of a pad abort.

Ascent to Mach 1.4: Ejection seats will be utilized for crew escape.

Mach 1.4 to insertion: Terminate booster engine thrust and use deorbit motor to pro-
vide separation from booster. Separate adapter and orient vehicle in proper attitude for
recovery.
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Recovery flight: Control the vehicle to limit recovery conditions (discussed later).
and to achieve desired recovery location. Use horizontal ground landing, if possible;
ff not, control vehicle to the recovery location and, at an altitude of about 5000 feet
(1.5 km} use ejection seat to escape from vehicle.

I

I
I

GLV explosion hazards.-

Pad aborts: Shock overpressure criteria will be based on a TNT equivalent of
6320 IbM (2870 kg) and the scaled propagation times, scaled distances and shock
overpressure relationships presented in subsection 2. Fireball and fragmentation
criteria are presented in table 3.

I

I
TABLE 3

GLV PAD ABORT FIREBALL AND FRAGMENTATION
CHARACTERISTICS

Fireball Characteristics

Shape ......................... hemisphere

Size(diameter) .................... 610 (186 m)

Thermal data :

Available thermal energy ......... 108 x 106 Btu (114 GJ)

Average peak dose-rate .......... 12 x 106 Btu/sec (13.7 GJ/sec)

Normalized radiant dose-rate

versus time .................. see figure 10

I

I
I

I
I

I
Radiant pulse duration ........... 12 sec

Effective radiative temperature ..... 3100 ° R

Maximum temperature ........... 3500 ° R

Fragmentation Characteristics

Significant fragment lethal range:

80% of significant fragments at less than 305 ft (93 m) radius

20% of significant fragments at less than 610 ft (186 m) radius

I
I
I
I

I
I
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In-flight aborts: Shock overpressure criteria shall be based on a TNT equivalent
of 1% of the onboard propellant at the specific time and corresponding trajectory con-

ditions presented in figure 10. The TNT equivalent and corresponding altitude shall
then be used to determine the shock overpressure criteria. Fireball and fragmenta-

tion criteria are presented in table 4.

TABLE 4

GLV IN-FLIGHT ABORT FIREBALL AND FRAGMENTATION
CHARACTERISTICS

Fireball Characteristics

Shape (Stage I} .................... see figure 11a

Shape (Stage II} ................... see figure llb

Size (Stage I) ..................... see figure lla

Size (Stage IT} .................... see figure 11b

Thermal data:

Total radiation ................ 175 Btu/lbM propellant {407 kJ/kg}

(For weight of propellant see fig. 11.}

Radiant pulse duration ........... see figure 11.

Maximum temperature .......... 3500 ° R (at source}

Fragmentation Characteristics

Initial fragment velocities ............ less than 550 fps (168 m/sec}

In high flight dynamic pressure region, heavy fragments will drift forward
up to two times the fireball radius (fig. 11}; lightweight fragments will be

swept back.

Ejection seat recluirements.- The ejection seat separation rocket motor shall have
sufficient impulse to provide safe recovery of the crew in the event of an on-pad booster
explosion. The seat shall include sufficient gear for a 5-day water survival.

Maximum load factor abort recovery history.- Recovery from an abort at a velocity
of 13 500 fps (4.11 km/sec) will result in peak loading conditions. This will require

pitch modulation for 60 seconds to limit the loading to 6 g. Roll angles prior to this
time period shall not exceed +10 °.

Maximum heating rate abort recovery history.- Recovery from an abort at a veloc-

ity of 21 500 fps (6.55 km/sec) will result in peak heating conditions. This requires that

17
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the vehicle be held in a C L attitude with roll angles not exceeding +10 ° from abort
max.

separation until after the peak heat pulse is receding or until "Y = 0.

4. Titan III-2 Booster Oriented

Procedure.-

Pad abort: Rocket motors will provide separation from the booster and sufficient
altitude and velocity to ensure safe recovery. After thrust termination, the adapter
will be separated and the vehicle controlled to a point where recovery procedures can
be initiated. A minimum recovery altitude of 1500 feet (457 m) will be used for sizing
abort rocket motors. Ejection seat recovery will be used for crew sizes of less than
three men. Complete vehicle recovery will be provided for crew sizes of three or more
men.

Liftoff to insertion: Terminate booster engine thrust and use rocket motors to
separate from booster. Separate adapter and orient vehicle in proper attitude for

recovery.

Recovery flight: Control the vehicle to limit recovery conditions (discussed later)
and to achieve desired recovery location. Use horizontal ground landing if possible;
if not, control the vehicle to an altitude and velocity where recovery procedures can
be initiated. Ejection seat recovery will be used for crew sizes of less than three
men. Complete vehicle recovery will be provided for crew sizes of three or more
men.

Explosion hazards. -

Pad aborts: Shock overpressure criteria shall be based on a TNT equivalent of
8200 IbM (3720 kg), and the scaled propagation times, scaled distances and shock
overpressure relationships presented in subsection 2. Fireball and fragmentation
criteria are presented in table 5.

TABLE 5

I

I

I

I

I,
I

I i

I

I

I

I

I

I
TITAN 111-2 PAD ABORT FIREBALL AND FRAGMENTATION

CHARACTERISTICS I

2O

Fireball Characteristics

Shape .......................... hemisphere

Size (diameter) ................... 650 ft (198 m}

Thermal data:

Available thermal energy ........

Average peak dose rate .........

Normalized radiant dose rate
versus time

297.2 x 106 Btu (313 GJ)

29.2 x 106 Btu/sec (30.8 GJ/sec)

see figure 12
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TABLE 5. --Concluded

TITAN III-2 PAD ABORT FIREBALL AND FRAGMENTATION

CHARACTERISTICS

Radiant pulse duration ............... 12 sec

Effective radiating temperature ........ 3100 ° R

Maximum temperature .............. 3500 ° R (at source)

Fragmentation Characteristics

Significant fragment lethal range:

80% of significant fragments at less than 325 ft (99 m) radius

20% of significant fragments at less than 650 ft (198 m) radius

In-flight aborts: Shock overpressure criteria shall 'be based on a TNT equivalent
of 4100 IbM {1860 kg) for all altitude conditions through separation of Stage 0. At
flight conditions after Stage 0 separation, the TNT equivalent shall be 1% of the total
propellant on board at the specific time considered. Shock overpressure criteria

shall be determined by use of the appropriate TNT equivalent and flight altitude as
indicated in subsection 2.

Fireball and fragmentation criteria are presented in table 6.

TABLE 6

TITAN III-2 IN-FLIGHT ABORT FIREBALL AND FRAGMENTATION

Fireball Characteristics

Shape .........................

Size .........................

Thermal data (during Stage 0 flight):

Total radiation ...............

Radiant pulse duration ..........

Maximum temperature .........

see figure 13

see figure 13

5.4 x 106 Btu {5.69 GJ)

1 sec

3500 Q R {at source}
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TABLE 6.--Concluded

TITAN III-2 IN-FLIGHT ABORT FIREBALL AND FRAGMENTATION

Fragmentation Characteristics

Low flight dynamic pressure range ....... fragment velocities less than
500 fps (152 m/sec}

High flight dynamic pressure range ....... Heavy fragments will drift forward
up to two times fireball radius at
the flight condition (lethal range} ;
lightweight fragments will be swept
back.

Separation rocket motor requirements.-

Pad abort: Sufficient rocket motor impulse shall be provided to limit explosive

overpressure on the entry vehicle to 7 psig (4.83 kN/m 2 g). Also, sufficient sus-
tained thrust shall be provided to ensure sufficient altitude and velocity for safe
vehicle recovery.

Ascent separation: Sufficient rocket motor impulse shall be provided to separate
the entry vehicle from the booster at the maximum dynamic pressure condition dur-
ing ascent.

Ejection seat requirements.- The ejection seat shall provide a recovery capa-
bility at any altitude below 40 000 feet (12.2 km) and any velocity below Mach 1.
The seat shall include sufficient gear for a 5-day water survival.

Entry vehicle recovery requirements. - The entry vehicle system shall provide for
safe recovery of the crew for either a ground or water landing. Vehicle reuse after
an emergency recovery is not required.

Maximum load factor abort recovery history.- Recovery from an abort at a velocity
of 13 500 fps (4.11 km/sec} (R} will result in the peak loading conditions shown in
figure 14. This will require pitch modulation for 51 seconds to limit the loading to 6 g.
Roll angles prior to this time period shall not exceed +10 ° .

Maximum heating rate abort recovery.- Recovery from an abort at a velocity of
21 500 fps (6.55 km/sec) will result in the peak heating conditions shown in figure 15.

This requires that the vehicle be held in a CL attitude, with roll angles not
max.

exceeding +10 ° , from abort separation until after the peak heat pulse is receding or
until _ = 0.
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5. Saturn I-B Booster Oriented

Procedure. -

Pad abort: Rocket motors will provide separation from the booster and provide

sufficient altitude and velocity to ensure safe recovery. After thrust termination,
the adapter will be separated and the vehicle controlled to a point where recovery
procedures can be initiated. A minimum recovery altitude of 1500 feet (457 m) will
be used for sizing rocket motors. Ejection seat recovery will be used for crew sizes
of less than three men. Complete vehicle recovery will be provided for crew sizes
of three or more men.

I
I
!

!
i

Lift•if-to-insertion: Terminated booster engine thrust and use rocket motors to
separate from booster. Separate adapter and orient vehicle in proper attitude for

recovery.

Recovery flight: Control the vehicle to limit recovery conditions (discussed later)
and to achieve desired recovery location. Use horizontal ground landing if possible;
if not, control the vehicle to an altitude and velocity where recovery procedures can
be initiated. Ejection seat recovery will be used for crew sizes of less than three
men. Complete vehicle recovery will be provided for crew sizes of three or more
men.

I!

I
I

Explosion hazards.-

Pad abort: Shock overpressure criteria shall be based on a TNT equivalent of
219 617 ibM (99.6 Mg) of TNT, and the scaled propagation times, scaled distances
and shock overpressure relationships presented in subsection 2.

Fireball characteristics are presented in table 7.

TABLE 7

SATURN I-B PAD ABORT FIREBALL CHARACTERISTICS

Shape ......................... hemispherical

Size (diameter) .................. 844 ft (257 m)

I

I

I
Rise rate ......................

Heat flux versus distance from
fireball surface ..................

see figure 16

see figure 17.

Separation rocket motor requirements.-

Pad abort: Sufficient rocket motor impulse shall be provided to limit explosive

overpressure on the entry vehicle to 7 psig (48.3 kn/m2g). Also, sufficient sustained
thrust shall be provided to ensure sufficient altitude and velocity for safe recovery.
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Ascent separation: Sufficient rocket motor impulse shall be provided to separate •
the entry vehicle from the booster at the maximum dynamic pressure condition during
ascent.

Ejection seat requirements.- The ejection seat shall provide a recovery capability
at any altitude below 40 000 feet (12.2 km} and any velocity below Mach 1.2. The seat
shall include sufficient gear for a 5-day water survival.

Entry vehicle recovery requirements. - The entry vehicle system shall provide for
safe recovery of crew for either a ground or water landing. Vehicle reuse after an
emergency recovery is not required.

Maximum load factor abort recovery history.- Recovery from an abort at a veloc-
ity of 8750 fps (2.67 km/sec} will result in the peak loading conditions shown in figure 18.
This will require pitch modulation as shown for 51 seconds to limit the loading to 6 g.
Roll angles prior to this time period shall not exceed +10 °.

Maximum heating rate abort recovery. - Recovery from an abort at a velocity of
21 500 fps (6.55 km/sec} (relative} will result in the peak heating conditions shown in

figure 19. This requires that the vehicle be held in a C L attitude with roll angles
max.

not exceeding +10 ° from abort separation until after the peak heat pulse is receding
or until _'= 0.

D. SPACEFLIGHT ENVIRONMENT

The spaceflight phase starts at orbital insertion and ends at deorbit.

1. Orbit Characteristics

Earth.- Earth rotation and oblateness shall be considered in orbit determination.

Altitude.- Orbit altitude shall be no less than 80 nautical miles (148 kin) nor greater
than 400 nautical miles (741 kin) with the exception of a 3/4 orbit flight which can use
lower perigee altitudes.

Duration.- Three orbits shall be used as the design mission. However, sufficient
subsystem capability shall be provided for a 5-orbit period in the event of an emergency.

Orbit profile.- The design orbit profile and ground trace are shown in figures 20
and 21.

2. Natural Environment

The natural environment during the period the vehicle is in orbit will have an effect
on many of the materials selected and vehicle equipment locations. Because of the
short time and the low altitude of the orbit, radiation and micrometeoroid impact are
not expected to result in a hazard for the crew or entry vehicle systems.
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High vacuum environment.- Subsystems with components exposed to high vacuum
environment will not utilize material or design arrangements that will be detrimentall_
affected. Materials affected by loss of various constituents from the surface must
have been previously qualified for space application prior to HL-10 design application.
Design arrangements that could result in vacuum .bonding (or cold welding} shall be
avoided wherever possible. No condition that results in flight safety hazards will be
utilized.

Radiation.- Solar and cosmic radiation are not expected to present a design hazard
for the low altitude short time missions under consideration. Sufficient shield thick-
ness will be provided to minimize any crew exposure hazard.

Micrometeoroids.- Micrometeoroids are not expected to present a design hazard.
Sufficient shield thickness will be provided to minimize any crew safety hazard.

3. Navigation Requirements

Required navigation data during orbit consist of three-axes position, velocity, and
attitude. Position and velocity determination shall be accomplished by ground tracking
networks. Onboard attitude measurement shall utilize horizon scanners plus gyro-
compassing for yaw. Dependence on precision attitude to enable a normal landing
stipulates the provision of dual horizon scanners. Deorbit commands of required atti-
tude, AV and initiation time shall be transmitted from ground control. Any bank angle
(or crossrange) bias commands needed to compensate, during the entry phase, for or-
bital plane variations from the planned nominal shall also be transmitted.

4. Attitude Control Requirements

The attitude control system shall provide limit cycle operation and be able to hold
attitude to within a -+_5° band.

E. ENTRY AND ATMOSPHERIC FLIGHT

i. Procedure

Deorbit. - Align vehicle for deorbit thrusting with attitude control system. Start
thrusting at prescribed time. Maintain alignment during thrusting with attitude control
system.

Entry to 400 000 feet {122 km I. - Separate adapter from entry vehicle with special
adapter propulsion system. Orient vehicle to check separation and deorbit entry con-
dition. At or before 500 000 feet (152 kin), orient vehicle to proper entry attitude and
maintain with reaction control system (RCS).

From 400 000 feet 4122 kin) to after communications blackout.- Use RCS for vehicle
control until deceleration force exceeds 0.1 g. At that time, switch vehicle control to
aerodynamic surfaces. Conduct desired maneuvers and experiments.
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After blackout to high key. - Receive ground update to check entry navigation and
guidance. Make corrections for any flight path dispersions that have occurred.

High-key to low-key.- Using terminal site ground data, make required maneuvers
to control vehicle to low key (start of final straight in landing approach} position. At
Mach 2.4 jettison the heat shield cover and pitch vehicle to front side of L/D curve.

Low-key to touchdown. - Using visual control, perform the final landing approach,
flare and touchdown.

2. Entry Trajectories

Four entry trajectories represent the bounds of the environment to be encountered

on a normal controlled entry at _'0 = -1.5 ° and a velocity of 25 860 fps (7.88 km/sec)

(inertial}.

= , 0 °_/0 -1.5 ° , L/Dmax. roll trajectory. - The trajectory shown in figure 22 results

in the longest flight time and the highest total heating conduction.

in

_'0 = -1.5 ° , C L , 0 ° roll trajectory.- The trajectory shown in figure 23 results
max.

high total lower surface heating.

_'0 = -1.5 ° , L/Dmax., 75 ° roll trajectory. - The trajectory shown in figure 24 results

in the peak stagnation heating rate, the peak dynamic pressure and the peak load factor
for the entry environment.

_/0 = -1.5 ° , C L , 75 ° roll trajectory.- The trajectory shown in figure 25 results
max.

in the peak lower surface heating rates and the shortest entry time.

Dispersions. - Anticipated design dispersions on _/0 are -1.4 ° to -1.6 ° and on entry

velocity are 25 775 (7.86) to 25 945 fps (7.91 km/sec}.

3. Loading Conditions

Possible entry loading conditions for controlled entry at an initial entry angle of

_0 = -1"5° and a V 0 = 25 860 fps (7.88 km/sec) (inertial) are given in figure 26 as

functions of angle of attack and roll angle.

4. Heating Conditions

Entry heating envelope.- Possible convective stagnation heating conditions for con-

trolled entry at an initial entry angle of Y0= -1.5 ° and a V 0 = 25 860 fps (7.88 km/sec)

(inertial) are given in figure 27 as functions of angle of attack and roll angle.
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V I = 25 850 FPS

71 = -1.5 °

W/S ffi50 PSF

FIGURE 26.

v i = 25 860 FPS

7 i ffi-1.5 °

W/S = 50 PSF
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Laminar-flow body heating.- The laminar-flow body heating distribution will be
"based on theoretically correlated wind tunnel test data as reported in "Research
Studies and Analysis to Define Manned Lifting Entry Flight Environment VoL I,"
CR-639 (ref- 8).

Turbulent-flow body heating. - The turbulent-flow body heating distribution will be
based on theoretically calculated data utilizing wind tunnel pressures reported in
NASA TM X-1135.

Laminar-to-turbulent transition.- Transition from laminar to turbulent heating
will be assumed to occur at a Reynolds number based on a momentum thickness of
2OO.

F. LANDING AND RECOVERY

1. Horizontal Landing

Landing procedures.- The landing procedure is started on a constant glide with a
flight path angle of about -30 °. At an altitude of about 1500 feet (460 m), a flare ma-
neuver is initiated to change the glide path to about 1 ° to 2 ° and this is held to touch-
down. Landing gear extension occurs about 5 seconds prior to touchdown. Vehicle
angle of attack at touchdown shall not exceed 20 ° .

Landing site characteristics.- The primary landing site shall be Edwards Air Force
Base. However, the vehicle shall have the capability of landing at any base with a
10 000-foot (3.05 kin} long by 300-foot (91.4 m} wide runway.

Landing wind conditions. - A maximum cross wind of 20 knots (10.3 m/sec} shall
be used for the landing system design.

Maximum velocity.-

Horizontal velocity: A maximum horizontallanding velocityof 230 knots (118 m/sec)
shallbe used for landing system design.

Vertical velocity: The maximum vertical velocity (impact} used in the landing sys-
tem design shall be 13 fps (3.96 m/sec).

2. Vertical Recovery

Vertical landing will be used as the primary means of crew recovery in the event of
an ascent abort or emergency landing for crew sizes larger than three men. The ve-
hicle may sustain structural damage during this recovery mode. However, the vehicle
must remain bouyant in the event of a water landing. Subsystems shall be reviewed in
conjunction with MIL-A-8865.

Procedure. - Vehicle recovery will be initiated with the vehicle being pitched to the

maximum trim angle at altitude of approximately 5 000 feet (1.02 km), resulting in a
velocity of Mach 0.3. Chutes will be deployed in a reefed condition. Chutes are to be
dereefed after the vehicle reaches terminal velocity.

" " :i::i:-:i" ".i '•. ... • ...
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Water landing.- The vehicle system shall provide capability for safe water landing:
Vehicle attitude at impact will be such as to minimize loads and to ensure a final top-
side up attitude in the water. Consideration shall also be given to proper impact load
direction alignment for safe crew survival.

Ground landing.- The vehicle system shall provide capability for safe ground landing.
Vehicle attitude at impact will be such as to maximize shock attenuation in structure
and minimize loads on crew members.

Maximum landing velocities.-

Vertical impact velocity: The design maximum vertical impact velocity shall be 25
fps (7.62 m/sec).

Horizontal impact velocity: The design maximum horizontal impact velocity shall be
35 fps (10.7 m/sec).

3. Pilot's Visual Requirements

Canopy-D is used on HL-10 to provide direct pilot vision for landing the vehicle.
This direct approach is preferred. If on the smaller vehicles adequate canopy vision
cannot be achieved, however, an indirect approach {e. g., fiber optics} will be utilized.

Canopy-D.- A conical wraparound windshield will be used on the HL-10 as the for-
ward part of Canopy-D. This canopy will have a jettisonable heat shield cover to pro-
tect the windshield. This cover will be jettisoned at Mach 2.4 on a normal entry, or
as soon as possible if an abort occurs before this velocity is reached.

G. SYSTEM FUNCTIONAL REQUIREMENTS

This section defines the subsystem functional requirements that must be provided
and the design criteria for each system. Also included is the safety factor criterion
or philosophy utilized for each subsystem. The basic HL-10 geometry and pertinent
dimensions are defined in subsection 3.

1. Reliability

Entry vehicle subsystem reliability criteria.- A mission success value of 95% has
been established as a design goal for the HL-10 entry vehicle system for the time
period from liftoff to touchdown. The apportionments shown in table 8 are derived
from the 95% goal and reflect the reliability criteria against which the individual
subsystem designs were evaluated.
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TABLE 8

I
I

I

SUBSYSTEM RE LIABILITY CRITERIA

Subsystem Apportionment

Structures and heat shield .............

Electrical power ...................

Guidance and navigation ..............

0.99000

0.99999

O.98140

Control electronics .................

Reaction control ...................

0.99997

0.98350

I
I
I

Flight control actuation ..............

Environmental Control/Life Support (EC/LS)

Landing .........................

Deorbit .........................

Communications ...................

0.99720

0.99813

0.99910

0.99996

0.99900

Total ........................... 0.95

Instrumentation subsystem reliability criteria.- The reliability goal for the instru-
mentation subsystem is defined as a 99.9% chance of obtaining at least 95% of the meas-
urements for a given flight.

Launch vehicle requirements.- The effect of launch vehicle reliability on total mis-
sion success will be shown parametrically over the 0.80 to 1.0 probability range. The
latest booster reliability estimates available were on this curve.

I

I
I

I
I

I

Mission safety probability criteria. - A goal of 0. 995 has been established as the
probability of no catastrophic malfunction causing crew loss over the flight time of the
entry vehicle. Analysis of mission safety included all sources of potential catastro-
phies (for both entry and launch vehicles} as defined by the abort studies.

2. Reuse and Refurbishment

The entry vehicle subsystem shall be capable of reflight with a minimum of refurbish-
ment In a normal turnaround time of three months. As a design goal, a requirement for
three reuses was utilized in the subsystem design. All systems not requiring refurbish-
ment were designed with functional checkout capability without being removed from the
entry vehicle. All systems requiring refurbishment were designed and installed in the
entry vehicle in such a manner that replacement can be accomplished as components,
with a minimum of subsystem disassembly.
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3. Configuration and Arrangement

The following configuration and arrangement requirements provide design infor-
mation on HL-10 geometry and were used as a guide in subsystem design and sizing
studies.

HL-10 geometry.- The basic HL-10 with the D canopy is shown in figure 28. (ref.
NASA TMX 1015, 1020, 1125, and 1161}. The D canopy conical windshield geometry

utilized in the study is shown in figure 29. The geometry for the HL-10 tip fin I4 is

shown in figure 30. The geometry for the HL-10 elevon V 2 (modified for the D canopy)

is shown in figure 31. The geometry for the HL-10 elevon flap for the V 2 elevon

(modified for the D canopy} is shown in figure 32. The geometry for the HL-10 center

dorsal fin E2 is shown in figure 33. The geometry for the HL-10 tip fin flaps (fin I4}

is shown in figure 34. Control surface areas for the five HL-10 sizes (1, 2, 4, 6 and
8 men} are Shown in table 9. A summary of the basic HL-10 D canopy configuration
parameters is shown in table 10.

Abort configuration.- The HL-10 adapter configuration used in an atmospheric
ascent abort will be aerodynamically stable.

Access.- Internal or external access will be provided for systems or subsystem
components that require refurbishment between flights or possible replacement dur-
ing pad checkout and countdown procedure.

4. Heat Shield

This subsection defines heat shield requirements and design condition for a manned
HL-10 research vehicle.

Definitions. -

Maximum heating rates : Highest calculated heating rate that can occur at a point
on the entry vehicle with controlled flight using the conditions defined in subsection C
or subsection E.

Maximum total heating: Highest calculated total heating that can occur at a point
on the entry vehicle with controlled flight using the conditions defined in subsection C
or subsection E.

Maximum temperature : Highest temperature that occurs at a point in the structure
or heat shield at any time during or after aerodynamic heating.

Design heating rate: Maximum heating rate times the required factor of safety.

Factor of safety: A multiplication factor used on the maximum conditions to obtain
the design conditions. This factor is used to provide for technological uncertainties in
heat prediction and heat shield analysis.

•O
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FIGURE 28. MODIFIED CANOPY CONFIGURATION DATA
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TABLE 9

HL-10 WITH CANOPY, CONTROL SURFACE AREAS

I

I

I
I

I
I

I
I

I
I

I
I

I
I

I

Number of crew 1 2 4 6 8

Length (L), ft (m)

Planform (SREF), ft 2 (m 2)

Elevon V 2 (SEL), ft 2 (m 2)

E levon

Center

flap (Sef), ft 2 (m 2)

fin (E2) (ScF), ft 2 (m 2)

Rudder (R1) (SRuD) , ft 2 (m 2)

Tip fin (I4) (STF), ft 2 (m 2)

Outboard fin flap (Sof), ft 2 (m 2)

Inboard fin flap (Sif), ft 2 (m 2)

Tip to tip span, ft (m)

20.0

(6.1)

143

(13.3)

6.45

(0.599)

14.1

(1.31)

3.98

{0. 370)

12.65

(i. 17)

3.06

(0.284)

2.19

(0.204)

14.3

(1.35)

21.2

(6.48)

162

(15.1)

8.82

(0. 819)

7.28

(0. 676)

15.9

(1.47)

4.50

(0.418)

14.2

(1.33)

3.45

(0.320)

2.47

(0.230)

15.2

(1.41)

23.4

(7.13)

196

(18.2)

10.7

(0. 994)

8.83

(0. 820)

19.2

(1.79)

5.45

(0.507)

17.3

(1.61)

4.18

(0. 389)

3.00

(0.279)

16.0

(1.49)

NOTES: Fixed surface areas include movable surfaces

Movable surface area is aft of hinge only.

"o • oo .. . .:oo.."o*o ooo oo
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25.0

(7.62)

224

(20.8)

12.2

(1.13)

10.1

(0.936)

22.0

(2.04)

6.22

(0. 578)

19.8

(1.84)

4.77

(0.444)

3.42

(0.318)

17.8

(1.66)

O0

26.4

(8.05)

249

(23.1)

13.6

(1.26)

11.2

(1.04)

24.5

(2.28)

6.94

(0. 645)

22.0

(2.05)

5.32

(0.495)

3.82

(0. 355)

18.8

(1.75)
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TABLE 10
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OO0 O0

HL-10 BASIC CONFIGURATION PARAMETERS

:'" |

Body "B"; fin "E2"; tip fin "I4"; elevons "V2"; rudder "R lu

CG-*Sta = 53% L;WL = 1.25% L; L/b = 1.55

Basic size L=254in. (6.25 m);cone _ = 16 °

Nose andLERAD RN =0.04725 L

Planform area of body (to Sta 254 1.0) SRE F = 0. 357462L 2

Total external volume (to incl elev--no fins) VTO T = 0. 04712L 3

X =Body external volume to bulkhead (r = 0.84) VBD 0. 0397L 3

= 0. 908L 2Total surface area (to base--no fins) S
WTOT

X
Surface area of body to bulkhead (_ = 0.84) S = 0. 698L 2

WBD

Gross surface area (body plus fin projected area) = 1. 00639L 2

Base area (body + elev + fins)--no boattailing SBASE = 0. 05011L 2

= 0. 01612L 2Elevon (V2) area (EA)--aft of Hg SEL

Center fin (E2) area--includes rudder SCF = 0. 03515L 2

Rudder (R1) area (EA)--aft of Hg; SRU D = 0. 009958L 2

Tip fin (I4) area (EA)--includes flaps; STF = 0. 031618L 2

With Canopy

l
I

l
I
l

l
l

I

l
Body "B"; fin "E2" ; elevon "V2" ; tip fin "I4" ; rudder R1; canopy "D"

CG -_ Sta 53%L; WL = -1.25% L; L/b = 1.55 ¢c = 16°; RN = 0.04725L;

SRE F = 0. 357462L 2

Total external volume (to base--incl can--no fins) VTO T = 0. 05114L 3

Body external volume to bulkhead (X/L = 0.84) VBD = 0. 0430L 3

Surface area (to base--inel can--no fins) SWToT = 0. 958L 2

Surface area of body to bulkhead (X/L = 0.84) SWB D = 0. 737L 2

Gross surface area (body + fin projected area + can) = 1. 05639L 2

Base area (body + elev + fins + canopy) SBASE = 0. 05511L 2

:"" i ...... """" "'" "'" "" : """•.. -.• :
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' Requirements.- This subsection defines heat shield design requirements for the
" HL-10 manned entry research vehicle. Basic design arrangement constraints and

critical design conditions are defined.l

I
Arrangement: The heat shield concept utilized shall be an ablative configuration

that can be refurbished.

De sign conditions :

I

l

l
I

(a) Ascent heating: Ascent heating is not a critical design condition unless low
temperature radiative heat shields are used on the upper surface of the vehicle. The
heating rate capability of the upper surface heat shield shall not be exceeded.

(b) Ascent abort heating: This condition will produce maximum heating rates on a
large portion of the windward surface of the vehicle. The entry vehicle heat shield
shall provide protection from the ascent abort heating conditions defined in subsection C.

(c) Entry heating: This condition will produce maximum total heating and maximum
heating rates over most of the vehicle's surface. The heat shield shall provide protec-
tion against the conditions defined in subsections E. 2 and E. 4.

Design requirements.-

I
I
I

I

Structural temperatures: The heat shield shall protect all portions of the pressurized
structure to limit its maximum temperature to 200 ° F (366 ° K) (in the absence of any
effect of cabin environmental control system). The maximum temperature of the un-

pressurized fins and control surfaces shall not exceed 800 ° F (700 ° K).

Ablator support panel temperatures: The ablator support panel shall be limited to
a maximum temperature of 800 ° F (700 ° K) based on design heating conditions or
700 ° F (644 ° K) based on maximum heating conditions. The design ablator thickness
shall be determined from the condition previously defined.

Factors of safety.- The factors of safety defined in table 11 will be applied to maxi-
mum heating rates to define design heating rates.

I
TABLE 11

HEAT SHIELD FACTORS OF SAFETY

l Location
Heating rate

factor of safety

l

l
l

l

Windward surface areas

I_eward surface areas

Lower elevon surface

FS = 1.15 for qi >7% qs

FS = 1.25 for qi <7% qs

FS= 1.50

FS = 1.12

qi = Local heating at point on body based on calculated values

qs = Stagnation heating

FS=Safety:f_'ct_'" i "i i]_"1%1_;_ "'i :'i ":i :.'i
" :..: : .. .. • • • ... ..
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Materials.-
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Ablative: Ablative materials utilized in the study were: (1} ESA-3560H for the

windward surface where the heating rates are below 125 Btu/ft2-sec {142 kW/m2},_

(2) ESA-5500 for the windward surface where the heating rates are above 125 Btu/

ft2-sec (142 kW/m2}; (3} MA-25S for the leeward vehicle surfaces; and (4) silica

phenolic for hatch and access door edge members.

Radiative: SuperaUoy radiative heat shield can be used as part of the basic heat
shield if such utilization results in a more efficient design. Application of refractory
metals or film cooling shall be avoided as part of the basic heat shield unless they
are confined to local areas where clear advantages are established.

General: These particular heat shield materials limitations do not preclude appli-
cations of other ablators, radiative materials or film cooling concepts as possible
research task experiments.

5. Structure

This subsection defines structural requirements and design conditions for a manned
HL-10 research vehicle.

Applicable documents.- The following documents provided guidelines for the study.

Military specifications:

MIL-HDBK-5

MIL-H-8860 (ASG)

NASA specifications:

NASA SP- 8001

NASA SP- 8002

NASA SP- 8003

NASA SP- 8004

NASA SP- 8008

Strength of Metal Aircraft Elements

Airplane Strength and Rigidity, General Specification for

NASA Space Vehicle Design Criteria, Buffeting During
Launch and Exit

NASA Space Vehicle Design Criteria, Flight- Loads
Measurements During Launch and Exit

NASA Space Vehicle Design Criteria, Flutter, Buzz,
and Divergence

NASA Space Vehicle Design Criteria, Panel Flutter

NASA Space Vehicle Design Criteria, Prelaunch Ground
Wind Loads

50
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Limit Load: The applied load.

Ultimate load: The product of limit load and the applicable ultimate factor of safety.

Factor of safety: A multiplication factor used to increase anticipated applied loads
design magnitudes, to ensure structural adequacy and attain specified reliability,

Failure: A condition when a given component can no longer perform its intended
function.

Load factor: The ratio of the net external force acting upon a mass to the weight
of that mass.

Requirements.- This subsection establishes structural design requirements for an
HL-10 entry vehicle and its adapter. Environmental conditions which affect structural
design were previously defined. The spacecraft structure shall withstand all design
loads and environments without deflections or deformations detrimental to mission
performance or refurbishability.

Structural design conditions:

I
I

I
I

I
I

I

(a) Prelaunch: The structural design shall consider the environment defined in sub-
section A. Maximum permissible loadings during handling should be defined by the capa-
bility of the structure that has been designed to withstand flight loads.

(b) Launch and insertion: During the boost phase, design loading conditions will occur
when the nominal flight is disturbed by winds turbulence and discrete gusts. Adapter
internal pressure shall be considered during ascent, with controlled venting, if necessary,
to reduce loads. Structural heating effects shall be considered in analysis and design,
particularly during the booster and sustainer engine cutoff phases, which provide maxi-

mum accelerations. Maximum design q for various boosters and insertion altitudes
were presented in subsection B.

(c) Spaceflight: Characteristics of spaceflight that can influence structural design
are the effects of radiation and the high vacuum environment and the probability of mete-
oroid encounter. The structure (and heat shield) shall be sufficient to reduce the prob-
ability of penetration of the pressure shell to a minimum of that required for crew safety.
The effects of radiation and vacuum exposure on the structural elements shall be con-
sidered negligible for the entry research missions.

(d) Entry and atmospheric flight: The structure shall be designed for the maximum
load factors specified for the human occupants. The basic structural shell is not ex-
pected to be critical during this phase but shall provide a foundation support for the
heat shield such as to preclude discontinuities, bulges, warping, etc., detrimental to
the performance of the heat shield.

(e) Landing and recovery: The horizontal landing condition shall be investigated for
overall and local loading. Strength and rigidity requirements shall be as specified in
MIL-A-8862 (ASG) where applicable. Crash loading requirements shall be those specified

oooQe

oo 51



I
] Z!ii:ii:!: :i: :i iii] ill I

in MIL-A-8865 (ASG). The structure shall protect the crew at impact during an emer-.
gency vertical recovery mode, on land orwater. Bouyancy is a requirement following
water impact.

(f) Abort pullup: The maximum design dynamic pressure is encountered during
this phase. Control surface loads are maximum as well as those on the actuating
mechanisms. Normal safety factors are applicable for this condition.

(g) Cabin pressure: The vehicle structure shall be designed to sustain all loadings
throughout the environment, with and without internal cabin pressure (with the exception
of the off-the-pad abort, booster flow-up overpressure for which internal pressure may
be used to relieve external pressure).

The nominal internal pressure is 5.0 psig (34.5 kN/m 2) with a relief valve setting of

6.0 psig (41.4 kN/m2).

(h) Structural temperature: The maximum design temperature of the structural
shell in the pressurized compartment area shall be 200 ° F (366 ° K). Design tempera-
tures for the structural elements in the fin and elevon areas shall be determined from
tradeoff studies of various structural materials and heat shield requirements, with

weight as the primary parameter.

Dynamic conditions: Dynamic r'esponses considered were:

(i)

(2)

(3)

(4)

(5)

(6)

(7)

(s)

(9)

Response to gust and wind shears

Response to acoustic noise

Control surface flutter

Response to buzz

Structural fatigue

Internal component vibration

Response to transonic buffeting

Response to pyrotechnic devices

Structural and heat shield panel flutter

Factors ofsafety:

(1) Internal pressure alone or in combination with (2).

Ultimate pressure = 2.0 x nominal pressure or 1.5 x relief
valve setting, whichever is greater

Proof = 1.33 x nominal or 1.25 x relief valve setting

I

I
I
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(2) External loads and pressures, u_imate = 1.5

(3) Landing--normal, ultimate = 1.5
--emergency, ultimate = 1.0

I
I

I

I

(4) Combined load and temperature. The structure shall be designed for
ultimate loads with limit temperatures.

Allowable stress: In the structural design of the entry vehicle and adapter, the
allowable stress reflects the effects of load, temperature and time associated with
the discrete and cumulative design environments. These included reduction in
strength and stiffness due to applied stress, oxidation and loss of ductility. Mini-
mum guaranteed strength properties were used in the design of single load path com-
ponents. For multiple load path structures, 90% probability properties were used.
Design mechanical properties were those presented in MIL-HDBK-5, "Strength of
Metal Aircraft Elements," other references approved by the procuring activities,
or as established by test.

6. Crew Systems

This subsection defines crew station design requirements and goals for the HL-10
research vehicle.

Applicable documents.- The following documents provided guidelines for the study.

I
I

I

Handbooks:

AFSCM- 80-3

AFSCM-80-7

AFSCM-80-9

Handbook of Instructions for Aerospace Personnel Sub-
systems, Design (HIAPSD) July 1966

Handbook of Instructions for Aerospace Vehicle Equip-
ment Design

Handbook of Instructions for Aerospace Systems Design,
Volumes 1, 2, 3, 5

I

I

I
I

AFML-TDR-64-40 Space Materials Handbook

Specifications and bulletins:

USAF Bulletin 523 Space Environment Criteria for Aerospace Vehicles

FED STD 595 Colors

MIL-STD-803-2 Human Engineering Design Criteria for Aerospace System
Facilities and Facility Equipment

MIL-STD-803-3 Human Engineering Design Criteria for Aerospace
Vehicles and Vehicle Equipment

:i :iii:i i :: :!i:! 53



: • • ••• ••• : ••• ••: ••: •••
• • • • ••00

: : •'• •-. :': ..: .•" ..• .. ...• .• :•:

Study reports:

FDL-TDR- 64- 86 Investigation of Aerospace Vehicle Crew Station Criteria

Definitions. -

Crew station: That portion of the vehicle occupied by a member or members of the

flight crew during the mission.

Average man concept: An oversimplified method of describing the combined charac-
teristics of a varied population is based upon "average" or mean measurements. In the
Air Force documents listed herein, human characteristics are reported and design re-
quirements are specified to include 90% of the population, or the range from the 5th to
the 95th percentile for each dimension considered.

Anthropometric tables: Tables of body dimensions for use by workplace and personal
equipment designers in determining space and sizing requirements of the population for
whom the space and equipment are being considered.

Human engineering: Determination of man's capabilities and limitations as they relate
to the equipment or systems he will use, and the application of this knowledge to the plan-
ning, design and testing of man-machine combinations to obtain optimum reliability,
efficiency and safety.

Personnel subsystem: That major functional part of a system which, through effec-
tive implementation of its various elements, provides the human performance necessary
to operate, maintain and control the system in its intended operational environments.

Requirements.- This subsection establishes the crew station configuration, arrange-
ment, and detail design requirements for the HL-10 entry vehicle crew stations.

Design considerations: Stations shall be designed to provide a safe and efficient
workplace for the crew to perform necessary flight and test functions. Stations shall
be designed for ease of access by the ground and flight crews. Horizontal and vertical
and 0- and 1-g conditions shall be considered.

Normal ground maintenance and limited orbital maintenance shall be considered.
As a guide to vehicle maintenance, Table 51 of FDL-TDR-64-86 shall be used. The
table of equivalents for acceleration terminology (AGARD Aerospace MED Volume 32,
No. 12-1961) shall apply.

Crew stations shall be designed for 5th to 95th percentile men, dressed in the full

pressure space suit.

The ejection seat escape system can be used for vehicle sizes up to and including
a crew of three. For vehicles with a crew greater than three, complete vehicle re-
covery will be considered in sizing the vehicle. For these, the net couch design will
be used for interior layout although ejection seats will be used for the drop test vehicle.
Design criteria generated by the NASA MSC Contract NAS 9-3497 (Weber Aircraft) for
the development of a lightweight net-type couch system shall be used.
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(a) Prelaunch: Crew stations shall be designed to accommodate the environments
defined in Subsection A. Access provisions, for the ground crew, to equipment within

• the crew station shall accommodate both vertical and horizontal positions. Emergency
egress by the flight crew, dressed in full pressure suits, shah be integrated into the
design of internal arrangements, hatch locations, mechanisms, AGE platform access,
hand and foot grips/supports.

I
I

I
I

I

I
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(b) Aisles: Hatch and tunnel sizes shall be in accordance with figures 59 and 61 of
FDL-TDR-64-86. The design of seats, couches and other equipment provided for com-
fort of the crew shall consider long hold periods in the vertical position. Location and
operation of equipment shall consider vertical positions of the vehicle in the 1 g environ-
ment.

(c) Launch and insertion: During the boost phase, all equipment designed for opera-
tion by the crew must be compatible with the acceleration environment, providing the
levels are within the accepted human limits specified in AFSCM-80-3. The crew shah
be seated in the most advantageous position to accommodate the boost accelerations.
Figure 57 of FDL-TDR-4-86 shall be used as a guide. Noise levels of the habitable
areas during boost must not exceed the limits specified in AFSCM-80-3.

{d} Spaceflight: Crew stations must provide protection of the crew from the hostile
environments of heat, cold, vacuum, meteoroids, and soft and hard radiations within
the limits specified for humans in AFSCM 80-3 and NASA SP-71. The structure,
windows, hatches and any penetrations of the pressure vessel shall be so designed
that a total cabin leakage rate does not exceed:

I

I
I

I
I

I

I

Crew size Vehicle size, ft (In) Leakage rates lb/hr (g/sec}

1 20.0 (6.1) O.2 (0.025)

2 21.2 (6.48) O.2 (0.025)

4 23.4 (7.13) O.3 (0.038)

6 25 (7.62) O.3 (0.038)

8 26.4 (8.05) O.4 (0.050)

(e) Anthropometric dimensions: Body dimensions were provided by table 50 of FDL-
TDR- 64- 86.

(f) Volumetric requirements: Crew and equipment requirements based on mission dura-
tion were in accordance with criteria presented in FDL-TDR-64-86 and AFSCM 80-3.
(Mockup studies are required to establish final requirements. )

(g) Seating dimensions: Minimum dimensions for seating passengers in pressurized
suits were in accordance with figure 58 of FDL-TDR-64-86.

(h) Illumination: Levels required for various tasks were in accordance with table 48
of FDL-TDR-64-86.
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(i) Crew mobility: As a design goal, in-orbit (zero g) crew mobility while in pres-.
surized suits should be provided for possible interchange of crew positions. FDL-
TDR-64-86 was used as a guide.

(j) Access: External access for extravehicular activities was provided. Hatch
and tunnel sizes were in accordance with figures 59 and 61 of FDL-TDR-64-86.

(k} Sanitation and food: Individual sanitary stations and food stations were
provided. Guideline documents were FDL-TDR-64-86, AFSCM-80-3, and AFSCM-
80-9.

(1) Emergencies and corrective action: Analysis of possible emergencies is needed.
Table 19 of FDL-TDR-64-86 was used as a guide.

(m) In-orbit maintenance: Where vehicle size and booster capability permit, pro-
visions were provided for internal and external in-flight maintenance. One extra-
vehicular activity back-pack shall be provided. Stowage provisions shall be in accord-
ance with figure 60 of FDL-TDR-64-86. Table 51 of FDL-TDR-64-86 was used as a

guide.

(n) Visibility: For in-orbit visibility, direct or indirect viewing methods may be
used to verify adapter separations, and earth orientation prior to entry can be accom-

plished as an extravehicular activity.

(o) Odors-vapors: Noxious odors or toxic vapors shall not emanate from materials
used within the crew stations when heated to their maximum operating temperatures.
Table 39 of FDL-TDR-64-86 was used as a guide for nonmetallic materials for use in
habitable areas.

(p) Illumination: Levels for crew stations were obtained from WADDTN- 60-122
and table 47 of FDL-TDR-64-86 for various tasks.

(q) Entry and atmospheric flight temperature: The crew station shall provide com-
fortable habitation while dressed in a full pressure type space suit.

(r) Noise: Noise generated by vehicle geometry will be attenuated by suitable struc-
ture or insulation to maintain safe limits for humans, as specified in AFSCM 80-3.

(s) Acceleration: Crew seats/couches shall provide proper restraint of the occu-
pants for deceleration forces experienced during entry and during the atmospheric
flight regime. Maximum force shall be within the human limited specified in
AFSCM-80-3.

(t) Crew operational requirements: Manual controls location, arrangement, opera-
tion and spacing of levers, knobs and handles were in accordance with AFSCM-80-3.
The complete acceleration environment shall be considered. Designs shall accommo-
date operation in a fully pressurized suit. Displays were designed in accordance with
AFSCM 80-3 and FDL-TDR-64--86.

(u) Escape systems: Escape from the HL-10 will not be possible during entry.
After the velocity has decreased to Mach 1.2, ejection seats having zero-zero-capa-

bilities will be used for escape up to a maximum q of 1100 psf (52.7 kN/m2). A maxi-
mum of three crew members will be considered for the jection seat-type escape system.
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Ejection clearance envelopes are in accordance with figure 57 of FDL-TDR-64-86 with
modification of the forward corner radius. Chapter 13 of AFSCM-80-3 was used as a
guide to design problems associated with escape.

(v) Emergency post-landing survival: Post-landing survival kits, having global sur-
vival equipment for a maximum of five days, will be packaged with the ejection seat.
Table 58 of FDL-TDR-64-86 was used as a guide. Total maximum weight shall be

limited to 65.8 pounds (29.8 kg)/man and a volume of 1.32 cubic feet (0. 0373 m3).

(w) Emergency water-landing survival: Rescue of crew members that are forced
to make an emergency escape from the entry vehicle with ejection seats shall be arranged
to occur in sufficient time to prevent exposure from exceeding human tolerances (water,
air temperature, time relationship).

7. Power System

Purpose and scope.- This subsection defines electrical power requirements and
alternative systems that satisfy the requirements for the basic electrical and electronic
systems for a manned HL-10 research vehicle. Power requirements for the flight con-
trol surfaces are also defined.

Applicable documents.- Vendor Yeports as well as NASA and Air Force documents on
batteries, fuel cells, and various auxiliary power units were used to evaluate various
systems.

System requirements.- The electrical system shall provide, at a nominal 26 volts dc,
all of the electrical power required by the various vehicle systems except the flight con-
trol system. When electrical power other than 26 volts dc is required by the various sub-
systems, such power shall be converted by devices integral with the various subsystems.
The flight control system, if battery powered, will also be a nominal 26 volts dc system;
however, no attempt will be made to limit voltage swings due to motor starting and other
transients. In addition, all squib firing devices will be applied to the flight control power
source. If an autopilot unit is used for flight controls, a separate squib firing source
will be provided.

Reliability.- Subsystem reliability criteria are specified in table 8.

8. Propulsion System

This subsection defines the criteria used to define the propulsion systems design and
installation requirements for manned HL-10 flight research vehicles.

Applicable specifications.- The following specifications provided guidelines, in part,
for determining system design, installation and performance adequacies.

MIL- P- 5518 Pneumatic Systems, Aircraft Design, Installation and
Data, Requirements for

MIL-E-5199 Engines, Rocket, Liquid Propellant, General
Specification for
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MIL-T-5208 Tanks, Removable, Liquid Propellant Rocket Engine,
General Specifications for

ANA 428 Engines, Rocket, Liquid Propellant, Design and
Installation Criteria for

AFRPL-TR-64-141,
Vols. I and II

Investigations of Spacecraft Rocket Installation Areas

Functional integration.- Wherever practicable, multifunction of propulsion systems
shall be considered.

Abort.- The abort propulsion system shall provide the thrusting time to achieve a
separation distance which precludes the entry vehicle's being subjected to shock over-
pressure, thermal radiation or fragmentation environment, associated with a launch
vehicle explosion, which is more critical than that for which the entry vehicle is
designed. The abort propulsion function shall not induce intolerable loadings, accel-
erations or other operational environments on the crew or flight vehicle. The system
shall consider the abort conditions compatible with applicable crew survival require-
ments of subsection G. 1.

Design requirements: The abort motors will be an array of solid propellant rocket
motors located in the adapter section aft of the entry vehicle. These motors shall
comply with the requirements of ai_plicable parts of the specifications noted earlier
in this subsection.

Installation requirements: Motors shall be mounted on the adapter section in such
a manner as to minimize the thrust misalignment associated with fixed thrust vector
positioning, structural deflections and c.g. uncertainties. Alignment of the thrust
vector shall be through the vehicle c.g. as nearly parallel with the vehicle longitudi-
nal centerline as practicable. The rocket motors shall be mounted in such a manner
that the nozzle exhaust will not directly impinge on any entry vehicle or adapter sur-
face, or member. The motors shall be accessible for ready replacement, and shall
be thermally controlled to provide a uniform grain temperature within each motor
and between motors of the array.

Deorbit.- The deorbit propulsion system shall provide the thrusting time to impart
the equivalent impulsive velocity to the entry vehicle plus adapter as required to
achieve the entry conditions specified in subsection E for the orbit characteristics
of subsection D.

Design requirements: The deorbit motors will be an array of solid propellant
rocket motors located in the adapter section aft of the entry vehicle. These motors
shall comply with the requirements of applicable parts of the specifications noted
earlier in this subsection.

Installation requirements: The motors shall be mounted on the adapter section in
such a manner as to minimize the thrust misalignment associated with fixed thrust
vector positioning, structural deflections and c.g. uncertainties. Alignment of the
thrust vector shall be through the vehicle c.g., as nearly parallel with the vehicle
longitudinal centerline as practicable. The rocket motors shall be mounted in such
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a manner that the nozzle exhaust will not directly impinge on any entry vehicle or
3]dapter surface or member. The motors shall be accessible for ready replacement
and shall be thermally controlled to provide a uniform grain temperature within each
motor and between motors of the array.

Reaction control.- The attitude control systems will provide the required control
forces to correct for the thrust misalignments associated with deorbit and for abort
propulsion motors and attitude control requirements. The system will also provide
the required control forces for the entry flight prior to aerodynamic control takeover.
Applicable control system characteristics and requirements of subsection D. 4 shall
be considered. Two independent systems may be used for these functions.

Design requirements: Pressurized liquid propellant systems shall be employed for
attitude control propulsion applications. The system design shall comply with appli-
cable parts of the specifications noted earlier.

Installation requirements: To minimize thrust level requirements (and system
weight), the motors shall be placed to acquire maximum moment arms within the
constraints of vehicle geometry, materials compatibilities, structural load carrying
capabilities and pertinent specifications. Propellant and components shall be ther-
mally controlled and/or protected as required by the propeDant or component for
nominal performance of the system.

Safety: The attitude control system shall be essentially redundant with two inde-
pendent systems, either of which will provide the required functions.

Landing assist.-

Design requirements: The landing assist propulsion system was designed in
accordance with applicable parts of the specifications previously noted. The system
hardware was located in the entry vehicle and shall be capable of providing a mini-
mum thrust-time history of 10 seconds burning time for a thrust level 0.1333 x
entry vehicle landing weight.

Installation requirements: The landing assist propulsion system was located in the
entry vehicle with the thrust vector generally aligned with the longitudinal centerline
of the entry vehicle. Exhaust gases shall not directly impinge on any vehicle surface.
System components shall be capable of being readily removed and replaced.

9. Navigation and Guidance System

Functional requirements.- Navigation and guidance functions shall be accomplished
by parallel primary and backup systems Which shall, in conjunction with pilot intelligence,
ensure crew safety and mission success. Outputs of the system shall be utilized during
ascent (for backup navigation and guidance}, during flight following any ascent abort,
during orbital flight, during deorbit maneuvers, and during entry. Output signals will
be sent to the flight control electronics and to pilot displays. Computer provision shall
be made for manual and/or automatic data insertion based on ground transmitted infor-

mation prior to deorbit and during the terminal phase of entry subsequent to communi-
cation blackout. Pilot ability to insert attitude bias commands into the guidance com-
puters (for research tasks) shall also be provided.
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Reliabili_, and life.- System design and redundancy provisions shall guarantee a
high probability of satisfactory operation, including normal landing capability. Design"

considerations shall enable system reuse with a minimum of refurbishment.

Performance. -

Orbital injection: The entry vehicle primary navigation and guidance system,

without ground updating, shall be capable of generating boost vehicle steering sig-
nals throughout ascent with sufficient accuracy to enable orbit injection and mis-
sion continuation.

Orbital correction and retro: The system shall be capable of measuring vehicle
attitude to within +0.30 ° (three axes}, and applied &V to within +0.1%.

Entry: Both the primary and backnp airborne systems shall be capable of navi-

gating and guiding the vehicle, in the presence of 3a perturbations, such that trajec-
tory dispersions at terminal radar acquisition will be less than half the vehicle ma-
neuver capability subsequent to acquisition. Acquisition shall be assumed to occur
when the line-of-sight elevation angle from the intended landing site reaches 5.0 °.

Subsequent maneuverability will be greater than 40 nautical miles (74.1 kin} in any
direction for all research flights.

10. Electrbnic Flight Control System

Functional requirements.- The electronic flight control system shall generate out-

put commands to the reaction jets and the aerodynamic surface actuators throughout
all flight phases subsequent to booster separation. It shall accept input commands
from the pilot's three-axis hand controller and from the guidance computer. Fly-by-

wire pilot input commands shall be utilized to simplify integration of manual commands
with stability augmentation, and phasing of commands to the reaction jets or aerody-
namic surfaces. The system shall accomplish all gain variation, interaxis coupling
and surface trim electrical commands necessary to accommodate the complete range

of possible flight conditions, including launch abort.

Performance reliability and life.- System design and redundancy provisions shall
guarantee a high probability of satisfactory subsystem operation (table 8). Satisfac-

tory operation includes provision of handling-quality characteristics, throughout entry,
sufficiently good to enable fulfillment of all research tasks. In the event of stability

augmentation channel failure, pilot switchout and/or gain selection provisions shall
enable backup manual control during all flight phases. Design considerations shall

enable system reuse with a minimum of refurbishment.

11. Control Actuation System

This subsection defines the requirements for the flight control actuation system,

which includes a hydraulic system for actuation of the primary flight control surfaces
(elevons and rudder}, electromechanical actuators for the secondary control sur-

faces, and control surface bearings and seals.
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I Applicabl cument g c e d es for the study.

i MIL-H-8891(ASG) Hydraulic Systems, Manned Flight Vehicles, Type HIDesign, Installation, and Data requirements for

MIL-H-27601A(USAF) Hydraulic Fluid, Petroleum Base, High Temperature,

i Flight Vehicle

Definitions_ -

i Design hinge moment: The maximum hinge moment applied by aerodynamic forces

on a control surface.

i - The control actuation shall and theRequirements. system move position aero-
dynamic control surfaces in response to electrical signals from the flight control
system. The primary flight control surfaces (the two elevons and the center rudder)

i shall be actuated by hydraulic servoactuators which shall provide fully proportionalcontrol of position and rate. The secondary bias surfaces (the elevon flaps, the
outer fin flaps, and the center fin speed brakes) shall be actuated by electromechanical
actuators which shall provide the required fixed positions for bias during the various

I phases of entry. The hydraulic system shall operate at idle during the ascent phase
to provide aerodynamic control in the event of abort. The system shall operate actively
during the entry and landing phases to provide trim, control and stability augmentation.

J The system shall be off and depreLsurized at all other times. The control actuationsystem shall withstand all specified design loads and environments without damage or
detriment to mission performance or system refurbishability.

I Surface deflections: Aerodynamic control surfaces shall have deflection ranges
and positions as follows:

i Control deflection

Hyper- Tran- Sub-
Surface sonic, * sonic, ** sonic, ***

i no, Desi_mtion deg deg deg

i 1 Elevon flap, left 0 20 up 8 down
2 Elevon flap, right 0 20 up 8 down
3 Elevon, left +40 _-40 +40
4 Elevon, right _-40 +40 _-40
5 Tip fin, inner flap, left 0 30 0

i 6 Tip fin, inner flap, right 0 30 0
7 Tip fin, outer flap, left 0 0 40
8 Tip fin, outer flap, right 0 0 40
9 Rudder flap, left 0 0 6 in

J 10 Rudder flap, right 0 0 6 in
(9+10) Rudder 0 +20 +20

I * Hypersonic-->Mach 1.2• * Transonic--Mach 1.2 to 0.6
• ** Subsonic--<Mach 0.6

I
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The elevons and rudder shall be fully proportional within the ranges specified. The
other surfaces shall move and hold at the deflections specified. Operation of the pro-"
portional rudder control shall move both rudder flaps (9 and 10) in the same direction,
right or left, simultaneously. A separate and independent rudder bias control shall
move both rudder flaps inward simultaneously to obtain the 6 ° inward boat-tail con-
figuration.

Binge moment: Design hinge moments for each control surface shall be based on
the design dynamic pressures and the maximum moment coefficients expected during
normal entry and landing, and during abort. Design hinge moment coefficients shown
in table 12 include a minimum safety factor of 1.2 on experimental data.

!

I

I

I
TABLE 12

DESIGN HINGE MOMENT COEFFICIENTS

Hinge moment coefficient

Transonic and
Surface Hypersonic subsonic

no. Designation (M > 1.2) (M < 1.2)

1 and 2 Elevon flap
3 and 4 Elevon

5 and 6 Tip fin inner flap
7 and 8 Tip fin outer flap
9 and 10 Rudder

-- 0.20
0.30 0.32

-- 0.25
-- 0.30
-- 0.65

Design dynamic pressures are:

Hypersonic

Normal entry

Abort condition

400 psf (19.2 kN/m 2 )

1200 psf (57.5 kN/m 2)

I

I

I

I

I

I

I
Transonic and subsonic

Normal landing

Abort condition

400 psf (19.2 kN/m 2)

400 psf (19.2 kN/m 2)

Surface slew rates: The control actuation system shall be designed to produce
minimum surface slew rates as follows:

f
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At no load

Surface deg/sec

Slew rate

At 2/3 design hinge moment
deg/sec

I

I
I

I

I
I
I
I

Elevons 0 to 30 0 to 15

Rudder 0 to 30 0 to 15

All bias surfaces 5 5

Hydraulic system: The hydraulic control actuation system shall be a 3000 psi

(20.7 MN/m2), high temperature, aircraft hydraulic system in general accordance

with MIL-H-8891. It shall have two independent and redundant systems each con-
sisting of a motor, pump, reservoir, valves, filters, lines, and one-half of a dual
tandem servoactuator at each control surface. Each servoactuator shall receive
inputs from the two independent hydraulic sources and from three independent elec-
trical signal sources and shall contain the necessary logic circuits and transfer
valves to continue safe operation in the event of any single input failure.

Hydraulic fluid.- The hydraulic fluid shall be a deep dewaxed superrefined mineral
oil in accordance with MIL-27601A. The hydraulic system shall be designed to operate
with fluid temperatures up to 450oF (505 ° K).

Hydraulic motor pump unit.- Each motor pump unit shall consist of a pressure com-
pensated pump driven by a 26-volt dc electric motor. The pump shall be sized to per-
mit minimum elevon slew rates of 15 deg/sec simultaneously without an accumulator.
An accumulator shall be used to permit simultaneous elevon slew rates of 30 deg/sec
for 20 ° travel at 10 second intervals. The pump motor shall be sized based on con-
tinuous pump flows equivalent to average cyclic surface rates as follows, plus full
pump flow for 1.0-second duration at 30-second intervals.

Elevons, Rudder,
Phase deg/sec deg/sec

I
I

I
I

Standby (servo leakage) 1.5 1.5

Entry 3 1.5

Landing 6 3

Hydraulic servoactuator.- Each hydraulic servoactuator shall be a dual tandem
cylinder incorporating servo valves, transfer valves and switching logic. Both of
the redundant hydraulic systems shall be active simultaneously and shall share the
load at the actuator. A failure in either system shall cause that system to be switched
out. Each servoactuator shall be sized to meet the abort hinge moments with both
systems operating, and to meet the entry and landing hinge moments with either
system operating.
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Electromechanical actuators: Each secondary control surface requires an actuator
to move and hold the surface at two or three discrete predetermined positions. The
actuators shall be of the motor driven screwjack type and shall operate on 26 volts dc.
The actuators may be nonredundant, but an electrical or mechanical interlock shall be
provided between corresponding left- and right-hand surfaces such that in the event of
an actuator failure the symmetry of the vehicle will be preserved.

Hinge bearings: Control surface hinge bearings and actuator rod end bearings shall
be designed to operate at the high temperatures associated with their locations. The
basic bearing shall be a self-aligning plain spherical bearing of the split outer race
type. The design shall be redundant in that the primary turning surface shall be be-
tween the sphere and a cylindrical shaft through the sphere. The secondary turning
surface is between the sphere and the outer race. The kinetic coefficient of friction
shall not exceed 0.40 for static friction and 0.20 for dynamic friction. Hinge bearing
temperatures shall be limited to 800 ° F (700 ° K).

Factors of safety: The following factors of safety shall be applied to the design of
the control actuation system:

Actuator loads (tension and compression)

Design load (operating) = equivalent to the design hinge moment plus
bearing friction.

Proof load (holding) = 1.35 x design load

Ultimate load (holding) = 1.5 x design load

Hinge bearing loads (radial and axial)

Design load (operating) = equivalent to the design hinge moment plus
bearing friction.

Proof load (holding) = 1.35 x design load

Ultimate load (holding) = 1.5 x design load

Pressure loads, hydraulic

Design pressure (operating) = equivalent to actuator design load

Proof pressure = 1.5 x design pressure

Burst pressure = 2.5 x design pressure

12. Environment Control and Life Support System

This subsection provides the requirements for the design of the system for a manned
HL-10 lifting entry research vehicle. The system shall provide internal atmosphere
supply, control and life support functions for the pressurized compartment and the crew
suits during normal and emergency operation, thermal control of the equipment, and
water balance control for life support and thermal control.
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• Conditions.-

Prelaunch: The entry vehicle oxygen system shall provide a capability for four

hours of supply during a pad hold. Ground support cooling is available while vehicle

is on pad.

Launch: Design for a maximum launch phase of 10 minutes (600 sec). Cooling by

thermal lag shall be assumed below 100 000 feet (30.5 km).

Space: Design for five-orbit system capability.

Post landing: Oxygen supply and cooling will be provided for 15 minutes (900 sec)

system operation after the vehicle has landed.

Vehicle. -

Atmosphere: 5 psia (34.5 kN/m 2 a) 100% oxygen normal, pressure suit face plate

open; 3.5 psia (24.1 kN/m 2 a) 100% oxygen for emergency. Purge to 100% oxygen

atmosphere prior to launch.

Repressurization: One cycle (normal), two cycles if EVA is planned.

Temperature: Suit 50 ° F (283 o K) at inlet, 85 ° F {303 ° K) at outlet. Cabin 60 ° F

{289 ° K) to 80 ° F (300 ° K), wall above 65 ° F (291 ° K) dew point during orbit.

CO 2 level: 8 mm Hg maximum.

Humidity: 30% to 70%

Metabolic. -

Heat load: Two crew members at 600 Btu/Hr (176 W), additional members at
500 Btu/hr (147 W). Sensible load 1/3, latent load 2/3 for pressure suit operation.

Oxygen consumation: Normal 2 pounds (907 g)/day/man. Entry above I00 000 feet

(30.5 km) and post landing 0.1 pound (45 g)/man/min.

Water consumption: 4/6 pounds (1810/2720 g)/day/man.

Food consumption: 1.4 pounds (635 g)/day/man.

CO 2 production: 2.25 pounds (1020 g)/day/man.

Urine: 3.0 pounds (1360 g)/day/man.

Heat loads.- Total heat load shall include 1.0 k-w average from electrical system
plus metabolic, and heat of LiOH reaction; 75% of total load into cold plates, 25% into
cabin atmosphere. Entry cooling for the hydraulic system to 125 ° F (325 ° K) above

100 000 feet {30.5 kin) and 275 ° F (408 ° K) below 100 000 feet (30.5 km) shall be

provided. An expendable H20 system shall be used to remove all heat loads.
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Reliability.- A primary and secondary oxygen supply shall be provided. If the

primary system is located in the adapter section, emergency oxygen shall be installed
in the entry vehicle. The amount of emergency O 2 shall equal that in the primary and

secondary O 2 systems. The atmosphere control system shall provide redundant suit

compressors. The EC/LS shall be designed to function in case of a failure that results

in vehicle depressurization.

13. Recovery

This subsection defines the recovery requirements and conditions for design of the

HL-10 vehicle recovery systems.

Applicable documents.- The following documents form a part of this report to the
extent of providing guidelines when not specifically noted herein.

MIL-S-8812

MIL-S-8552

MIL-T-6053

MIL-B-8075

MIL-B-8584

MIL-W-5013

MIL-S-8959

MIL-A-8862

MIL-A-8866

MIL-C-5041

MIL-T-5014

MIL-D-9056

AF SC M- 80

ASDTR61-579

WADC TR-55-265

Steering Systems: Aircraft General Specification for

Strut; Aircraft Shock Absorber (air-oil type}

Tests, Impact, Shock Absorber, Landing Gear,
Aircraft

Brake Control Systems, Anti-skid, Aircraft Wheels

Brake Control Systems

Wheel and Brake Assemblies; Aircraft

Spring; Liquid; General Specification for

Airplane Strength and Rigidity--Landplane Landing
and Ground Handling Loads

Airplane Strength and Rigidity--Reliability Require-
ments, Repeated Loads, and Fatigue

Casings, Aircraft Pneumatic Tire

Tubes, Inner, Aircraft Pneumatic Tire

Aircraft Deceleration Parachute System, General

Requirements for

Handbook of Instructions for Aircraft Designers

Performance of and Design Criteria for Deployable

Aerodynamic Decelerators

United States Air Force Parachute Handbook
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Definitions.- Limit load, ultimate load, proof load, factor of safety, failure and
"load factor are as previously defined. The design load is that load for which the cumu-

lative effects of elastic, permanent and thermal deformations and application of re-
peated loads shall not interfere with the mechanical operation of the airplane, affect
adversely its aerodynamic characteristics, require repair, or require replacements
of parts other than as specifically approved by the procuring activity.

Requirements.- This subsection establishes the structural and performance re-
quirements for the design of the recovery systems of the HL-10 vehicle. Other en-
vironmental conditions which may affect the design of the recovery system or systems
are as defined in other sections. The primary recovery system (horizontal} shall with-
stand all design loads and environmental conditions without deflections or deformations
detrimental to the recovery phase of the mission. The backup recovery system
(vertical) shall be dictated to the extent of safe crew recovery. The vehicle may sus-
tain structural damage; however, in the water recovery case, the vehicle must remain
bouyant.

C onfi_ration.-

Horizontal recovery (primary) : Landing gear system geometry will result in
a minimum rollover stability angle of 27 ° (0.50 g side load factor). Gear flotation
characteristics will maintain a friction relationship of 2 or 3 to 1 between main and
nose gears. The landing gear configuration will provide vehicle ground clearance at
touchdown when landed in the following configurations:

(a) Condition 1: Vehicle in 20 ° (a) nose up with roll and 20-knot (10.3 m/sec)

crosswind correction requiring a total of 11 ° aileron motion for the -15 ° (Se) original
elevator setting.

(b) Condition 2: Vehicle in 10 ° (_) nose up with roll and 20-knot (10.3 m/sec)

crosswind correction requiring a total of 11 ° aileron motion from the -8 ° (6e) original
elevator setting.

Vertical recovery (backup): The vertical recovery system configuration shall
ensure maximum structural impact load damping and result in the vehicle being top-
side up in the event of water recovery.

I
,I

I
I

I

Environment-stowage areas: All stowage areas shall be sealed out unpressurized
(space vacuum). Stowage area ascent temperatures to be approximately 125 ° F (325 ° K)
for a maximum period of 10 minutes. Recovery system components or packages to be
subjected to space environment for duration of mission (16-orbit max) with compart-
ment temperature range of 40 ° F (278 ° K) to 100 ° F (311 ° K). Stowage area tempera-
ture to be 200 ° F (366 ° K) maximum for approximately 30 minutes.

Velocity conditions:

Ca) Horizontal recovery (primary) Horizontal vehicle velocity at touchdown shall
be 230 knots ( 118 m/sec) maximum. Vertical vehicle velocity at touchdown (sink
speed) shall be 13 fps (3.96 m/sec) maximum.

(b) Vertical recovery (backup): Vertical vehicle velocity at touchdown shall be
25 fps (7.62 m/sec) maximum. Horizontal vehicle velocity at touchdown shall be
35 fps (10.7 m/sec).
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Load factors:

(a) Horizontal recovery (primary): Design gear load factor for sink velocity of
13 fps (3.96 m/sec} shall be 4.0 g.

(b) Vertical recovery (backnp): Design impact load factor shall be 20 g.

Recovery areas: Recovery can be made at any suitable existing sites within the
continental United States (Alaska excluded}. The preferred recovery site will be at
the NASA Flight Research Center (Edwards Air Force Base}. Suitable sites consist
of improved hard surfaces, a minimum of 10 000 feet (30.5 km) long and 300 feet
(91.4 m ) wide.

14. Communications System

General functional requirements.- The communications system shall contain the
equipment necessary to perform four basic functions: tracking, up-link command,
telemetry and voice.

Tracking subsystem. - Tracking will be facilitated by redundant onboard C-band
transponders.

Up-link command subsystem.- Up-link commands are utilized only for the purpose
of spacecraft guidance. The system consists of redundant UHF receivers, a detector,
decoder and appropriate digital interface equipment. Command up-link is also backed
up by the VHF voice link so that correct guidance up-link commands can be accom-
plished either automatically using the UHF system or manually using the VHF voice
link.

Telemetry subsystem.- Telemetry down-link is accomplished at S-band using
three telemetry transmitters-- (a) mission data telemetry transmitter, (b) real time
experiment telemetry transmitter, and (c} playback experiment telemetry transmitter.
Item (c) is a post blackout transmission used to back up the onboard tape recording
of telemetry data which occurs during the blackout period. S-band is used in this
case to be compatible with the expected ground station capabilities.

Voice subsystem.- The voice system provides two-way voice communication on
the VHF voice link. Redundant VHF voice transceivers are provided. In addition, a
HF voice transceiver is provided for over-the-horizon voice communications.

Reliability and life.- System design and redundancy provisions shall guarantee a
high probability of mission success. The subsystem reliability goal is 0.999 (table 8).
Design provisions shall enable equipment reuse with a minimum of refurbishment.

15. Instrumentation System

Functional requirements.- The instrumentation system shall consist of the equip-
ment sufficient to provide test data on the performance of the various vehicle sub-
systems during flight as required by the flight mission objectives. In addition, pro-
visions shall be made for handling data generated as a result of in-flight research
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tasks. The required data shall be transmitted and shall be recorded by onboard mag-
netic tape recorders for postflight recovery. Onboard recording shall be the primary
method of data recovery.

Design criteria.- The instrumentation systems shall consist basically of a PCM
variable word length multicoder and such sensors as are required.

The component parts of the instrumentation system are:

(1} Sensors

(2) Signal conditioning as required to present uniform signal levels to the
encoder.

{3} Multiplexer

(4} PCM encoder which consists of an analog-digital converter and the logic
circuitry necessary to format the data.

(5) Magnetic tape recorder.

Reliability and life.- Design and redundancy provisions shall provide a 99.9%
probability of recovering at least 95% of all measurements for a given flight. Equip-
ment reuse with a minimum of refurbishment shall be a design goal.

H. RESEARCH TASKDESIGN REQUIREMENTS

Where vehicle size permits, the design goal shall be to provide a vehicle that will
accomplish all the research tasks. If excessive penalties occur, the ability to accom-
plish the research tasks with simple modIfication will be provided.

1. Heat Shield

An air space of 1/2 inch (1.27 cm) to 1 inch (2.54 cm) will be provided between the
heat shield support panel and the insulation material to provide a passageway for the
instrumentation leads and transducer. The space will also provide for efficient accom-
modation of the ablative and radiative heat shield research task. Additional require-
ments for this space are defined in subsection J.

2. Structure

The design of all sizes of vehicle shall be such that, except for the pilot's require-
ments, all of the equipment and space related to crew size (seats, etc. } can readily be

• interchanged with comparable payload of research equipment. Where vehicle size
permits, consideration in the structural arrangement shall be made for inclusion of
landing go-around engines when required by the research program.

ER 14471-4
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3. Propulsion

Reaction control system.- The reaction control system will be designed to provide
a capability of accomplishing the research task concerning impingement and inter-
action effects as well as performing the control system stability augmentation experi-
ments. The design goal will be to provide one comprehensive system or provide for
a series of simple modifications.

Go-around engine.- In vehicles of a sufficient size, structural design and sub-
system arrangements should allow simple modifications for flight experiments with
a landing assist go-around engine.

4. Control Actuation System

The control actuation system shah be designed to facilitate control system research
tasks. Provisions shall be made for instrumentation to measure surface positions,
rates and loads, and hydraulic pressures and temperatures. System design shall per-
mit testing of electromechanieal actuators for the elevons and rudder, in place of the
basic hydraulic servoactuators, on one- or two-flight vehicles specially modified for
that purpose.

5. Communication System

The communication systems shah be sufficient to satisfy the requirements of the

research tasks (subsection G).

6. Instrumentation System

Data handling capability for research task shall be provided by the vehicle instru-
mentation system. The vehicle instrumentation system shall also provide magnetic
tape recordings of the research data.

J. GROWTH MISSION DESIGN REQUIREMENTS

As a design requirement on vehicles of sufficient size, allowance will be made (in
the design of the vehicle for the primary objectives} for simple modification for growth
or secondary objective missions. Secondary objectives are to conduct research perti-
nent to rendezvous, docking and transfer of men and/or equipment, and to lifting entry
at supercircular velocities.

1. Heat Shield

An air space will be provided between the heat shield support panel and the insula-
tion material to allow thicker ablative material application for the higher heating entries
without modification to the basic vehicle structure or change to the HL-10 lines.
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2. Structure

Consideration shall be given to the structural requirements of growth missions to
the extent that modifications could be minimal for the inclusion of an egress tunnel in
the rear, increased control surface loads, docking, EVA, etc.

3. Control Actuation System

The control actuation system shall be designed to permit system growth to meet
requirements of operational missions requiring higher than normal hinge moments.
Consideration shall be given to increasing the system rated pressure, or increasing
pump and/or servoactuator sizes to meet increased loads.
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The design approach for establishing the research entry vehicle configuration in-
volved detailed arrangement layouts, based upon specific subsystem descriptions, for
a family of vehicle sizes. This family included vehicles sized for 1, 2-, 4-, 6- and
8-man crews. The philosophy was to size the vehicle in the smallest length capable
of containing the full crew and all subsystems required for an orbital flight, but without
allowance for specific entry research equipment volume requirements. Each vehicle
size was designed to perform essentially the same research mission which included
launch, orbit, deorbit and entry flight phases. Some crew members could be removed
from the larger sizes to make available both weight and volume for research equipment.
The minimum number of crew was related to crew task requirements of flying the
vehicle and performing experiments. Arrangements considered crew station require-
ments, subsystem locations and experiment considerations, along with structure and
heat shield definitions. The aerodynamic lines of the HL-10 configuration were main-
tained, including the aerodynamic control surfaces and flaps of the subsonic and
transonic configurations defined at the NASA, Langley Research Center.

A parametric analysis was conducted to determine the respective vehicle sizes
prior to studying internal arrangements. The parametric sizing considered:

(1) Thermostructural design, including effective wall thickness

(2) Crew space and arrangement, wherein visibility and head-to-heel clearance
were the most significant factors

(3) Volume required for subsystems

(4) Ground and flight operational requirements.

Vehicle sizes providing acceptable dimensional clearances, useful volume and
arrangement characteristics were determined by iterative processes. Initial studies
included both canopy and no-canopy versions. The only canopy used in this study was
Canopy D, a geometry selected and aerodynamically tested at the Langley Research
Center.

I
I

I

I
I

As the result of a canopy tradeoff study (section IV), it was determined to use the

HL-10 configuration with Canopy D for the major evaluations in this program. With
this canopy, the matrix of vehicle sizes used in detailed arrangement studies is:

Vehicle size designation A B C D E

Number of crew 1 2 4 6 8

Vehicle length, L, ft.
(m)

20.0 21.25 23.4 25.0 26.4

(6.10) (6.48) (7.13) (7.62) (8.05)

For reference, the size of the low-speed HL-10 vehicle presently under test at FRC
(Edwards AFB) has a length of 21. 167 feet (6.46 m). It is a no-canopy version with
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a one-man crew.

In accordance with crew safety considerations, emergency escape and recovery
provisions were designed into each vehicle size. The criterion was evolved that
ejection seats would be used with crews of three or less and that complete vehicle re-
covery (by parachute) would be utilized for vehicles with crews of more than three.

The configuration design for each of these five vehicle sizes is evolved and pre-
sented in the subsequent subsections, followed by a description of the recommended
launch vehicle adapter. Potential arrangements and problem areas are discussed.

A. ENTRY VEHICLE SIZING AND ARRANGEMENT

1. Geometry

An accurate, complete and up-to-date physical description of the HL-10 configura-
tion was compiled. Layouts and lines were constructed to completely describe the
entire external shape and its contours. These layouts were checked to ensure correct-
ness of all major location points, hinge lines, angles and slopes. Layouts were also
developed for master lines, elevon area, tip fin area, and the canopy and windshield.
Individual configuration data pages were also prepared which tabulate significant geo-
metric coordinates (in a nondimensional format related to body length, L) for:

(1) Body (B)

(2) Center fin (E2)

(3) Rudder (R1)

(4) Elevon (V2)

(5) E levon flap

(6) Tip fin (I4)

(7) Inner and outer tip fin flaps

(8) Canopy D

(9) Conical windshield

From these data, the periphery (circumference) and cross-sectional area of a series
of station cuts were accurately measured by planimeters and plotted (figs. 35 and 36).

Areas under these curves were then measured to obtain the surface (wetted) area (Sw)

and external volume (Vto t) contained within outer mold lines. The fins are not in-

cluded in these data since they are considered appendages; however, the elevons are
included since they are submerged within the basic body.

74

00O0

ER 14471-4

i: "_. ii:: !i "'"""i'_ " " "" " """ " ':" ""• • • •

I

I
I
I

I
I

I
I

I
I

I
I
l
I

I
I
I

I



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

•:::, :'. :-. ., : .', .-, .-, : :.. : --- ..
... ::.,
• ., ,. ::- ::

ooo oo

1

II

,8

.6

• 5 .7 .8 .9
XIL

FIGURE 35. CROSS-SECTION PERIPHERY AS A FUNCTION OF BODY STATION
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FIGURE 36. CROSS-SECTIONAL AREA AS A FUNCTION OF BODY STATION
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The surface area and external volume have been plotted in figures 37 and 38 to
indicate their distribution along the length of the vehicle. These values, when coupled

with unit weights, provide the approximate weight distribution for parametrically
evaluating thermostructural designs.

2. Determination of Net Internal Volume

Internal volumes (Vnet) of each vehicle size were both measured and computed and

are plotted in figure 39. To ensure compatibility with thermostructural design and to
maintain a relatively uniform wall thickness (t) distribution, a check was made for
each of the respective vehicle sizes using the relationship

t = Vto t - Vne t

Sw

This wall thickness is not the actual dimension, but represents the requirements for
both the thermostructural wall and the internal structure. A check of the wall thick-
ness distribution at several stations on each vehicle size was made using data from
the cumulative curves previously presented. This check is applicable only for those
vehicle stations forward of the rear bulkheads.

3. Size Sensitive Design Parameters

Vehicle sizing is sensitive to internal dimensional clearance for the crew, crew
arrangement, mobility and accessibility allowances, subsystems size and arrangement,
mission equipments, and thermostructural wall thickness.

The volume required for each crew member other than the pilot is 30 cubic feet

(0.849 m3). The pilot requires 35 cubic feet (0. 991 m3); the additional volume being
for displays, consoles and controls. Crew clearance is based on 85 percentile crew
members; 48 inches (1.22 m} have been established for head (top of helmet)-to-heel
height. An additional 2.5 inches (0. 064 m) of clearance is allowed between a crew
member and the nearest thermostructural wall. Crew members are located with their

back angle at 10 ° (aft relative to a centerline normal} for orbital and entry modes,
and at 0° during the ascent mode. The change in position is accomplished by inserting
an inflatable wedge-shaped cushion between the crew member and the seat back; this
cushion is rapidly deflated in the event of an emergency ejection.

The weight and respective volumes of subsystems were parametrically determined
for the range of crew sizes and vehicle sizes. Landing gear layouts were used to
determine volume allocation; landing gear must be specifically located to suit landing
dynamics and, therefore, have a significant effect on internal arrangement and space
utilization.
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4. Vehicle Size Versus Crew Number

Selection of size as a function of crew number was accomplished by an iterative
process performed in three steps. The volume requirements for crew and equipment

were summed and the total compared against net internal volume available (Vnet). The

crossover points provided the initial estimates of the vehicle size versus crew number.

The initial size was then checked dimensionally for crew clearances, using head-
to-heel height, shoulder clearance and thermostructural wall clearance. The size
selection was then modified as necessary to attain desired clearance. Crew arrange-
ment was examined to ensure that the entire volume was being efficiently used for the
full complement of crew.

Consideration was given to two other factors throughout this evaluation:

(1) Crew arrangement was examined with a less than complete complement.

(2) The goal of minimal crew mobility requirements for ease in entrance, exit
and operation was also integrated.

More than one crew arrangement was tried and examined for compatibility and
volumetric utilization. For example, on the four-man vehicle, four separate arrange,
ments were explored: single row at the centerline; one-one-two seating; one-two-
one seating; and two-by-two seating as follows:

Selected crew arrangements used in the parametric phase of this program are shown
in figure 40.

The vehicles were then checked for incorporation of subsystems, which themselves
were recalculated to be compatible with any change in size due to crew space integra-
tion. Additional size modifications were made as these results indicated, rechecking
each time for crew clearance and systems inclusion until the requirements and avail-
able volume matched.

To ensure that the results display a relatively uniform progression without any
wide dispersions or incongruities, several other parameters were checked: volume

per man (Vto t divided by the number of crew); wing loading (entry vehicle weight

divided by planform area Sref); and equivalent internal density (weight of crew and

equipment divided by Vnet). Results of the final iteration are plotted in figure 41 and

the respective physical characteristics are presented in table 13.
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5. Research Potential

Distribution of volume for each parametric vehicle size is presented in table 14 and

plotted in figure 42. The remaining available volume (research potential) is calculated

by subtracting the space allowance for the required crew and required subsystems from

Vne t for the respective vehicle sizes. As a result of the detailed layout studies, these

parametric values (fig. 42) were reduced to those shown in figure 43.

The resultant available volume in the vehicles is not a single compact entity and,

therefore, has a practical limitation in availability for mission equipment. Also, this
volume may only be used within a specific density limitation to preclude exceeding the

design weights which must remain compatible with the structural design loads and mar-
gins. Wing loading must remain compatible with the heat shield design criteria.

B. VEHICLE ARRANGEMENT DERIVATION

This subsection describes the processes and various considerations in deriving a

final, integrated vehicle arrangement.

1. Crew Seating

Single row seating, wherein the head room inside the canopy extension is fully
utilized, results in the smallest permissible vehicle size, in terms of both height

clearance and effective space utilization. Ingress/egress was examined integrally

with crew seating. Centralized seating with hatches in the canopy area proved more
compatible. Hatches located off to the sides result in more difficult matching and

sealing, and enlarged, odd-shaped cutouts.

2. Landing Gear

Landing gear installations were incorporated for horizontal landing on any prepared

site with sink rates up to 13 fps (4 m/sec). The main gear is located close to the
vehicle c.g., whereas the nose gear is located near, and integrated with, the pilot's

station. With minimum size, the overall dimensions of the forebody are restricted.
Possible interference between the gear installation and crew seats is avoided by

simultaneous layout study. Landing gear type and arrangement has been determined
by a separate study which considered sensitivity factors and vehicle integration.

3. Subsystems

Data were tabulated from listings furnished by each of the subsystem specialists,
including weight, size and shape of the major components of each subsystem. Infor-
mation relative to additional constraints such as orientation, environmental conditions,

and any other sensitivity factor (e. g., close coupling for waveguide interconnected

components) was also noted for integration. Templates were made for all such com-

ponents to assist in developing equipment placement overlays.
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4. C ompartmentation
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Major structural partitions or bulkheads were located, and the particular compart-
mentation of each vehicle was derived. Primary bulkheads--the rear bulkhead just
forward of the elevons, a bulkhead at the main gear trunnions and a bulkhead just aft
of the pilotVs station and nose gear well--were located first.

5. Preliminary Area Assignment

An area assignment (space allocation} by bays was developed. Volumes required
for each subsystem were matched to the volume remaining in these bays after the
volume for the crew and landing gear was subtracted. Important considerations in-
volved in performing this matching were:

(1) Locating heavy items (e. g., batteries) and those items requiring minimum
attention and which fit into the smaller recesses in the nose area.

(2) Packaging complete subsystems in a compact area to minimize intercon-
nections, wiring and plumbing.

(3) Grouping similar subsystems in adjacent racks to enhance maintenance,
inspection and checkout.

(4) Locating items requiring final adjustment and observation in readily accessi-
ble areas, near to onboard crew members.

{5) Locating in less critical areas and removed from crew positions that equip-
ment which can cause hazardous conditions or environments due to mal-

function and/or leakage (e. g., propellants, hydraulic units, heat exchangers).

(6) Locating stowage tankage adjacent to components which utilize their supply,
to minimize manifolding and line losses and enhance maintenance and check-
out.

6. Evaluative Layout

Layouts of the arrangements were made based on the previous considerations.
Three view drawings were made of the prospective arrangements to ensure structural
clearance, compatibility with mounting provisions, and allocation of space for the
ECS (cold plates, blown air and/or insulation). Sufficient accessibility was provided
for installation and connection of electrical harnesses, plumbing, etc.

I

I
I

7. Critique and Tradeoffs

Overall arrangements were examined for efficient use of space, compatibility of
c rew and equipment with structural arrangement and integrity, acces sibility for
maintenance and refurbishment and application of operational usage. Each subsystem
technical specialist was consulted during this process for his concurrence and approval
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of subsystem compatibility, proper orientation, accessibility provisions, environmental
compatibility and any obvious electromagnetic interference characteristics which could
affect the relationship of components in the arrangement.

8. Final Iteration and Preparation of Drawings

Final data were integrated regarding such physical characteristics as actuator
locations, control surface horns and locations of thrustors. Concurrent with the
sizing and arrangements studies, several specific and detailed layout studies were
made in the more critical areas. These studies included layouts for:

(1) Thermostructural design

(2) Canopy, windshield and windshield protective cover details

(3) Tip fin and fin flap area

(4) Elevon area and elevon travel

(5) Aft end (base) area including adapter interface

(6) Deorbit/abort propulsion systems

(7) RCS thrustor installation

(8) Landing gear design and installation.

Specific dimensional data were made available from these layouts so that the final
iteration was a recheck rather than a redesign. The final iteration provided the com-
plete, integrated arrangements from which inboard profile drawings were prepared.

C. DESIGNS OF FIVE VEHICLE SIZES

Basically similar arrangements evolved from the results of the parametric phase
for all five vehicles. These are shown in the inboard profiles presented in figures
44 through 48. A separate layout was prepared with a reduced number of crew in
ejection seats to evaluate the effects of crew ejection versus total vehicle recovery
on volume requirements and vehicle arrangement (fig. 49).

Significant aspects of the five-vehicle configuration arrangements follow.

1. Structural Arrangement

Thermostructural analysis and design, along with structural design criteria and
load integrity, is specifically detailed later in the vehicle design section. This sub-
section describes the general structural arrangements.
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Vehicles were divided into compartments by primary bulkheads located as follows:

(1) Nose bulkhead closing off the forward end of the pressurized crew area and
nose gear well. This bulkhead takes the nose gear loads.

(2) Bulkhead just aft of the pilot's station closing off the aft end of the nose gear
well.

(3) Bulkhead just forward of the main gear well. This bulkhead supports the
main gear trunnions.

(4) Rear canted bulkhead just forward of the elevons. This bulkhead carries
the elevon hinge loads and supports the tip fins. A pressure-tight hatch is
subsequently incorporated in the center when an exit tunnel is included in
a rendezvous modification described later.

A longitudinal platform consisting of a pair of vertical beams and a horizontal floor,
approximately 26 inches (0.66 n_i in width, is incorporated along the bottom centerline of
the vehicles. This platform, straddling the nose gear well, supports the crew seats,
stiffens the flat bottom for pressurization and backs up the body extension {between the
elevons) to lag out the launch loads.

Vertical beams, parallel to the centerline, are located at the inboard edge of the
main gear wells (and vehicle recovery chute containers) running lengthwise between
the third and rear bulkheads.

The areas in the nose cap (forward of the nose bulkhead), nose gear well and main
gear wells are not actively pressurized; however, the pressurized sections are vented
into these areas to reduce pressure differentials and leakage rates. The portion of
the vehicle aft of the rear bulkhead is completely unpressurized. The remaining in-
ternal volume (crew and equipment area) is pressurized, thermally controlled and
contains controlled atmosphere. The pressurized volume ranges from 75% of the
total available internal volume forward of the rear bulkhead on the one-man vehicle
(A) to 80% on the eight-man vehicle (E).

2. Crew Arrangement

Crew seating is primarily in a single row along the centerline to take advantage of
the head room within the canopy extension. The pilot's location is established by
helmet clearance inside the canopy and by proximity to the transparent windshield,
maintaining the design criterion of 2.5 inches {6.35 cm) of clearance between the crew
and internal walls. On the one-and two-man vehicles, however, the head-to-heel
height is critical and the pilot's location is forced rearward to gain sufficient vehicle
height; the pilot's location is determined by heel position at the forward bottom, as
well as helmet clearance in the canopy. Figure 50 shows pilot location relative to
vehicle size based on these considerations.

Crew seats are tandemly arranged behind the pilot using 48-inch (1.22 m) spacing

for seating with lightweight (nonejection) seats. The seats are situated on and sup-
ported by the structural platform.
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Removable sections of the canopy extension are incorporated for ingress/egress .
of the crew members. A small profile on each inboard profile drawing (figs. 44
through 48) shows the hatch arrangement for the different crew sizes.

A jettisonable protective covering (fig. 51) envelops and shields the transparent
windshield during entry. This cover is jettisoned at approximately a 70 000-foot
(21.3 km) altitude.

!:i I
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I
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3. Equipment Arrangement

Where feasible, equipments for each subsystem are concentrated in individual bays
assigned to their respective system to minimize interconnection and line losses and
to enhance checkout and refurbishment.

Batteries (electrical power supply) are located in the nose cap and along the nose
gear beams, placing them as far as forward as possible to aid in achieving static
balance.

Avionics components are mounted on the pilot's station bulkhead (2nd bulkhead)
where they are more readily accessible for last minute communications link checkout
and possible in-flight maintenance.

I
I
i

I
The instrumentation center (data storage, transmitters, receivers, etc.) is com-

prised of subchassis assemblies (shelves) and located in racks in the side bays. Alter-
native arrangements (shelves) may be substituted on any research flight. This flexi-
bility is incorporated since this subsystem will probably have the most variations due
to differences in the respective research missions.

Nominal payload space is reserved as near as possible to the c.g. to provide for
variations in mission equipment weight and its effect on balance. Coincidentally, this
location also has more useful body depth across the width of the body and, therefore,
is able to accommodate larger pieces of research equipment.

Guidance and navigation subsystem components are located underneath the deepest
(forward) portion of the crew platform where minimum structural deflection is anticipated.

I
I

I
I

EC/LS subsystem components are combined in a modular unit and installed under-
neath the aft portion of the crew platform. The operational portion of this system re-
mains relatively constant, regardless of the number of crew members.

Expendable supply tankage is located aft of the main gear bulkhead. Manifolding
is minimized since the supply and system are relatively close coupled. In addition,
placement is such that the weight change (expenditure of fluids and gases) has only a
small effect on balance.

Surface control hydraulic system components are located near the rear bulkhead,
in proximity with the actuators. High pressure line lengths are minimized. The noise
level, vibrations, heat and vapors associated with this equipment are removed as far
as possible from the crew stations by this placement.

I
I
I
I
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Vehicle recovery chute canisters are located in the aftmost bay adjacent to the main
gear. In this position they can be raised for chute deployment in the clear area between
the center and tip fins.

Propellant stowage is in the rear bay, removed from the crew areas as far as
possible.

4. External Equipment

A tradeoff study was conducted and layouts of several abort/deorbit propulsion
systems were evaluated (figs. 52 and 53). The selected method utilizes a cluster of
four spherical, solid propellant rocket motors (SRM) to accomplish abort/deorbit by
proper sequencing (fig. 53). These motors are located in the adapter, and a small
portion of the adapter remains with the entry vehicle until after deorbit. This portion
of adapter section is jettisoned with the SRM's still mounted in place.

A pair of thrustors which provide the landing assist impulse are located in the base
of the vehicle in the body extension between the elevons. Propellant for these thrustors
is included in common tankage with the reaction control system requirements.

Clusters of three reaction nozzles for vehicle attitude control are located in the base

of the body at the outboard corners. These units are submerged with only the nozzle
exposed at the base of the tip fins below the fin flaps and outboard of the elevon cutout
(fig. 54). This location provides maximum arm length for control moments.

Antennas for communication, telemetry, etc., are located on the body and center
fin. Antenna locations have been optimized for the recommended vehicle size based
on radiation pattern measurements using a 1/4-scale model of the HL-10 (see Part VII).

D. ADAPTER GEOMETRY AND INTERFACE

1. Adapter Design Data

An analysis was performed to determine the optimum incidence angle between the
HL-10 and the launch vehicle. The resulting data have been integrated into the adapter

configuration and design.

Several candidate adapter designs were prepared for evaluation, and a selection
was made. Factors considered were:

(1) Clean separation

(2) Structural integrity

(3) Dynamic stiffness

(4) Minimum mechanical devices for separation

(5) Simplicity of fabrication.
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2. Selected Design

The selected design is the "chin" type where the adapter interface projects below
the base of the HL-10 vehicle, and a jettisonable "chin" fairing is added between the
interface and the bottom of the entry vehicle. A structural member is located inside

this fairing, penetrating and attaching to the primary structure of the HL-10 at the
rear bulkhead. The interface and forward end of the adapter appear in figure 53. The

Titan HI/HL-10 launch configuration is shown in figure 55.

The selected adapter design geometry is tabulated in figure 56 from the Titan III.

E. TRADEOFF STUDIES AND POTENTIAL PROBLEMS

Specific parametric design studies were performed to substantiate technical de-
cisions and to furnish comprehensive data. The conclusions from these studies are

summarized in the following subsection.

i. Visibility

Direct visibility for all vehicle sizes is marginal, even with the D canopy (see

section IV). Improvement in visibility could be accomplished by reshaping the upper
nose area of the body and redesigning the transparent area. An alternative is to raise

the pilot's eye level, which necessitates increasing canopy height. Reshaping the nose
will have an insignificant effect on the volumetric efficiency but will have a detrimental
effect on the available instrument panel area which is already marginal for the smaller
vehicle sizes.

A fiat panel windshield arrangement and a conical transparent area were examined.
The conical windshield was selected and used in the visibility studies because it offered

better visibility by eliminating blind spots associated with frames and presented a
better aerodynamic shape, and because fabrication and attachment are simpler.

2. Display Area

Experience with several design studies and crew area mockups (including the PILOT
program) suggest that available area for the pilot's display and control panel, for the
smaller vehicle sizes, may be below the level necessary to allow single pilot operation

throughout the flight (ascent, orbit and entry).

Depending on the results of air launched flights and future simulation programs, some
compromise may prove necessary to obtain additional panel area. Potential solutions

would include enlargement of the pilot's area, shifting the pilot rearward into the

larger portion of the vehicle, or dividing crew responsibilities.
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3. Base Area/Adapter Interface

The shape and arrangement of the base of the entry vehicle body are important to
structural integrity, and must consider the secondary (rendezvous mission) applications.
This base area is an asymmetric shape. The discontinuity in principal bending axes and
sectional properties (moment of inertia) across the base requires thick, heavy materials
and results in a complex structural design. Addition of a projecting faired-in conical
bump at the bottom eenterline of the vehicle would substantially alleviate these conditions.
The aft body profile and adapter geometry would be colinear (straight through to and
including the booster), the notch effect which causes buffeting would be elimi-
nated in the lower profile between the body and adapter, the adapter cone angle and
length could be reduced, interface attachment bolts would have a more symmetrical
pattern, overall load distribution would be improved (lessening tail-end weight), the
revised shape would better accommodate a turbojet installation, and an exit tunnel of
the size considered necessary by MORL would be more feasible.

The base area is not large enough on the smaller vehicles for installation of a jet
engine for go-around capability or to incorporate an exit tunnel for rendezvous egress.
This area is marginal in size for the engine or tunnel, even on the larger vehicles
(fig. 57).

4. Air Launch

Feasibility studies with layouts of the HL-10 suspended under the B-52 and attached
to the present X-15 pylon point out a critical interference problem (fig. 58). The
high center fin on the HL-10 with Canopy-D would penetrate the main wing box of the
B-52 w_ng. If lowered to clear the wing, there would be insufficient ground clearance
beneath the HL-10 on all vehicles larger than the two-man size (21.25 ft--6.48 m).
A new pylon design discussed in Part V is therefore required.

During an air launch flight test, only a pilot (one man) is aboard. Clearance for
over-the-wing ejection is mandatory.

5. Nose Gear Installation

There is a potential problem of interference between the nose gear installation and
pilot's station due to more restricted dimensions and lack of space in the nose area.

Since the proposed gear arrangement is comparatively short coupled, the nose gear
cannot be moved aft of the pilot as this would worsen landing dynamics. Some other
compromise would therefore be desirable. Should nose area reshaping be considered
for visibility purposes, the gear problem and display area problem should be included
and integrated in any redesign effort.

103



• .: ..:

HODI F I ED/
CANOPY

\! '\

.L L L t j

__ PLAN CE_
VIEW

"l [ I r"1

00 0000• • O0

l: oo
40Q

00 000

104

/

/
/
/

/ ]

- X--- _---

> ..... -q--, i.....
//'_- _-- I/ _ _ ....

1 )

* /

" "" , X-15 PYLON STATION_

/ //_ _ AND EJECTION
_-"J- _SEAT CG

1

1

..... ---I_-i-2_-_----_ ---- ..... __/J \ I-MAN SIZE 20.0 FT
,,,_\-_ I \ -¢ \ 4-MAN SlZE 23.4 FT

X-I, PYL ON -iI---m--_ t "__t I-.._', _ PYLON STA.O 8-MAN SIZE 26.4 FT

-----t-_--__\ \ \_.-MAN

B-52 MINIMUM GROUND'L --_--_--_F _'-_9}_H"_'_'L_NE------ _ CM__ B MAN
..... -----__- ! MINIMUM GRO.,.;-L_NE--- _.__, "-__L_,__ C____.

WL48 B-52 STATIC AND TAXI GROUND LINE }

FIGURE 58. DROP TEST VEHICLE MOUNTED ON B-52

• 000 000• ,: ,, : : ,00 • • • • •

I • • • • O0•.. :.. ...... : .. :

I

!

I
I
I
!

I
I

I



I

I

I

I

!

I

!

I

I

I

I

I

I

I

I

I

I

I

::: :," :.. ......... .. • • • .....

IV. CANOPY STUDY

A special canopy study was conducted at the request of the NASA to determine
if the HL-10 configuration to be utilized in the entry research study should or should
not have a canopy. Tradeoffs considered in this decision process were:

(1) An assessment of direct visibility with Canopy D

(2) Effects of Canopy D on aerodynamic performance

(3) Effects of Canopy D on internal arrangement and design

(4) Status of indirect vision systems

(5) Pilot opinion.

This section presents the canopy study results, including discussions of technical
factors and reasons for the decision to use the HL-10 with the D-canopy.

A. VISIBILITY CRITERION

Review of the operational requirements during any typical lifting body mission in-
dicates flight phases where crew visibility is highly desirable, and other flight phases
where visibility is mandatory. Visibility is a desirable feature during operating modes
such as rendezvous, docking, station departure, deorbit and entry prior to atmospheric
penetration. Small window ports or remote viewing devices will adequately satisfy
any requirement during these operating modes without affecting vehicle size or con-
figuration. The landing maneuver, however, since it is to be performed under pilot
control, requires that the pilot be afforded as much visibility as possible. Because
of vehicle design limitations, the problem is how well he can handle the entry vehicle
with the visibility he is afforded. For this reason, both direct and indirect visibility
have been evaluated with and without a canopy.

Various aspects of the visibility criteria have been discussed with the pilots at the
NASA-FRC (Edwards AFB). These pilots have flown a modified F-104 using a peri-
scope system {indirect vision) from takeoff through landing, and they felt that the peri-
scope system was adequate. However, their acceptance of indirect vision is conditioned
by the fact that a safety pilot with normal (direct) vision was present during the test,
and that a jet engine providing go around capability was available. These pilots did ex-
press a need for a side window allowing a direct view of the runway during a 360 ° ap-
proach turn.

Summarizing, pilot opinion consistently reflects a preference for some degree of
direct vision. Side windows to supplement an indirect viewing system for landing
would be considered a minimum requirement.
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B. CANOPY D

The basic external canopy follows the geometry defined by the NASA as Canopy D

(fig. 59). The forward transparent areas shown here cannot be exposed to the entry

environment. A heat shield protective cover and insulation layer must be provided

(fig. 51). The heat shield is set out from the basic mold line by 2-3/8 inches (0.12m),

and is jettisoned at about 75 000 feet (22.9 kin) to disclose a one-piece wraparound

windshield. This windshield is free of post obstructions that would exist with a flat

panel arrangement. The wraparound design also presents a cleaner aerodynamic

configuration since gaps, corners, and transitions are eliminated.

No attempt has been made to fully study the transparent windshield installation and

its host of problems (i.e., sealing, edge attachments, and thermal breathing). Past
Martin Marietta studies indicate that installation designs for an entry vehicle are well
within the state of the art since temperatures beneath the heat shield can be controlled

to +200 ° F (366 ° K) maximum allowing the use of a stretched acrylic plastic trans-

parency. If necessary, the conical shape windshield can be constructed from glass to
accommodate higher temperatures or space soak conditions that might be injurious to

the acrylic.

Former Martin Marietta lifting body studies have provided criteria for viewing
outside the vehicle. For in-orbit requirements, direct visual contact with the outside

is provided by a round port located to the left of the pilot's head. Through this window,
the pilot can orient the vehicle with the earth, confirm separation prior to entry, and

confirm entry attitude. This window is exposed at all times. Since temperature in

this area will not exceed 1800 ° F (1609Q K), a fused quartz multiple panel window with
a metallic hermetically tight seal can be installed.

The clam shell type canopy considered for this phase of the study is hinged at the
aft end and is dogged down with a series of mechanically actuated latches. Studies
indicate the edge attachment can be contained below the canopy/body intersection line

(fig. 51); therefore, maximum visibility is obtained. The clear area extends aft to a
canted frame (fig. 59).

C. EFFECTS OF CANOPY ON VEHICLE AERODYNAMICS

Figures 60 and 61 describe the subsonic aerodynamics of the entry vehicle, with

and without Canopy D; the Canopy D configuration has an L/Dmax. equal to 4.1 which

is about 10 percent less than that for the no canopy configuration. This reduction in
L/D, together with a reduction of about 16 percent in the transonic region and a re-

duction of 7 percent in the supersonic region, indicates some loss in maneuverability

during the landing approach for the Canopy D configuration (table 15).
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M =0.35
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000

L/D
max.

C L at L/Dmax.

TABLE 15

AERODYNAMICS DATA SUMMARY

C L at = 20 °

M = 0.92 L/D

6e = 0 a, deg

M = 2.0 L/D

5e = 0 a, deg

With canopy

4.15

0.225

0. 350

1.80

28.8

1.25

21.2

No- canopy

4.62

0. 250

0. 375

2.15

22.4

1.35

23.2

Change

-lO%

-10%

- 6.7%

-16%

- 7.4%
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l

l

t
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The canopy also degrades subsonic C L by about 7 percent at an angle of attack of

20 °. Since this angle of attack is the approximate value for touchdown (based on

landing gear length for tail clearance), the Canopy D configuration will have a greater

touchdown velocity by approximately six knots (3.1 m/see).

During the hypersonic flight regime, the canopy will be shadowed by the forward

portion of the entry vehicle. Hypersonic data at M = 6.8 substantiates the negligible
contribution of the canopy to the aerodynamic characteristics of the vehicle at hyper-
sonic speeds (Part III).

The overall effect of the canopy on flying qualities is difficultto estimate without

a more complex analysis. Lateral directional stability derivatives at the subsonic,

transonic and supersonic speeds are not appreciably affected by the addition of the

canopy. Significant dispersions in C only become evident above 15° angle of attack.

Transonic and low supersonic values of C I are significantly larger at the angles of

attack of interest. At angles of attack above 20 °, lateral characteristics in the tran-

sonic region are degraded due to the canopy; however, this situation is not significant
during flighton the front side of the L/D curve.

Preliminary estimates of flying qualities parameters show practically no change in

the handling qualities indicator (¢ob/COd)at 20° angle of attack (table 16). Control ef-

fectiveness is assumed to be the same with and without canopy. On this basis, the

addition of the canopy does not appear to present a control systems problem.
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TABLE 16

FLYING QUALITIES ESTIMATES FOR CANOPY COMPARISON

Mach no.

0.4

0.95

1.2

With canopy

1.51

1.29

1.14

No-canopy

1.48

1.24

i.15

D. EXTENT OF VISION AFFORDED BY CANOPY D

Maximum transparency has been designed into the forward canopy area. Never-
theless, forward vision from the vehicle centerline is limited by the restricted move-
ment of the pilot's helmet and by the relative position of the pilot's head with respect
to the windshield. Visibility envelopes for the A through E size entry vehicles are
shown in figure 62. The relative position of the pilot for each of these vehicle sizes
is shown in figure 63.

The vehicle attitude during the final approach to the landing point has been examined
(a typical landing profile is shown in Part III). Figures 64 and 65 show the view through
the windshield of the horizon and the runway as seen during the pullup float and touch-
down phases of the landing maneuver. A runway 300 feet (91.4 m) wide and 10 000 feet
(3.0 km) long was assumed. Although the horizon is not lost during the landing maneu-
ver, the runway itself is completely obscured beginning just prior to the end of the flare.
Figure 65 shows that a marker positioned 4000 feet (1.22 km) off to the side of the run-
way would be visible to the pilot at a point approximately 2000 feet (0.61 km) from
touchdown. At touchdown, the runway edges would be visible 374 feet (0. 113 km)
ahead of the vehicle (fig. 66).

In summary, the field of view using the direct vision which is available with the
canopy is marginal. Although/suitable visibility is provided by the canopy for most
flight phases, the visibility is deficient during the terminal phase of the landing man-
euver. For this flight phase, it may be beneficial to augment direct vision with in-
direct vision systems, such as a fibre optics system. Several indirect viewing systems
are discussed in section VII and show great promise. Of course, in the no-canopy
version, such indirect systems would be used to provide primary cues to the pilot,
with an ILS backup.
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E. EFFECTS OF CANOPY ON VEHICLE INTERNAL

ARRANGEMENT AND DESIGN

1. Vehicle Sizing

Table 17 indicates the different length vehicles which have been determined by
parametric analyses. It points out that for equal crew sizes, the vehicles with or

without canopy have essentially the same gross volume and surface area.

TABLE 17

EFFECTS OF CANOPY ON VEHICLE SIZE

Length, Volume, Wetted area Height,
L Vtot Vol/man Sw hmmx.

No. of ft 3 3 3 ft 2 2Version crew ft m m ft 3 m m in. m

With canopy 21.25 6.5 491 11.2 245 5.6 479 44.5 66.0 1.68
2

Nocanopy 21.9 6.7 495 11.3 247 5.6 485 45.0 56.8 1.44

:With canopy 23.4 7.1 655 14.9 164 3.7 581 54.0 72.7 1.85
4

No canopy 23.9 7.3 643 14.7 161 3.7 578 53.8 62.0 1.57

With canopy 25.0 7.6 799 18.0 133 3.0 663 61.6 77.7 1.97
6

No canopy 25.6 7.8 791 17.9 132 3.0 663 61.6 66.4 1.69

With canopy 26.4 8.0 941 21.4 118 2.7 740 69.0 82.0 !2.08
8

No canopy 26.9 8.2 917 20.8 115 2.6 732 68.0 69.8 1.77

V2/3/Sw = 0. 130

2. Crew Arrangement

A minimum of 48 inches (1.22 m) head-to-heel clearance has been used for seated

crew members where vehicle height is critical and 52 inches (1.32 m) is used where

space is available. Thirty cubic feet (0. 849 m 3) has been allocated for each crew

member with exception of the pilot. The pilot's station including consoles and instru-
ment panels varies in volume and dimensional size according to vehicle size and

whether or not a canopy version is considered. In the canopy versions, the pilot is

placed as far forward as possible within the canopy, to achieve best direct visibility.

0••

0••
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Vehicle with canopy.- Seating is generally restricted to a single row due to the
critical height dimension and to utilize gainfully the space within the canopy. In the
larger vehicles, body height becomes sufficient and some side-by-side seating can
be accommodated. Where such seating is employed, the space in the canopy is mostly
wasted.

The canopy configuration results in a single pilot station located in a most forward
position--any division of responsibilities becomes a significant task. Seating arrange-
ments are shown in figure 67.

No-canopy vehicle.- In the no-canopy vehicle, group seating arrangements are
possible. For cooperative effort, side-by-side seating of pilot and copilot or systems
operators is feasible, starting with the four-man size.

3. Crew Access, Transfer and Mobility

Vehicle with canopy.- In the erected (launch) position for four, six and eight-man
crews, it is impractical for crew members dressed in space suits to enter, crawl
over collapsed seat positions and re-erect seats; multiple hatches should be provided
for ingress and egress. In flight, crew mobility is limited since it will be difficult
for a crew member located along the centerline to move from his seated position and
pass beneath the canopy sill to move to another location within the vehicle.

For a 0 g state, and without resorting to extravehicular activities, crew transfer
is feasible if collapsible type seats are used. For an operational vehicle, intervehicle
transfer during an emergency would be further complicated by the crew entrance se-
quencing requirement.

No-canopy vehicle. - Sufficient space can be easily integrated into the seating ar-
rangements permitting crew members to pass between the seats. Hatches for ingress
and egress are located in the open areas and are at a minimum (fig. 68).

4. Effect on Equipment Installation

Equipment installations are more readily integrated with the seating arrangement
in the no-canopy vehicle, since more flexibility is available. Combining this fact with
the increased dimensional space, results in better space utilization and higher installed
densities. The no-canopy equipment accessibility for maintenance and checkout is
also improved since the equipment is generally adjacent to and on the same level as the
crew members. The equipment is also immediately visible to the crew members, per-
mitting a quick scan and fast appraisal.

5. Instrument Panel Space

The instrument panel layout and consoles for the vehicle with canopy are limited to
the area which is visible and within reach beneath the canopy sill. Previous studies
and mockups have demonstrated t}___ the no-canopy configuration,
panel areas required for desired i_n is_pl_y_'_attainable since the panels
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can extend the full depth of the vehicle, and more width is available since the pilot's
station is further aft, in the wider portion of the vehicle. The resulting side-by-side •
pilot/copilot arrangements would reduce panel area requirements.

6. Canopy Cover Problems

During entry, the transparent areas of the canopy must be protected with a cover
(fig. 51). The jettisonable heat shield for the canopy would require extensive sled

and flight testing to answer:

(1)

(2)

(3)

(4)

(5)

What path will the jettisonable structure follow after separation; will it en-

danger the vehicle's aft structure ?

What will its reaction be to a yawed flight condition?

What effect will it have on the vehicle due to a sudden c.g. shift?

Should the pilot perform a special nose-up maneuver while jettisoning the
shield for vehicle clearance and to relieve the sudden impact loading of the

transparent area?

What aerodynamic forces are acting on the canopy at the time of jettisoning?
Is there any optimum time when it should be jettisoned?

(6) What are the debris problems relative to ground installations since the vehicle
is approximately 20 nautical miles (37 km) from touchdown when the shield
is jettisoned at 75 000 feet (22.9 kin) or 14 nautical miles (25.9 km) if
jettisoned at 50 000 feet (15.2 km).

Studies have been made on nonjettisonable covers, and the conclusion has been reached
that such devices are impractical.

7. Effect on Growth Potential/Mission Flexibility

Addition of the D canopy, with its extension to the base of the vehicle, increases
the base area and provides more space for an exit tunnel and greater depth for the
booster adapter. Some penalty is incurred and some modification might be required
in the no-canopy vehicle to provide sufficient base area for an exit tunnel and for
structural purposes; i.e., booster adapter attachment. Greater flexibility in arrange-
ment is available in the no-canopy vehicle since mission equipment can be readily sub-
stituted for crew members within the more uniform height and more open interior space.

8. Structural Effects

Structural complexity is added with the canopy. Ingress/egress hatches required
by in-line crew arrangement and lack of internal mobility reduce the canopy to a series
of hatches, creating problems in structural flexibility and pressure sealing. In the
windshield area, the usual problems of structural transition to the transparency are
inherent, along with sealing and thermal protection problems.
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Frame sizing was studied for canopy versus no-canopy versions to support the
'weight study. Results of this study are reported in section V.

9. Weight Study, Canopy Versus No-canopy

Tables 18 and 19 show the weight derivation of the canopy and no-canopy versions
of the HL-10; figures 69 and 70 show the weight and length comparison. The break
in the curves between two and three crew men occurs due to the change from ejection
seats to a total vehicle recovery chute system. The data indicate there is no signifi-
cant change in weight between the canopy and no-canopy versions. The weight
comparison varies within the relatively narrow limits of 3 to 123 pounds (1.36 to
55.8 kg) difference, although the vehicle length for the no-canopy version is always
greater than for the canopy version. Except for the one- and two-man vehicles, the
difference in length is approximately 0.5 foot (0. 152 m).

A more detail review of the weight comparison indicates that only three subsystems
show any appreciable weight difference between the two versions of the HL-10 (fig. 70) :

(a_ Structure and heat shield.- A preliminary structural analysis indicates that the
structural and heat shield unit weight per square foot of surface area is identical for
both versions. On the canopy version, an increment of 120 pounds (54.4 kg) is allowed
for the windshield, sills, ejectable cost of the heat shield, etc. The balance of the
canopy area is included in the surface area of the body and treated as a normal part
of the structure. The canopy version is heavier for all sizes except the one-man
size, with the greatest difference amounting to 77 pounds (34.9 kg). A possible
weight increase item not considered is the fact that the canopy version may require
more personnel access doors than the no canopy version. It is felt, however, that
this item will not seriously change the overall comparison. A study was performed
to evaluate the frame weights for a canopy and a no-canopy version. Two vehicle sizes
were selected for analysis (two-man and eight-man), with and without canopy. A
computerized analysis and optimization procedure was used to determine the structural
frame requirements at three vehicle stations, 0.25 L, 0.5 L and 0.74 L. Since these
evaluations were done in a simplified manner which did not account for cutouts, the
results serve primarily to provide comparative rather than absolute values (figs. 71
and 72). The frame weight difference is negligible because the greater unit weight of
the canopy version is compensated for by the smaller vehicle size.

(b_ Surface controls.- Surface control weights vary as a function of L 3 and are

always slightly heavier on the noncanopy version. Maximum weight differences of
94 pounds (42.6 kg) and 55 pounds (24.9 kg) occur at the one- and two-man level.
Average differences for the remaining vehicles are approximately 30 pounds (13.6 kg).

(c) Ballast.- Ballast requirements vary between the two versions due to geometric
parameters and crew location. The amount of ballast required increases much more
rapidly with length and number of crew on the no-canopy version. In the minimum

size vehicle, the ballast required for the no-canopy version is 135 pounds (61.2 kg)
less than the canopy version. At the 12-man size, the no-canopy version requires
110 pounds (49.9 kg) more ballast than the canopy version.
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F. SUMMARY O_:TE C_INiCA:L T_D'EOFFS

In summary, addition of a canopy to the HL-10 does not result in any significant
vehicle design or arrangement problems. However, summing the advantages and
disadvantages as below the technical aspects favor the HL-10 version without the
canopy.

Canopy version

• Largest base area for booster at- •
tachment and crew transfer tunnel.

No-canopy version

More versatility in crew station
layout and group arrangements.

Limited instrument panel space for
pilot.

Complicated hatches required for
crew access provisions.

Complicated canopy cover required.

• Better crew transfer and mobility.

• Pilot-copilot crew station with
sharing responsibilities possible.

• Slightly longer vehicle required
for same size crew.

Will require extensive ground and
flight testing.

Que stionable visibility.

Negligible weight difference in
canopy versus no-canopy vehicle.

Will require some flare at base of
vehicle for booster attachment
and future crew transfer tunnel.

More accessible equipment in-
stallations and better equipment
arrangement flexibility.

'• Indirect vision system required.

G. CONCLUSIONS

The fundamental visibility requirement is that the pilot of a lifting entry vehicle
has the runway in sight throughout the flare, float and touchdown maneuver of a
horizontal landing approach. Based on this requirement, the visibility available
with the D-Canopy, regardless of vehicle size, is unacceptable, and should be aug-
mented with an indirect vision subsystem. The results of the F-104 flight test eval-
uation of a periscope system for indirect visibility show that such systems can
provide adequate visibility for performing the landing maneuver.

Simulated and actual landings, as possible with the HL-10 air launch vehicle,
would be required to challenge the criteria for runway visibility or to establish an-
other minimum acceptable visibility criteria. Similarly, additional wind tunnel
testing would be required to assess the feasibili_, of modifications to the HL-10
and its D canopy, which would improve direct visibility.. Finally, further assessment
and development of indirect viewing systems would be required to qualify them for use
on an entry system.

i:i :" "'" "i:" "':
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The data presented in this study show that the size selection of an entry vehicle to per-
. form entry research will not be influenced {based on weight and volume considerations}

by the canopy decision. What may be more pertinent to the size selection is a potential
requirement to include an access tunnel, a docking interface and an airlock at the aft
end of the entry vehicle. The effect of this requirement on vehicle size selection is
less significant for a configuration with the Canopy-D which extends to the base of the
vehicle.

The effect of the canopy decision on entry research potential is small since the
primary area for entry research is in the entry phase, down to low supersonic speeds.
It is unreasonable to include landing visibility research as part of the entry research
program, since this type of information is more economically available from the HL-10
air launch vehicle. The canopy configuration does present the opportunity to test the
canopy heat shield configurations and their ejection. However, the canopy version
somewhat decreases piloting research potential because it reduces the display panel
area, though most research functions can be accomplished at other crew stations.
These arguments do not appear to have a very large effect on the total research
potential.

A decision was reached, with NASA participation and approval, to include Canopy-D
on all the HL-10 configurations throughout the remainder of the study. A primary
reason for this decision is to provide as much visibility to the pilot as possible during
the entry research program because of its aspects of safety and pilot reference.
Indirect systems would be used to augment direct vision where necessary in specific
flight phases. Analysis of these systems, and comparisons with direct vision should
continue to be an objective of the entry research program.
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V. WEIGHT ESTIMATING DATA

I

i
I

I
I

I

I

The parametric weight analyses included the five entry research vehicle sizes
associated with 1-, 2-, 4-, 6-and 8-man crews. As previously described, these
sizes were established by detail layout studies and allow sufficient volume for the
crew and subsystems, including instrumentation. Allowances for test equipment
weight and volume were determined by off-loading crew.

The weight data were based on a D-canopy version of the HL-10 and on a nominal
flight of three orbits with a contingency allowance of two additional orbits. All sub-
system weights were based on designs having the necessary redundancy to provide
high reliability for crew safety.

No additional weight contingencies were allowed for in this parametric study since
these would not affect the comparison. Also, it was felt that the weight data were
realistic and had about the same probability of being reduced as of being increased.

Crew ejection seats were used in the A and B size vehicles. Emergency recovery
chutes for recovering the entire entry vehicle were used at and above the C size (3-
man crew).

Subsequent sections show the weight estimates, and the methodology employed, for
each of the major subsystems.

I
I

I
I

A. WEIGHT ANALYSIS OF SPACECRAFT SUBSYSTEMS

i. Structure

The structure weight is based on using aluminum based on a maximum temperature
of 200 ° F (387 ° K) at the outer skin in the body and titanium at a maximum temperature
of 800 ° F (700 ° K) in the tail surfaces.

Analytical studies of various shell structures for two sizes were conducted and
results are discussed in section VII. Sheet, frame and longeron construction with a
10-inch (25.4 cm) frame spacing was selected for the weight basis. Figure 73 shows
the structure unit weight variation versus length.

1

1

I

Weights for the internal structure (e. g., bulkheads and longerons), which are related
to size and therefore shell weight, were derived from existing vehicle technology. The
basis used was the PILOT vehicle which is very similar in concept and loadings and has
been analyzed in detail. The ratio of shell weight and internal structure weight to shell
weight of the PILOT vehicle has been used, with a slight correction for pressurization.

Other components of structure which tend to remain fixed for specific configurations
are shown in table 20.
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TABLE 20

VEHICLE BODY WEIGHT (W B =2.25ABW S+w F}

I
I

I
Type of seat

Numer of crew, N
c

Size designation

Wetted area (AB = 0.880L2), ft 2

2
, m

Structural unit weight, W S, psf
(fig. 73)

, kg/m 2

Basic structure, 2.25ABWs, IbM

,kg

Items unrelated to shell, W F

Canopy (incl 1 hatch), IbM

,kg

Ejection hatches (1) , IbM

, kg

Entrance hatches (3), lbM

,kg

Miscellaneous , IbM

, kg

Total , IbM

,kg

[Body structure weight, W B, IbM

, kg

Ejection Standard

1 2 4 6 8

A B C D E

352 398 482 550 613

32.7 37.0 44.8 51.1 56.9

1.17 1.20 1.27 1.35 1.45

5.72 5.86

927 1075

420 488

334 334

152 152

-- 141

-- 64

i00 i00

45 45

434 575

197 260

1361 1650

617 748

6.20 6.59 7.08

1377 1670 2000

625 758 907

240 240 240

109 109 109

225 225 225

102 102 102

100 100 100

45 45 45

565 565 565

256 256 256

1942 2235 2565

881 1014 1163

128

":i :'"
... ::
OO0 O0

ER'14471-4

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



I
I

I
I

I

I
I

I
I

I
I

I
I

I
I

I
I

I

-:i
011

III

FIGURE 73.

'_ 1.5
t.L

OQ

: . "'" .'. :
:I

h--

1.4

1.3

I.

I.

!!!!![iiiiJiiJiii!iii!!Id_ilil!F[!ijiilliiiiit!iiiiiiiiiii
BASED ON SHEET FRAME (IO IN. (25.4 CM) SPACING)

AND LONGERON CONSTRUCTION

iiiiiiiiiiiiiiiiiiillll_ll:lillll[lllllllIIllllllllllllllll_.

iiiiiiiii!!!!iiiiiiiiiii!ii!!iiiiiiii!!!!iiiii!!!!!iiii_Ti
JJIli[lllllltl[1111111Tl, lllll]]llilll]l[11111,111T,_

J_LJJ_LIIIIIEII[I+IIIIIIIIIEIIIII_,, illillllllll_"lll,
IIllll[ll]lllllllllllllll ]llrlJlll]ll]llllllllll_ll

__IJliliJlIlllJl]lll_lll]l[l_Iillilllillllll+ L,dFr Jilll
Ji_I ]iIlJli11,iJilii[_li]iili_lJiiili]li[ii

_p]l_[lillllllll]illlllllillll]ll'llttllIJl_IJiIlllI?lll_l
]i]lltl[llllll)itlllll lll[IrllilliliillJ[JL_ll_lllllfllllllllllllllIll ............ II ........ ]]il

_Jllllllllllll?l[ll 1111111111Jl,l_dor'Tll_llll, [I]II?II_II?
,III]II ;_,,,ll[llll_Ill_lllll[ll_

_lllllll]lllJllllll, IIIII_,,,, ITI+H .......,,,,,,,,.....II,,_...._
ll[IIItl]]TI IIIILI.._'I'_I[I]lll I III IIIIIIIIIillll

_I'J_P=CZIIIIIII_]II]IIIIIIIIIIIII]I IIL,,,,,
r[]l,-._,,_-Vlll]lllJllt]lllll lllltlll]lll

r_llllll+]II_IllllllllIl ii_i]ii_iii

_,,i_Jiiiiill]_iii]iilllllIiiiiiii_i]ii[tll
,ll]lllll,llll[lilll_lll_,,,

II_ll],lllllll,_llllllJll
[liiii[li_iiiii[lJiiiiii]iill]]Z[

20 21 22 23 24 25

VEHICLE LENGTH, FT

I I I I I I I I

6.0 6.5 7.0 7.5

VEHICLE LENGTH, M

l]llllllllllllIII

I[III_:::IIIIIIII

i=_* +_

IIIIII_IIIIIIIIII
...............II6.O

IlllllllliIill[l[

I[IIIIIIII+III
+ITI)IIIIJ]IIITI]
llil+llllllll............. +III
lllCllll[lll][IIl

lllllllltl I-5 5
iiii1[11_1111111 I •
IIIIICJlJlillllll

26 27

l I

8.0

½

-7.0

,T,

STRUCTURAL UNIT WEIGHT AS A FUNCTION OF ENTRY VEHICLE LENGTH

"+":i" "" "" """ "'" "" "'" :'" "'"O1 • OlO

".: ..: ".: ..":

ER 14471-4 129



o.:
"o:
•O0

The weight derivation formula for the total body structure is.

Body structure weight, W B = (AB)(Ws)(FB)+ W F

where

A B = Wetted area of body = 0.880L 2

I

I
I

W S

F B

W F

Derivation of FB:

FB _ Wbody shell + Wrelated items

Wbody shell

= Average structural weight per unit area*

= Body structure weight factor

= Weight of fixed structure unaffected by body shell size

I
n

I

I
Therefore

609+763 = 2. 25
FB = 609

The F B ratio was accordingly determined from PILOT vehicle weights as follows:

Body shell
Skill

Stringers
F rames

Related items
Bulkheads

Longerons
Beams
Hatches and doors

Tail supports
Trailing edge structure

Flooring

262
74

273

271

114
121

160(b)
27
20

5O

lbM

609(a)

763

118.8
33.6

123.8

122.9

51.7

54.9

72.6

12.2

9.1

22.7

kg

276.2

346.1

I
I
I
I

(a) W S for the PILOT vehicle = 609 lb/409 ft 2 = 1.49 lb/ft 2 (7.27 kg/m 2) for

reference purposes.

(b) Twice the PILOT vehicle weight to allow for pressurization.

*Reference figure 73 (based on analytical structural analysis}.
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Weight of tail structure

where

A S

Tail surfaces were estimated on the basis of a unit weight per unit of flat plate area.

=w t = r (As) (wt) (Fs)

= flat plate area of individual surfaces

= K (L 2)

W t = average structural weight per unit area

F S = surface structure weight factor = 1.0

K = individual surface flat plate area in percentage of body

length squared (L 2)

L 2 = body length, squared

For each individual surface, K and W t are given in table 21.

TABLE 21

TAIL STRUCTURE WEIGHT FACTORS

Lower elevons (2)
Upper elevons (2)

Outer fins(2)
Outer flaps (4)
Center fin (1)

Center rudders (2)

Total

Average value

K

lbM/ft 2

0. 0528 4.0
0.0322 2.5
O.0502 5.0

0.0260 2.5

O. 0251 2.0

O. 0200 2.0

O. 2063

3.38

W t KW t

kg/m 2

19.5

12.2

24.4

12.2

9.8

9.8

16.5

ibM kg

0.2112 1.031

O.0805 O. 393

O.2510 1.225

O.0650 O. 317

O.0502 O. 245

O.0400 O.195

O.6979 3.406

Therefore, total K = 0. 2063, total weight of the tail structure = KW t = 0. 698L 2

pounds (3. 406 L 2 kg), and average unit weight = 3.38 psf (16.5 kg/m 2)
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Total structural weight.- The total structural weight is given in table 22.

TABLE 22

TOTAL STRUCTURAL WEIGHT

Vehicle designation (size)

Number of crew, N c

Body, W B, lb

, kg

Tail, Wt, lb

,kg

Totalstructure,

, kg

A

1

1361

B C D

2 4 6

1650

617 748

279 315

127 143

1640 1965

744 891

1942

881

382

173

2324

1054

2235

1014

436

198

2671

1212

E

8

2565

1163

486

221

3051

1384

2. Heat Shield

The heat shield weight estimate shown in table 23 is based on detailed analytical

studies and is calculated with a digital computer program discussed in section VII.

TABLE 23

HEAT SHIELD WEIGHT (TURBULENT FLOW)

Vehicle designation (size)

Number of crew, N
O

Wing loading, W/S, psf

, kg/m 2

Heat shield weight*, Ib

,kg

A

1

50.2

245.1

1780

807

B C D E

2 4 6

51.9

253.4

1980

898

54.4

265.6

2380

1080

56.2

274.4

2710

1230

8

57.9

282.7

3000

1362

*Heat shield weights include:

(a} A fixed weight allowance of 0.93 psf (4.54 kg/m 2) for the 1/4 inch (0.63 cm)

fiber glass honeycomb and hat sections.

_) An allowance•f7.9 percent•f total heat shield weightfor silicone phenolic

edge members around doors, hatches, etc.
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Body temperature is limited to 200 ° F (366 ° K) and tail temperature is limited to
800 ° F (700 ° K). All turbulent flow heating during entry is assumed. An all-ablative
heat shield construction is utilized, consisting of ablative material ESA 3560HF or
ESA 5500 bonded to phenolic honeycomb panels which are supported off the basic
structure by tubular hat sections. Microquartz insulation is installed between the
honeycomb panels and the structure.

3. Crew and Furnishings

The weight breakdown for the crew and crew station furnishings is shown in
table 24.

TABLE 24

CREW AND FURNISHING WEIGHTS

I

I

I

I

I

I

I

I

I

I

I

Vehicle designation A B C D E
{size)

Number of crew, N 1 2 4 6 8c

Type of seats Ejection Standard

IbM kg IbM I_ IbM kg IbM kg IbM kg

180 81.6 360 163.1 720 326.2 1080 1489.3 1440 652.4

25 11.3 50 22.7 100 45.3 150 68.0 200 90.6

209 94.7 418 189.4 140 63.4 210 95.2 280 126.9

(a) (a) (a) (a) 48 21.7 72 32.6 96 43.5

1 0.5 2 0.9 4 1.8 6 2.7 8 3.6

0.5 0.2 1 0.2 2 0.9 3 1.4 4 1.8

1.5 0.7 3 1.4 6 2.7 9 4.1 12 5.4

2 0.9 4 1.8 8 3.6 12 5.4 16 7.2

6 2.7 6 2.7 6 2.7 6 2.7 6 2.7

Crew (80%)

Pressure suits

Seat system

Survival kits

Personal hygiene

Relief provisions

Biomedical sensors

Food and containers

Maps, manual and
case

Total

(a)

Repair kit 2 0.9 2 0.9 2 0.9

Water (b) ......

193.5 846 I 383.1 1036 469.

m

427 2

Included in seat system at 29 lb/seat (13.2 kg/seat)

2 0.9 2 0.9

1550 702.3 2064 935.0

(b) Water for crew consumption included in the environmental control system at a rate
of 4.6 lb/man/day (2.08 kg/man/day).

00 0000 •

• • O0 •
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O0 000

• 000

OlO 000000
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4. Display Panel and Instruments

A breakdown of the display panel and instrument weights is shown in table 25.

l

I
TABLE 25

DISPLAY AND INSTRUMENT WEIGHTS
l

134

Group Ite m

Instruments

Electrical

Flight

Propulsion

Launch vehicle perf

ECS

Indicators Lights

Controls Switches, etc.
Side stick

ldanels (Gemini = 37 Ib)

Circuitry (Gemini = 28 lb)

Total

Total

Weight

IbM

No.

i:"
IOO

$O$

Group

Weight

kg n_M kg

98.7 44.7

Volt-ammeter 1 0.5 0.2 1.5 0.6
Current drain 1 0.5 0.2 I

AC voltmeter 1 0.5 0.2

Flight director 1 10.0 4.5 62.4 28.4
Clock 1 0.8 0.4

I

Rate of climb 1 i. 0 0.5 I '
Velocity, normal Iaccel, and angle

of attack 1 9.1 4.1
Axial aceelerometer 1 1.0 0.5

Barometric air speed
inclinometer mech.

pitot 1 20.0 9.1
Machmeter 1 3.0 1.4

Altimeter (barometric) 1 4.3 1.9
Elapsed time indicator 1 6.5 2.9

Range to go 1 5.0 2.3
Rate of climb duration 1 1.7 0, 8

Press/temp fuel tank
RCS 1 2.0 0.9 8.0 3.6

Fuel level 1 4.0 1.8
Temp indicator

deorbit motors 1 2.0 0, 9

Ap between solids 1 1.5 0.7 17.0 7.7

SRM TV, tank pressure 2 8.0 3.6
SRM chamber pressure 1 1.5 O, 7
Stage I core tank

pressure 1 2.0 0.9

Stage II core tank
pressure 1 2.0 0.9

Incremental velocity 1 2.0 0, 9

Suit and cabin temp
indicator 1 1.0 0.5 9.8 4, 4

Suit and cabin press.
indicator 1 1.4 0.6

Suit and cabin CO 2
indicator 1 1.4 0.6

Cabin gages remaining 1 2.0 0, 9
Water quantity 1 2.0 0.9
Coolant quantity (glycol) 1 2.0 0, 9

76 8.0 3,6

83 17.0 7.7 19.3 8.7

2.3 1.0

40.0 18.1
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5. Indirect Vision

The method of obtaining indirect vision has not been decided. Weights listed in

the following tabulation represent a possible combination.

ibm kg ibm kg

Peris cope

Periscope
Screen
Mech

Contact analog (backup)

Monitor

Picture generator
Circuitry and tie-in

to end instrument

Supports

15 6.8

5 2.3

5 2.3

12 5.4

17 7.7

10 4.5

6 2.7

25 11.4

45 20.3

Total 70 31.7

6. Electrical System

The electrical system provides all the electrical power required except for the aero-
dynamic control actuation system. The latter system is included under the control ac-

tuation system weight. Power is supplied for a five-orbit mission, with a 30 percent

reserve, by silver zinc batteries. Battery weight is based on 28.6 lb/kw-hr (3.6
kg/MJ). Conversion equipment for systems requiring power in voltages and frequencies
other than 28 volts dc is not included in the electrical system weight. Allowance for

wiring, switches, regulators, squibs, support structure and miscellaneous was based
on 12.5 lb/ft (18.5 kg/m) of vehicle length.

Table 26 shows the weight changes versus number of crew and vehicle length.

TABLE 26

ELECTRICAL SYSTEM WEIGHT

I

I
I

I
I

Vehicle designation A B C D E

(size)

Number of crew, N c

Batteries (AgZn)
Wiring, supports, etc.

Total

1

ibM kg
190 86.1

250 113.4

440 199.5

2

ibM kg
194 87.9

266 120.6

460 208.5

4

ibM kg
207 93.8

293 132.8

500 226.6

6

ibM kg
222 100.6

313 141.9

535 242.5

.-: -.: :
:: "::

00 @00 •
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IbM kg
236 106.9

330 149.6

566 256.5

•00

000

000
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7. Environmental Control and Life Support Subsystem

The environmental control subsystem, including all expendables, is completely con-

tained in the entry vehicle. Mission time is based on five orbits. The system utilizes

a 5-psia atmosphere (3.44 N/cm2), two repressurizations, a leak rate of 0. 0063 lb/hr/ft 3

(0.01 kg/sec/m 3) of pressurized volume and water for crew and cooling. Supercritical

oxygen is used for the primary system. Gaseous oxygen is used for the last orbit and
descent phase.

Table 27 presents a weight summary of the system for various crew and vehicle
sizes.

8. Guidance, Navigation and Communication

The weight breakdown for the guidance, navigation and communication system for all
size vehicles is shown in table 28.

9. Instrumentation

Instrumentation is similar on all length modules. Only the circuitry varies. A break-

down of system weights is shown in table 29.

The total instrumentation system weights and payload, as a function of vehicle size,
are shown in tables 30 and 31.

10. Reaction Control System

The reaction control system (RCS) is utilized to maintain +10 ° alignment during

deorbit or abort plus attitude limit cycle operations of _5 ° during all exoatmospheric

coast phases.

A system with a hydrogen peroxide propellant and a minimum number of nozzles
has been chosen at a small weight penalty to provide low cost, immediate availability

of components and high reliability. Some weight saving is obtained through sharing

the same peroxide tankage used for the landing assist system.

The weight estimate is based on the design of a 6012-pound (2729 kg) entry vehicle
and it is assumed that the reaction control system weight will vary directly with the
entry vehicle weight. Data for this weight vehicle are as follows, yielding an RCS to

entry vehicle weight ratio of 0. 015.
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Item

Peroxide (including allowance for 5% ullage)

Engines, including valves, 6 at 2 lb (0.9 kg) each

Engine supports and installation

Tanks and nitrogen

Peroxide (Ato L/D tank)

Nitrogen and tank (Ato L/D)

Plumbing

Wiring, etc.

Weight
IbM

37

12

10

8

2.3

1.4

10

13

9O

b_a2.

kg
16.8

5.4

4.5

3.7

4.5

5.9

(40.8)
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TABLE 29

INSTRUMENTATION EQUIPMENT WEIGHT

!
I

I
I
l

I
I
I

I
I

I
I
I

I
I

Item

Transducers

Temperature
Force

Strain

Sound pressure
Acceleration
Pressure

Position
Vibration

Power supplies
10-V de

5-V dc
40-MV dc

Signal conditioning

Spectrum analyzers
Amplifiers
Converters
Demodulators

Filters
Attenuators

Temperature comparators

Patch system
Multiplexing

High-level PCM
Low-level PCM

Voltage control oscillators

Programmer
Sequencer

Encoding
PCM encoder

VCO summing amplifier
Decoder

Magnetic tape recorder

Total equipment

Unit

Weight

0. 125

3.0

0. 047
0. 188

0. 188
0.500

0. 625

1.0

0. 125
0.563
0. 313

0. 125
0. 125

1.0

0.5
0.5

0. 125
0.5
0.5

O.125

Basic module

Weight

Quantity ibM kg

(56.9) (25.8)
111 13.9 6.3

9 27.0 12.2

4 0.2 0.1
32 6.0 2.7

36 6.8 3.1

6 3.0 1.4

(6.O) (2.7)
1 2.0 0.9

1 2.0 0.9

1 2.0 0.9

(83.5) (38.0)
4 4.0 1.8

100 12.5 5.7
18 10.1 4.6

3 0.9 0.4

300 37.5 17.0
100 12.5 5.7

1 1.0 0.5

1 5.0 2.3

(6.4) (2.8)
1 0.5 0.2

1 0.5 0.2
35 4.4 2.0

1 0.5 0.2

1 0.5 0.2

(20.4) (9.3)
1 15.0 6.8

3 0.4 0.2

1 5.0 2.3

1 (25. O) (11.3)

198.2 89.9

ER 14471-4

Payload

Weight

Quantity IbM

(131.6)
500 62.5

9 27.0

100 2.0

10 0.5

6 1.1

175 32.9

9 5.6

(-)

(11. O)
10 10.0

1 1.0

(-)

(-)

- (-)

00_ go0OOO

O0 O0

00_ 000000

142.6

kg

(59.5)
28.3

12.2

0.9
0.2

0.5
14.9

2.5

(-)

(5. o)
4.5

0.5

(-)

(-)

(-)

64.5
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TABLE 32

REACTION CONTROL SYSTEM WEIGHT

Vehicle size

Entry vehicle weight, IbM
,kg

RCS weight, IbM

, kg

A B

6943 8181

3149 3710

104 123

47 56

C D E

10 283 12 001 13 754

4 662 5 442 6 238

154 180 206
70 82 93

11. Aerodynamic Control Actuation System

The control actuation system includes tandem, hydraulic servoactuators which

move the two elevons and rudder. Elevon flaps, tip fin flaps and the rudder flaps
are operated by electromechanical actuators. The hydraulic system is completely

redundant, with independent systems including one half of each dual tandem servo-
actuator.

All power input is supplied by silver-zinc batteries. A breakdown of control

actuation system weights is shown in table 33.

12. Landing Gear

Landing gear weight is based on a preliminary design and analysis of a tricycle

gear for a 14 000-pound (6356 kg) entry vehicle. The design is based on a configura-
tion with a free castoring dual co-rotating nose wheel, skids incorporating touchdown
wheels and a drag chute to improve slideout stability and decrease runout distance.

Landing gear weight is assumed to be a function of gross weight:

WLG = KLG WE/V

where

WLG = landing gear weight

KLG = constant

WE/V = entry vehicle weight

The value of KLG is derived by assuming:

(1) WE/v = 14 000 lb (6356 kg)

(2) Load factor = 4.0

BO 006
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(3) Noseandmain gear stroke = 11 in. (27.94 cm)

(4) 13 fps (3.96 cm/sec) sink velocity

Landing gear weights are shown in tables 34 and 35.

TABLE 34

LANDING GEAR WEIGHT BREAKDOWN

(14 000 lb--6356 kg--vehicle)

I

I

I

I

I

I

I

I

Item

Skid

Touchdown wheel and axle
nose wheels

Tire and tubes

Skid positioner

Piston assembly
Torque arm assembly

Cylinder and trunnion assembly
Lower bearing, seal assembly,

center cam

Metering pin assembly
Drag strut assembly
Trunnion caps

Standpipe and orifice
Gear actuator

Door operating mechanism
Mis ceUaneous

Drag chute

Total

Main gear (2) Nose gear

IbM kg IbM kg

100 45.3 - -
37 16.8 14 6.4

- - 15 6.8

20 9.1 - -
84 38.1 36 16.3
20 9.1 - -

83 37.6 26 11.8
6 2.7 6 2.7

4 1.8 2 0.9

35 15.9 18 8.2

12 5.4 6 2.7

9 4.1 3 1.4

20 9.1 10 4.5

24 10.9 8 3.6

8 3.6 10 4.5

462 209.5 154 69.8

Total landing gear = 462 + 154 = 631 lb (286.1 kg)

631
KLG-14 000 -0"045

Drag chute

IbM kg

15 6.8

15 6.8

I

I

I

I

I

TABLE 35

LANDING GEAR WEIGHT

Vehicle designation (size) B C

Number of crew, N 2 4
C

Entry vehicle weight, lb

, kg

Landing gear weight, lb

,kg

A

1

6943
3149

312
141

8181

3710

368
167

10 283
4 662

463

210

D

6

12 001

5 442

54O

245

E

8

13 754
6 238

619
281

143



13. Emergency Recovery System

Entry vehicles with one- or tW0L_h_C_ewS have ejection seat systems for emer-
gency use. Vehicles with larger crews utilize a cluster of four ring sail parachutes
designed to recover the entire vehicle at 25 fps (7.6 m/sec) terminal velocity. The

weight of this emergency chute system is given by:

WEC = KEC WE/V

where

WEC = emergency chute system weight

KEC = constant

WE/V = entry vehicle weight

KEC is determined on the basis of WE/V = 10 300 lb (4672 kg)

Drogue gun
Main chutes

Risers and disconnects

Parachute containers

Structural provisions and ejection mechanisms

Total

lb__2_M
31 14.1

372 168.7
40 18.1

30 13.6
97 44.0

570 258.5

57O
KEC - 10 300 0.055

Emergency recovery system weights are shown in table 36.

TABLE 36

EMERGENCY RECOVERY sYsTEM WEIGHT

Vehicle designation (size}

Number of crew, N
c

Entry vehicle weight, IbM
,kg

Emergency chute weight, IbM
, kg

A

1

B C

10 283

4 662

565

256

D

12 001

5 442

660
299

E

13 754
6 238

756
343
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14. Landing Assist System

Design of the landing assist propulsion system is based on a peroxide propellant

system (see comments under reaction control system). Two engines provide a total
thrust-to-weight of 0.133 for 10 seconds. The tanks are pressure fed, positive expul-

sion type, with an internal pressure of 400 to 450 psi (2.8 to 3.1 MN/m 2).

The weight of the landing assist system is given by:

WLA = KLA WE/V

where

WLA = landing assist system weight

KLA = constant

WE/V = entry vehicle weight

In determining KLA , WE/V was assumed = 9636 lb (4371 kg)

then:

lbM
Peroxide 111 50.3

Peroxide tank, 18.1 in. (0.46 m) dia 19 8.6
Nozzles, 2 at 3.5 lb(1.6 kg) each 7 3.2

Nitrogen 3 1.4

Nitrogen tank, STL (3000 psi--20.7 MN/m 2) 5 2.3

Plumbing, etc. 15 6.8
Supports, etc. 16 7.3

Total 176 79.9

176
KLA - 9636 - 0.018

Landing assist system weights are shown in table 37.

15. Ballast

Balance studies indicate the weight and balance distribution shown in table 38.

I
,O ,,• • ,,
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TABLE 37

LANDINGASSISTSYSTEMWEIGHT

Vehicledesignation(size)

Numberof crew, N
c

Entry vehicle weight, IbM

,kg

Landing assist weight, IbM

,kg

.-_

C D E

4 6 8

10 283 12 001 13 754

4 662 5 442 6 238

185 216 248

84 98 112

A B

1 2

6943 8181

3149 3710

125 147

57 67

TABLE 38

WEIGHT AND BALANCE DISTRIBUTION

Vehicle designation
(size)

Number of crew, N
C

Structure and heat
shield

Crew, seats and

recovery gear

Remaining sub-

systems

Total less ballast

* Ballast required, Ib

,kg

A

1

%W %L

49.4 57.0

6.1 32.5

44.5 48.8

100.0 51.8

0

0

B

2

%W %L

48.3 57.0

10.3 36.0

41.4 50.1

i00.0 52.0

0

0 :

* Based on aft c.g. limit of 53% length

C

4

%w %L

46.4 57.0

15.7 55.8

37.9 48.2

100.0 53.5

116

53

D

%W %L

45.8 57.0

18.6 56.0

35.6 47.7

100.0 53.5

126

57

E

_oW %L

44.6 57.0

20.8 55.9

34.6 48.0

100.0 53.6

180

82
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A study of the data in table 38 indicates:

I

I

I

I

I

I

(1) Structure and heat shield weight percentage decreases with vehicle size,
but c.g. is held constant at 57.0 percent of the length.

(2) Crew, seats and recovery gear weight and c.g. percentage vary extensively.
The one- and two-man sizes are based on ejection seats and no recovery
gear. In the four- to eight-man sizes, the weight percent increases with
size while the c.g. percentage of length holds constant at about 55.9 percent.

(3) The weight percentage of the remaining subsystems decreases with size,
while the c.g. percentage holds relatively constant at 48 percent.

Table 38 shows ballast for the C, D and E size vehicles. At this time it appears
that geometric limitations prevent the remaining subsystems from being located
further forward to cancel out the aft c.g. effects of the other components. Further
weight studies and possible weight distribution changes may eliminate the need for
ballast.

Ballast was not required on the one- and two-man sizes primarily due to the fact
ejection seats were used and there was no emergency recovery system in the aft end
of the vehicle.

15. Adapter Structure

The adapter structure is the support and fairing for the entry vehicle aboard a
booster, in this case the Titan III. Weight of the adapter structure is determined by:

W A = W U x SA

where

W A

W U

= adapter structure weight

= unit weight = 0.0313 _-_, psf (0. 1528 _(E-/V, kg/m 2)

I

I

I

I

I

SA = surface area

The value of SA is determined geometrically and is a function of entry vehicle length.

W U is a function of entry vehicle weight, and is based on a Gemini-Titan adapter unit

weight of 2.1 psf (10.25 kg/m 2) for an entry vehicle weight of 4500 pounds (2041 kg).
Adapter weights are shown in table 39.

17. Deorbit Abort Propulsion System

The deorbit system consists of four spherical solid motors located in the adapter.
The system was designed to provide a AV of 520 fps (159 m/sec) during an abort situa-
tion. If the flight is normal, a AV of 130 fps (40 m/sec) is provided with one of the
motors, with the others for backup If necessary.
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ADAPTER STRUCTURE WEIGHT

Vehicle designation (size) A B C D E

Number of crew, N c 1 2 4 6 8

Unit weight, WU, psf

, kg/m 2

Surface area, SA, It 2

2
_m

Structure weight, WA, lb

, kg

2.60

12.69

157.0

14.6

409

185

2.81

13.72

155.0

14.4

437

199

3.16

15.43

152.0

14.1

481

218

3.44

16.79

148.0

13.7

510

232

3.66

17.87

145.0

13.5

531

241

I
I

I
I

The estimated weight of the deorbit/abort propulsion system, as a function of ve-
hicle size, was determined from the equation

WDO = KDO WE/V

where

WDO = deorbit/abort propulsion system weight

KDO = constant

WE/V = entry vehicle weight

The value of KDO was determined on the basis of an abort situation with a 10 133

pound (4.6 Mg) entry vehicle. Subsystem weights for this vehicle are:

Engines, spherical solids 2 (MF = 0.90)

Engines, spherical solids 2 (MF = 0.90)

Installation allowance

Ibm

354 160.6

403 182.8

189 85.7

I
i
I

I
Total

946
uK_o - 10 133 = 0.093.

946 429.1
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Deorbit/abort propulsion system weight as a function of vehicle size is shown in
table 40.

TABLE 40

DEORBIT/ABORT PROPULSION SYSTEM WEIGHT

Vehicle designation (size}

Number of crew, N
c

Entry vehicle weight,

wE/v, lb

,kg

Deorbit propulsion
system weight, IbM

,kg

A B

1 2

6943 8181

3149 3710

646 761

293 345

C D E

4 6 8

10 283 12 001 13 754

4 662 5 442 6 238

956 1 116 1 279

434 506 580

B. WEIGHT SUMMARY

A summary weight statement, based on a full crew, is shown in table 41. All sub-
systems are contained within the entry vehicle except for the deorbit and abort propul-
sion subsystem, which is located in the adapter. Total entry vehicle weights are sum-
marized in figure 74.

C. RESEARCH EXPERIMENT CAPABILITY

The ability of each of the vehicles to accomplish research experiments is governed
by the volume available for research equipment and payload. A study was conducted to
determine the available volume as a function of vehicle size and crew loading and then
convert this volume to payload weight for experiments. Conversion to weight was neces-
sary because the experiment loading computer model utilized weight rather than volume.

Packaging densities of all the vehicles were studied to determine if some of the ex-
cess volume reported in the parametric sizing studies (section III) could be converted
into a single area of sufficient volume that would allow placement of research equipment.
Packaging densities of the crew stations and internal subsystem were plotted for all ve-
hicle sizes (figure 75). Examination of this data showed that the subsystems were pack-

aged at a density of 18.5 lb/ft 3 (296 kg/m 3) for the C, D and E size vehicles. For the A

and B vehicles, the packaging densities were found to be 17.4 Ib/ft 3 (279 kg/m 3) and

17.7 Ib/ft 3 (284 3kg/m ), respectively. An examination of these vehicle layouts was con-

ducted, and it was determined that both of these these vehicles could be packaged at 18.5 lb/ft 3

(296 kg/m3), thus providing a 10 cubic foot (0.283 m 3) volume for the A vehicle and a
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7 cubic foot (0. 198 m 3) volume for the B vehicle _. By_flo_I_g crew members in

the larger size vehicles, volume packages can be obtained for research equipment

(figure 76).

In converting these volumes to allowable research equipment weights, it was neces-

sary to select a packaging density for research equipment. A representative value of

17 lb/ft 3 (272 kg/m 3) was chosen as the maximum research packaging density because

of the varied types of experiments to be conducted and the staggered order of their

flight application.

On the larger vehicles it was necessary to define an upper limit on the research

equipment weight because higher loadings would result in wing loading that necessi-
tated landing speeds greater than the 230 knots (11.8 m/sec) established as the maxi-

mum. A wing loading of 55 psf (2.63 kN/m 2) was determined as the upper limit.

The allowable research package volume curve was converted to allowable research

equipment weight utilizing a maximum of 17 lb/ft 3 (272 kg/m 3) packaging density and

the maximum wing loading of 55 psf (2.63 kN/m 2) (figure 77). The dropoff in this
curve from the D to E size vehicle is because the wing loading of the E vehicle is at

the 55 psf (2.63 kN/m 2) level with the full crew complement and therefore cannot

allow as much growth as the initially lower wing loading D vehicle for the same

volume (figure 77).
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I

5 ° , 27 °

i ore _ t:l
ti(,I s _J

layer flow.

I methods.sections.

I
Symbol

i consists of:

C

i Cf w = Cflam

i
Cf Re/Nu

I °
(dV/dx) 0

g

n

|

VI. AERODYNAMIC HEATING

= specific heat at constant pressure, Btu/lbM-°K (JAg-°K)

= heat transfer parameter (see Eq 6)

= diameter of nose or leading edge, ft (m)

-1
= stagnation point velocity gradient, sec (see Eq 2)

= velocity gradient parameter of ref. 3

= acceleration of gravity, ft/sec 2 (m/sec_

= enthalpy, Btu/ibM (J/kg)

= heat transfer coefficient, Btu/ft2-sec -°K (W/m 2-° K)

= thermal conductivity, Btu/ft-sec -°K (J/m-see -°Ix')

= counter (= 0 for two dimensional or 1 for axisymmetric flow)

= inverse exponent in Blasius skin friction law (= 4)

= Nusselt number

= pressure, psf (N/m 2)

= Prandtl number

-- heat transfer rate, Btu/ft2-sec (W/m 2)

155

= vehicle total length, ft (m)

= wall friction coefficient

A. SYMBOLS

Symbology used for the aerodynamic analyses described in the subsequent sections

Heat shield requirements for an HL-10 vehicle have been examined. Both laminar

and turbulent heat transfer rate distributions have been compiled for four angles of attack:
, 35 ° and 52 ° . In addition, momentum thickness Reynolds number distributions

over the critical bottom regions have been generated. The laminar heat rate distribu-
tions are taken from experimental data, but no such data exist for turbulent boundary

Therefore, the turbulent heating rates are derived by approximate analytical
The aerodynamic heating analyses and results are discussed in the following



I

Q

Re

Re o

RLE

R N

S

S
W

T

V

X

_t= _ dt, Btu/ft 2 (J/m 2)

0

= Reynolds number

= momentum thickness Reynolds number

= leading edge radius, ft (m)

= nose radius, ft (m)

= transverse surface distance from bottom centerline at constant X/C

= enthalpy functi6n = hl°cal stagnation - 1

hfree stream stagnation

= temperature, °K

= velocity, fps (m/sec)

= vehicle longitudinal coordinate measured from the nose, ft (m)

I

I

I

I

I

I

I

Y
1

0SL

Xeff

P

e

= vehicle angle of attack, deg

-- initial flight path angle, alt = 400,000 ft (121.92 km), deg

= geometric location at stagnation line (see Eq 11) at angle of attack
measured from the a = 0 stagnation line in plane perpendicular to the

leading edge, deg

-- effective sweep-back angle of leading edge at angle of attack (defined
in Eqs 9 and 10) (k- actual, uncorrected, sweep-back angle), deg

= viscosity, lbF-sec/ft 2 (N-sec/m 2)

= density, slugs/ft 3 (kg/m a)

= vehicle roll angle, deg

Subscripts

= external to boundary layer, local value

I

I

I,
I

I

I
1am

LE

= laminar boundary layer

= leading edge
I

N

rec

= normal to leading edge surface at stagnation line

= evaluated at local recovery enthalpy and local pressure

I

I
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SL

stag. point

turb

W

X

0

= evaluated at stagnation line

= stagnation point

= turbulent boundary layer

= evaluated at wall pressure and temperature

= evaluated at local surface distance from stagnation point

= stagnation point value (except as otherwise defined in Eq 13)

= free stream, ahead of bow shock

Superscript

= indicates evaluation at boundary layer reference enthalpy and local
pressure

B. THEORETICAL METHODS

The following analytical methods have been used to obtain both momentum thickness
Reynolds number and turbulent heat transfer rate distributions and are available in a
Martin Marietta digital computer program, FB-147.

1. Stagnation Point Heat Transfer Rate

Stagnation point (laminar) heating rates are calculated from the Fay and Riddell
equation (ref. 1) with Lewis Number assumed equal to unity:

C]stag, point 0.76g (Pr) -0"6 (pwtXw)0"1 (Pei_e)0"4 (__)1/2- (1)= (ho h_ 0

where the Newtonian stagnation point velocity gradient is defined as

(__)=_ Vo-'l _/_
o _L._o 1

All local flow properties are derived assuming real gas in equilibrium,

(2)

2. Turbulent Heat Transfer Rates

The turbulent heat transfer rate is calculated by the turbulent "Flat Plate Reference
Enthalpy" equation (page 21 of ref. 2) which is transformed to the form:

"" ":i:
".: .,: : .,: : ,,



2/3 3 3

0 . (3)

*Denotes evaluation at local pressure and reference enthalpy which is defined as:

-h* hx w
h - 2 + 0.22 P_x (h0 - hx) (4)

I

I
I
I

3. Momentum Thickness Reynolds Number

The momentum thickness Reynolds number is calculated from the expression

YT

o.870fw _w_w
- (5)

Re0 Cf Pe We
w

which was derived from the work of Cohen and Reshotko (ref. 3).

One of the parameters in reference 3 is the heat transfer parameter

Cfla m Rex kx (hre c - hw)

Cf Re/Nu - (6)
_lXla m X Cpx

The values of CfRe/Nu are obtained using calculated values of _Xla m (in a pressure

gradient) together with Reynolds' analogy Cflam = 2qxlam" (Prx)2/3/PeVe(hre c - hw).

11

The velocity gradient parameter, f, in equation (5) has been taken from curve fits

of the data in table II (page 38) of reference 3. For favorable pressure gradients, these
T!

data have been shown to be independent of the enthalpy parameter, Sw, so f against

Cf Re/Nu has been curve-fitted for FB-147, and is represented by:

(i) 0 _ Cf Re/Nu <__2

I
I

I
I

I
I

I
I

f"w : 0.0508 [Cf Re/Nu] 2 + 0.1332 Cf Re/Nu

(2) Cf Re/Nu > 2

f"w = 0.0116267 [Cf Re/Nu] 2 + 0.25644 [Cf Re/Nu] - 0.089787 (7)

The use of equations (5) through (7) provides a good approximation for Re e in the
• ...

favorable pressure gradients of the HL-10 c()nfiguration.
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4. Swept Leading Edge Heating

The laminar heat transfer to the stagnation line of a swept leading edge is derived
in the following manner.

An axisymmetric stagnation point q value is determined using equation (1) with R N

replaced by RLE. This q is reduced (bythe Mangler factor) to a two-dimensional value

2D = q3D (0. 7071)

Finally, the q2D is corrected for leading edge sweep and angle of attack by the relation

Note that _eff is defined as

_eff = tan-1 [tan _ cos a cos/_] (9)

where

/_ = tan -1 (sin _ tan )_) (10)

The geometric location of the stagnation line is:

I 8SL= cos -1 Icos )t/cos 2 )t + tan2_)] (11)

i Laminar distribution around the leading edge is obtained from Goodwin, et al. (ref. 4).
1.75

i qlam0$0 = [_lame =01 Ii - 0"227 021 (12)

The turbulent heat rate on the stagnation line is calculated using the method of Beck-

I

I

I
I

I
I

with and Gallagher (ref. 5).

N N

Htur b \---_-_] (I>rsL) 1/3 a PS____LL 2 T_ N+I

P" SL

1

N-I 149_0 ]Ps"-P _N+I

(sin Xeff)N+l L_-E.cos heff (2"828/VN'_ PSL "J

where

(13)

a = Blasius coefficient (=0. 0228)

N = Inverse exponent in Blasius skin friction law (=4)

sub 0 = Total conditions external to boundary layer (for this equation only)

•: ... .:.: .: : .'"
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then

qturbs L = Hturb (Tre c - T_ (14)

The distribution around the leading edge for the turbulent flow case is derived from a
curve-fit of experimental data presented in reference 5 because of the inaccuracy of
the theoretical method. The function is

= qturbe 0 I-3" 2544 x 10 -9 04 + 2.1199 x 10 -6 e 3qturbe # 0 =

-2.3436x10 -4 2_ 3.275x10 -4 e+l] (15)

where O is the angle between the stagnation line (e = 0 °) and a point in a plane normal
to the leading edge removed from the stagnation line. Note that e is in degrees in ,
equation (15).

C. LAMINAR HEAT TRANSFER RATE DISTRIBUTIONS

Laminar heat transfer rate distributions are taken from references 6, 7 and 8 for

angles of attack of 5 ° , 27 ° (L/Dmax), 35 ° and 52° (CLax.)'m The 52 ° data is taken

from reference 6 at Re = 2.7 x 106. The data for the other three angles of attack are

from reference 7 (without roughness) at Re = 6.58 x 106. A discussion of the reasons

for the above laminar heating distribution selections is presented in reference 8. In
addition, the degree of conservatism, methods of extrapolation of data and comparisons
between theory and experiment are presented in reference 8. All laminar distribution
data is derived by linear interpolation of the experimental data of references 6 and 7.
The resulting laminar distribution data is shown in figures 78 through 83. To inject a
slight conservatism in the heating estimate, the heat transfer rate ratios are assumed

to be identical to the heat transfer coefficient ratios: (hre c - hw)/(h 0 - hw) = 1.

D. TURBULENT HEAT TRANSFER RATE DISTRIBUTIONS

The laminar heat transfer rate distributions on the HL-10 vehicle are virtually in-
dependent of flight Velocity and altitude (at constant angle of attack). When the boundary
layer flow becomes turbulent, this fortunate independence of Mach number and altitude
vanishes. A complete analysis, therefore, would require that several distributions of
turbulent heating be generated at various times in the critical entry trajectories. Since
time and cost limitations of the present study obviate the multiple turbulent distribution
approach, it has been necessary to base the turbulent distributions (at vehicle angles of
attack of 5 ° , 27 ° , 35 ° and 52 °) on a single velocity-altitude flight condition. The con-

dition selected was the point of maximum stagnation heating in a nominal entry trajec-
tory. It is then assumed that the distributions so derived may be used as an average
turbulent heat rate distribution. These distributions, determined at an altitude of
242 000 feet (73.8 kin) and a velocity of 24 000 fps (7.321 km/sec), are presented in
figures 84 through 89.
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Attention is called to the fact that no extensive parametric study has been made to
demonstrate the validity of using the maximum _ stagnation point flight condition to d_:-

rive the turbulent heat rate distributions. Rather, in the absence of such a study, i_
has been rationalized that the turbulent distributions (presented as ratios of local-t.
stagnation point heat rates} will be redimensionalized to the local value by multiplyh_
by the stagnation point heat rate. Moreover, the chosen distribution will be mos".
accurate during the time of maximum heat input to the vehicle. This not only tends
to give the most nearly correct value for the maximum local heat transfer rate but also
represents the best estimate of the total heat into the vehicle at any point.

To gain insight into the validity of the _ stagnation point maximum turbulent distri-
bution assumption, the bottom centerline turbulent profiles were run at several times
in four representative entry trajectories:

_/i' a, ¢, Approximate time of _nax'

Trajectory No. deg deg deg sec

1 -1.5 27 0 300

2 -1.5 52 0 300

3 -1.5 27 45 306

4 -1.5 27 75 420

The stagnation point (R N = 1 ft (0.305 In)) heat rate time histories for these trajec-

tories are shown in figure 90. Figures 91 through 94 show the ratio ___,rb/qstag. point
versus X/C station on the bottom centerline for several times in each of the entry tra-
jectories. Thus, using figure 90 to determine at which times during entry the heating
is significant, from figures 91 through 94, one can judge the validity of the gross as-

sumption of a turbulent distribution based upon a single flight condition: qstag, point
max. '

For a relatively straight-in trajectory such as Trajectory 4 (see fig. 94), the turbu-
lent distribution becomes increasingly severe (as far as the ratio q/q .... , is con-

stag. },vin_

eerned) with increase intime from entry (decreasingaltitude). In thistrajectory,qmax.

occurs at about 420 seconds and fallsoff rapidlyafterthis time. Thus, the error intro-
duced by the singleturbulentdistributionassumption in thiscase is not excessive. Simi-

lar logic can be used with the other trajectories,but probably the most significantpoint
liesin the factthatthe accuracy of the theory is of the same order as the error in the
singledistributionassumption.

By use of the data shown in figures 90 through 94, a comparison was made of total

heat into the X/C = 0.5 station on the bottom centerline (1) using the _lstag" point
max.

turbulent heat rate distributions, and (2) using the individual curves of figures 91
through 94, each for the applicable portion of entry. This procedure was carried out
for each of the four entry trajectories, and the results are summarized in table 42.

The average error incurred by the single qturb distribution curve assumption was

13.8% (maximum error was 16.3% and the minimum was 12.2°/o). Thus, the assump-
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tion for this study is slightly unconservative but, nonetheies_*_ unconservatism is
well within the order of accuracy with which the turbulent heating can be predicted. It
is further pointed out that the assumption of turbulent flow wherever the momentum
thickness is greater than 200 is very conservative. On this basis, the turbulent heating
distribution predictions of this study are felt to be adequate for preliminary design.

No experimental data for turbulent heat transfer is available for the HL-10, so
Newtonian pressure distributions are used in conjunction with the FB-147 digital pro-
gram to determine the turbulent heating. Newtonian pressures are used in lieu of ex-
perimental pressures (except on the bottom centerline) in the interests of consistency.
An attempt was made to utilize experimental pressure data on the off-centerline stream-
line cuts, but this procedure yielded inconsistent results when coupled with the New-
tonian pressures derived for regions not covered by experiment.

Particular attention is called to the fact that the turbulent heat transfer distributions

shown in figures 84 through 89 are valid only when they are greater than the correspond-
ing values for laminar heat rates shown in figures 78 through 83. The discrepancies
(laminar > turbulent} arise from the fact that the turbulent theory applied at the flight
condition corresponding to the maximum stagnation heating rate in the entry trajectory
actually implies that the flow cannot be turbulent. This does not mean that the implica-
tion is physically correct. It must be recognized that the design turbulent heat rate de-
rived as described is, at best, approximate and could not legitimately be used to design
a flight vehicle without corroborating experimental data.

1. Elevons and Upstream Separated Flow Regions

Turbulent heating rates, both on the bottom flaps (elevons) and in the separated
flow regions upstream of these control surfaces, are difficult to predict. Various
data have been published (ref. 6, 7, 9 and 10) for several lifting body configurations.
For the HL-10 configuration, the data of references 6 and 7 are applicable. These
indicate that the turbulent layer will remain attached with elevons deflected down 30 °
and that the elevon heating is about 70% to 100% of the stagnation heating rate.

2. Swept Leading Edge Regions*

', Calculations of the swept leading edge portions of the vehicle were made at the point
of maximum stagnation heating in the entry trajectory (V = 24 000 fps (7.32 km/sec),
h = 242 000 ft (73.8 km)). The results of the Beckwith and Gallagher analytical method
(ref. 5) showed laminar heating rates in all swept leading e.dge regions of the vehicle

to be greater than the theoretical turbulent values. At the qstag, point flight con-
max.

dition, the nose heating rate was found to be about 90 Btu/ft2-sec (1.02 MW/m 2). Simi-

lar analyses were made of all body swept leading edge regions at a values of 5° , 27 ° ,
35 ° and 52 ° , and at successively later times in the preliminary nominal trajectory. In
no case did the turbulent stagnation line heat rate exceed the laminar until the velocity
had decreased to 10 000 fps (3.048 km/sec) and the altitude to 166 000 feet (50.6 km}.
At this latter point in entry, the average nondimensionalized turbulent stagnation line

*Swept leading edge regions include fin leading edges and the lower body edges extend-

ing aft from the nose. ::_ •
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heat rate was only about 20% higher than the laminar, but the vehicle nose stagnation

heat rate had dropped from 90 to 20 Btu/ft2-sec (1.02 to 0.227 MW/m2). Moreover,
the turbulent condition would result in only an average increase of approximately 20%
of the heat rate over the last 25% of the significant heating portion of the nominal entry
trajectory.

The result of the failure of the turbulent heating to exceed the laminar value on the
swept leading edges is that the laminar distribution must be used regardless of the
transition criteria assumed. In general, the data provided in figures 78 through 89,
when applied to the turbulent flow case, will be that value (laminar or turbulent) which
is the largest. Thus, the laminar curves will always result for the design of swept
leading edges (fin or body). This situation would not occur if time had permitted calcu-
lation of turbulent heat rate distributions at various times through entry, but the effect
upon total heat into the swept leading edge regions would be small.

E. HEAT TRANSFER TO VEHICLE TOP

No experimental data are available to evaluate the effect on the heat transfer to the
top of the HL-10 (the region of separated flow) of changing from a laminar to a turbulent
boundary layer on the frontside (bottom) surface when the vehicle is at medium-to-large
angle of attack. In lieu of such data, the following rationale has led to the assumption
that the vehicle "top" (leeward side) should be designed for the heat rates resulting from
a laminar boundary layer on the frontside surface.

(a) Since the turbulent boundary layer results in greater stability with respect to
separation from the body, the pressure at separation will be smaller than the pressure
at separation of a laminar boundary layer. Moreover, the pressure on the vehicle top
(in the regions where the flow has separated) will be smaller if the frontside boundary
layer is turbulent. This smaller pressure will result in heat transfer rates which are

smaller than those that would result if the frontside boundary layer were laminar.

(b) On the other hand, the rotational velocities extant in the frontside turbulent

boundary layer might logically be expected to produce stronger secondary flows in the
separated-flow regions of the vehicle backside. This effect would result in an increase
of heat transfer to the vehicle top. However, the turbulence in the frontside boundary
layer which passes through a steeper (than a laminar frontside boundary layer) pressure
gradient tends to be "killed" by the greater expansion. That is, a unit volume of gas at

Pl and T 1 and rotational velocity V1, after a rapid and large expansion to P2 and T2,

will (from the large increase in the moment of inertia of the mass of gas) experience a
significant drop in the rotational velocity and, hence, a decrease in "turbulence. "

(c) Finally, since the Reynolds numbers on the backside of the vehicle will be very
low regardless of the character of the frontside boundary layer, it is argued that the
backside secondary flow will be laminar for all flight conditions of interest.

Accordingly, it app.ears conservative to design for the "laminar frontside" case be-

cause the decreasing qeffects of (a) should more than offset the possible increasing
effects of (b).
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From laminar experimental data (see, for example, fig. 78), a reasonable design
environment for the separated flow regions on the vehicle upper surface would be

qlocal = 0.02 qstag, point

This design figure checks very well the extreme upper values of q as derived by the
program (FB-147) for expansion around the top of the vehicle to ambient pressure con-
sidering a laminar boundary layer. Note that this design heat rate of 2% is adequate so
long as the vehicle size is such that the stagnation point nose radius is close to one foot
(0. 305 m). If a vehicle of markedly different nose radius were to be examined, the
separated flow region of the top should be designed to 2% of the stagnation point heat
transfer rate of the 1-foot (0. 305 m) nose radius when better data are not available. How-
ever, since experimental data are available for the HL-10 vehicle (ref. 7), these data
were used in the heat shield analysis for the stations where it has been measured.

F. MOMENTUM THICKNESS REYNOLDS NUMBER

The method of computing the momentum thickness Reynolds number was described
in subsection B. The momentum thickness Reynolds number distribution (plotted in

the form Re 0local/Re 0bot centerline at several X/C stations versus S/DN) is assumed

to be independent of Mach number and altitude within the significant heating portions of
entry flight. Since the Re 8 is dependent only on the local flow properties and is cal-

culated assuming a laminar boundary layer (a function of laminar friction coefficient),
the assumption should be valid, just as the laminar heat rate distribution has been
shown to be relatively independent of Mach number and altitude. The values of Re 0

are calculated using laminar heating rates which are derived including the effects of
pressure gradients using Eckert and Tewfik's reference enthalpy adaptation of Lee's

integral equation.

Re e is calculated along the bottom centerline and along "strip theory" cuts at vary-

ing distances from the centerline on the bottom surface• The resulting data are then

cross-plotted to yield Re 0 distributions around the vehicle in much the same manner

used to define the turbulent heating distributions•

Figures 95 through 98 present the ratios of the local momentum thickness Reynolds

number to the bottom centerline (S/D N = 0) values for X/C stations of 0.125, 0.250,

0• 500, 0.750 and 0. 875. The "longitudinal cuts" used to derive these figures were
taken at distances from the bottom centerline (y distances) of 1. 875 feet (0. 571 m),
2.5 feet (0.762 m), 2•875 feet (0.876 m), 3.667 feet (1.118 m) and 4.792 feet (1.461 m).
The somewhat erratic behavior of the curves is caused (in part) by the scanty data, par-
ticularly at the lower values of X/C. Further problems arise from the fact that the
bottom centerline flow upstream of X/C = 0• 25 is actually three-dimensional in charac-
ter, although assumed for calculation purposes to be axisymmetric. At all X/C stations
downstream of 0.25, the analysis is based upon the assumption of two-dimensional flow--
as in the turbulent heat transfer rate calculations. Therefore, the data of figures 95

through 98 must be considered approximate•
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The above data are related to the same entry trajectories used in the turbulent heat-_n
g analysis by means of the Re e versus time (for bottom centerline stations at X/C =

0.125, 0.25, 0.50, 0.750 and 0.875) data shown in figures 99 through 102.

G. CONCLUSIONS

The restricted scope of the study reported here has required accepting various ap-
proximations to derive turbulent heating distributions. For example, a single flight
condition was used to define the turbulent distributions, and the actual flow had to be
approximated by the assumption of axisymmetric or two-dimensional flow. These as-
sumptions are quite valid over large areas of the vehicle surface at low to medium

angles of attack, but become much less accurate at high angles of attack and in regions
off (but near) the nose. Nonetheless, the turbulent data is adequate for preliminary
design of the vehicle heat shield.

Need for additional experimental investigation of turbulent heating distributions
prior to design of a flight vehicle is evident. In particular, regions of flow separation,
reattachment and areas of cavity flow defy rigorous theoretical treatment and must rely
heavily on wind tunnel tests in final analysis.
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VII. SUBSYSTEM DESIGN STUDIES

I
I

I

The preceding sections of this part of the final report have presented results of
analyses of design requirements and general configuration arrangements. Concur-
rent with these configuration developments, parametric studies using the design
guidelines were under way to establish subsystem characteristics. In general, the
approach in each subsystem area was first to identify significant features of candi-
date concepts and then perform tradeoff studies as functions of vehicle size or
mission duration. From this knowledge, feasible concepts were selected with con-
sideration of technology capabilities and mission requirements for performance,
reliability and safety.

I

I
I

I

I

A summary of technology status is shown in table 43, which includes possible
alternative subsystems and potential suppliers. Some of these alternatives offer
potentially lighter weights, but are either undeveloped or significantly more costly.
Two examples of this are electromechanical controls and APUs or fuel cells.
Among the recommended approaches, the refurbishable heat shield and the indirect
vision system require development testing, and the guidance system needs additional
simulator evaluation and checkout.

Selected concepts were outlined and subsystem performance specifications were
prepared for navigation and guidance, electronic flight control, data handling, re-
action control and landing assist propulsion, surface control actuation, and abort
and deorbit propulsion. Potential suppliers were contacted for operational recom-
mendations, equipment descriptions and cost information. These specifications are
described in this section. The results of these studies, including the supplier's in-
formation, were used in the more detailed definition of the recommended entry ve-
hicle as discussed in Part VII.
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A. HEAT SHIELD

The heat shield design for the flight research vehicle should have excellent reliabili_,,
pose a minimum of flight constraints, provide a versatile test platform for heat shield
experiments, neither limit nor restrict the ability to perform other experiments, and
have a minimum weight consistent with program goals and booster selection. Having a
minimum weight considering only the flight environment is not as important as providing
a balance among weight, program versatility and flight test goals.

During the course of design and development testing for an HL-10 research vehicle
program, significant improvements in heat shield technology can be expected. The heat
shield design concept and materials utilized for such a program must be capable of ac-
cepting heat shield experiments on new state-of-the-art ablation and radiation materials
during the course of the study. Also, since this is a flight research program, extensive
instrumentation will be installed in the heat-shield during fabrication. Replacement,
modification or addition to this instrumentation should be easily accomplished during pre-
launch checkout of the vehicle.

A conservative approach is taken for this program in selecting environment and safety
margin requirements for heat shield design. Research capability is thereby provided in
areas of the vehicle where heating and flow field transition prediction techniques are not
completely developed.

1. Technology Status

Heat shield technology has progressed to the point where a manned flight research
program can be accomplished using an all-ablative heat shield or an ablative-radiative
heat shield combination. The most significant flight tests of radiative heat shield tech-
nology were on the Air Force-McDonnell ASSET vehicle. The Air Force-Martin PRIME
flights, which started in the late fall of 1966, will provide flight tests of ablative heat
shields on a lifting body entry vehicle.

Radiative heat shield technology has been seriously hampered by the poor oxidation
resistance of refractory metal alloys. Many coatings have been developed but these
offer only limited temperature capability and are subject to random failures with repeated
exposure. Currently, heat shield panel materials of the most interest are beryllium,
superalloys, columbium and tantalum. Their approximate heating rate limits, based on
current technology and future potential, are shown in table 44.

Useful thermal protection capability exists within the present state of the art of radia-
tion heat shields. As the present capability is extended, the radiative system offers the
best potential for many operational applications. However, an extensive development ef-
fort is required if significant improvements are to be made in the columbium and tantalum

alloy strength, oxidation protection coating temperature limits, and reuse capability.

The state of the art in ablation material technology is improving at a faster rate than
that of radiative heat shield materials. Ablative heat shield materials have developed
from ballistic missile warheads to Mercuryl Gemini, Apollo and now the PRIME vehicle.
The original ablators were developed for the high heating rate short entry times of ballistic
flight. These ablators are generally high density materials, with associated high conduc-
tivities.
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TABLE 44

RADIATIVE HEAT SHIELD MATERIALS

Material

Beryllium

Superalloy

Ccmmbium

Tantalum

Heating rate
capability,

Btu/ft2-sec

2.7

15

30

54

MJ/m2-sec

30.67

170.5

341.0

513.0

Emissivity

0.75

0.80

0.80

0.80

Peak radiation

equilibrium
temperature
o F

1250

2000

2500

3000

o K

952

1370

1647

1920

I

I

I

I

I

i

I
Development of manned and unmanned lifting entry configurations has been coupled

with advances in ablation analysis, material formulations and manufacturing methods.
These recent advances have led to the development of a new class of ablative materials
whose composition has been optimized for the lifting entry environment. Low density

ablative materials formulated with densities of 28 to 32 lb/ft 3 (448 to 512 kg/m3) have
been shown (ref. 11) to be compatible with the relatively mild shear stresses and high
total integrated heat inputs (ref. 12) that lifting bodies encounter during atmospheric
entry. These low density ablators, with their attendant low thermal conductivity, are
ideally suited for the longer flight times and decreased heating rates of lifting entry
flight. Extensive plasma arc test programs have been conducted by Martin Marietta
and by Welsh and Slaughter (ref. 13). These tests, which simulate lifting entry heating
parameters, have demonstrated the superior thermal efficiency of low density ablators.
This thermal superiority is shown in figure 103, where the insulation efficiency is
plotted versus total integrated heat.

Ablators of primary interest for this study, because of their high thermal efficiency,
are the low density nylon phenolic, low density silica phenolic and the elastomeric sili-
cones with low density fillers. Selection of an ablative material for thermal protection
systems application is dependent not only on its ability to withstand efficiently the ther-
mal environment, but also on its compatibility with the overall vehicle design criteria.

2. Design Environment Selection

The design of a heat shield system is sensitive to both maximum heating rate and
total heat input. Generally, the total heat input will determine the amount of ablator and
insulation for a composite ablator design and the amount of coolant and insulation for a
radiation panel design. Peak heating rates are most significant in selecting radiation
panel materials because of their inherent temperature limitations, and can be significant
in selecting ablative materials due to the rapid surface recession some materials expe-
rience (notably the efficient low density elastomeric silicones) at heating rates in excess
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of 100 Btu/ft2-sec (1.13 MW/m 2) for prolonged time periods. Considering these facts,
it is significant to note that heat shield sizing for a particular vehicle can be dependent
upon more than one critical trajectory.

An entry environment characterized by an entry velocity of 25 860 fps (7.9 km/sec)
(inertial) and an initial entry angle of -1.5 ° was chosen for the nominal condition. An
envelope of the possible total integrated stagnation heating and the peak stagnation heat-
ing rate that can occur for controlled entry at this angle and velocity is shown in figure
104. These conditions are shown plotted on the flight footprints in figure 105. The six

trajectories shown in table 45 were selected for the HL-10 heat shield design environ-
ment since they represent the extremes in maximum heating rates and total heat inputs.
Trajectories 1, 2 and 3 are derived for maximum L/D (moderate angles of attack),
with resulting greater total stagnation heat inputs and, generally, they can be expected
to design the heat shield. However, Trajectories 4, 5 and 6 represent the higher
angle of attack situations associated with minimum L/D, and they may be critical in

terms of materials selection (for rate sensitive materials) since the _IL/_I s ratios are

higher and may more than offset the lower stagnation heating. A heat shield system
designed to fly all of these trajectories could logically be expected to fly any trajectory
within the entry footprint.

TABLE 45

DESIGN TRAJECTORY HEATING SUMMARY

Total Maximum

heat, heat rate,
Angle of Bank

Design Btu/ft2 Btu/ft2-sec Time, attack, angle,

trajectory (MJ/m 2) (kW/m 2- sec) sec deg deg

1 136 000 128 2750 27 0

(1 543) (1452)

2 117 000 145 2100 27 +_45

(i 328) (1645)

3 77 000 196 1340 27 +75

(874) (2224)

4 68 000 99 1700 52 0

(771) (1123)

5 58 000 110 1300 52 +45
(658) (1248)

6 40 000 145 800 52 _+75

(454) (1646)
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FIGURE 105. EFFECTS OF FLIGttT FOOTPRINT POSITION ON ENTRY HEATING

O00:-: : """ i':
::: : :.. :."

182 ER 14471-4



I

I

I

i

I

I

I

I

I

I

00O

O0O

000

• ... :..
::" -:
• 000 00

An additional conservatism is built into the heat shield because of the guidance and
"control system limitations and the requirements for an L/D reserve to correct for rang-

ing errors and errors in initial entry conditions. This results in a limit on the maximum
L/D that can be utilized in establishing a flyable footprint. Sufficient guidance and con-
trol system studies have not been conducted on the HL-10 research vehicle system to
define the exact limits of the planned flight capability. However, maximum crossrange
studies have indicated that planned flight cannot be accomplished with more than about
92 to 95 percent of the L/D capability of the vehicle. This would result in a peak total

heating during actual flight tests of less than 115 000 Btu/ft 2 (1.35 GJ/m 2) and a peak

heating rate of less than 196 Btu/ft2-sec (2.22 MW/m2), with most early flights not

exceeding 80 percent of these values. By designing the vehicle heat shield for flight
capability to any point in the aerodynamic footprint, about 10 to 20 percent of the total
heat shield capability will not be required for normal operation.

The preceding aerodynamic heating section presented various heating rate criteria
to be used in the design. A potential problem is the high values of local heating that
might exist on deflected elevons with turbulent flow reattachment. Results of an ex-
ample calculation for the D/3 vehicle are shown in Part VII, where it is pointed out
that specific tests and analyses are required to develop appropriately reliable design
criteria. For the present, heating rates on the elevons are based on the hypersonic
tests with laminar flow, where the rates are measured to be approximately 70 percent
of the nose stagnation heating rate.

3. Design Concepts and Material Selection

An all-ablative refurbishable design and a combination ablative-radiative design are
the two heat shield concepts considered for the HL-10 thermal protection system.

I

I

I

I

I

I

I

Ablative heat shield.- The ablative concept was evaluated under NASA contract
NAS 1-5253, research on refurbishable thermostructural panels for manned lifting entry
vehicles (ref. 14). Under this contract, studies were made to determine the best ma-
terial and configuration for the ablator support panel. Other items studied under the
contract were panel size limits, ablator support panel structural interaction, support
panel thermal and load stress design, panel support requirements, ablator and insula-
tion thickness requirements, and ablator comparisons.

The ablative design (fig. 106) is a double wall, refurbishable heat shield composite
consisting of an ablator bonded to a modular glass-reinforced phenolic honeycomb sand-
wich panel which is supported off the basic structure by tubular hat supports. A multi-
layer microquartz insulation with aluminum foil radiation barriers is used between the
substrate honeycomb panel and the basic vehicle to limit the temperature of the ablator
bond to 800 ° F (700 ° K) and the aluminum structure to 200 ° F (366 ° Ix').

Heat shield experiments using other ablative materials and radiative heat shields
can be easily and efficiently accomplished using this heat shield concept. In the vehicle
areas where these concepts are to be evaluated, an air space of about 1 inch (2.54 cm)
can be incorporated into the design. This space can be used to allow varying thickness
heat shield material and concepts to be evaluated without changing the structure or outer
vehicle surface lines. A sample arrangement for an ablative material and a radiative
panel experiment are shown in figures 107 and 108.
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This air space and/or insulation cavity covers the vehicle surface and can be used
to house the instrumentation wires, pressure tubes and transducers in an easily acces-
sible arrangement.

A single wall ablative concept is used for the tail section and related control surfaces
to obtain a minimum weight design, and to satisfy contour and fabrication constraints.
This design consists of an ablator bonded to titanium structure. The ablator thickness
is sized to limit the maximum temperature of the titanium structure to 800 ° F (700 ° K).

The superiority of the low density ablators over the conventional high density ab-
lators for the long entry times associated with lifting entry has been well established
by extensive plasma arc testing and design studies (refs. 15 and 16). A large variety
of low density ablators for present and future entry missions has been developed under
NASA, Air Force and Martin Marietta sponsored programs.

I
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In the initial phase of this study, primary consideration was given to low density
nylon phenolic, low density silica phenolic, and the elastomeric silicone ablators
NASA 602 (purple Blend} and Martin Marietta ESA 3560HF. Representative thermal-
physical properties for these materials are shown in table 46. The NASA 602 ablator
and low density nylon were studied for an HL-10 application on NASA Contract NAS
1-5243, Research on Refurbishable Thermostructural Panels for Manned Lifting Entry
Vehicles (ref. 14). The low density nylon phenolic exhibited good thermal performance
but, because of manufacturing and structural problems and higher cost, was not con-
sidered as good as the NASA 602 ablator (ref. 14).

The low density silica phenolic has the same manufacturing and structural problems
as the low density nylon phenolic and has a relatively poor thermal performance.

The Martin Marietta ESA 3560HF ablator system was developed for lifting body con-
figurations and has been subjected to extensive plasma arc testing and evaluation. It is
the basic ablator for the Air Force PRIME vehicle which began flight tests in the late
fall of 1966.

Fabrication simplicity and the low temperature elastic properties of the low density
elastomeric silicone ablators currently make them the preferred choice for lifting body
applications. A comparison of ESA 3560HF and the NASA 602 ablators was made for a

nominal HL-10 entry trajectory (70 = -1.5°)(fig. 109). This figure shows a time-tem-

perature history for a heating ratio of qi/_s = 0.3. The ESA 3560HF ablator exhibits

a 13 percent superiority in thermal performance.

I

I

I
I

ESA 3560HF was selected (with NASA approval) for the HL-10 design studies, based
on its better thermal performance, the more extensive testing and evaluation it has
undergone, and the fact that it is undergoing flight testing on the Air Force PRIME ve-
hicle.

ESA 3560HF has a density of 30 lb/ft 3 (480 kg/m 3) and is a filled elastomeric sili-

cone material reinforced with glass-phenolic honeycomb and silica fibers. It is used
as the basic ablator for the windward surface of the vehicle. ESA 5500 has a density

of 55 lb/ft 3 (880 kg/m 3) and is a modification of the basic ESA 3560HF ablator that

was formulated to improve the recession characteristics at high heating rates. A com-
parison of recession rates for both ESA ablators is shown in figure 110 as a function of
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cap, swept leading edges and lower flaps to minimize surface recession in these high
heating rate areas.

MA-25S has a density of 28 lb/ft 3 (448 kg/m 3) and was developed for spray applica-

tion on the NASA X-15-2 for Mach 8 flights planned for early 1967. It has essentially
the same thermal characteristics as ESA 3560HF, and the small ablator thicknesses re-
quired on the leeward surface make its use feasible in this region. The cost of its sim-
ple fabrication process is 1/3 less than that of the ESA 3560HF ablator.

Radiative heat shield. - The basic radiative heat shield design (fig. iii) consists of
modular brazed metallic honeycomb panels that are supported off the actively cooled
aluminum structure. Multilayer dynaquartz and microquartz with metallic foil radia-
tion barriers are used between the heat shield panel and the structure. Superalloy,
columbium and tantalum were considered for the radiation honeycomb panel materials
to obtain the maximum advantage of their use. Panel unit weights are as follows:

I
II

!
I

I
I
I

Facing
material

Beryllium

SuperaUoy

Cohmbium

Tantalum

Panel unit

weight*, psf

(kg/m 2)

O. 85

(4. 15)

I.25

(6. 09)

1.50

(7. 30)

2.50

(12. 18)

Panel face

thickness,
im (cm)

O. 070**

(0. 0178)

O. 008

(0.0203)

O. 008

(0.0203)

Honeycomb
core depth,

in. (cm)

0. 375

(0. 953)

O.375

(0. 953)

O.375

(0. 953)

O. 005

(0.0127)

!

I

I

I

I
*Includes support clips and hardware

**Equivalent smeared face thickness

The radiative panels are designed around a combination of abort overpressure envi-
ronment and minimum manufacturing material thickness requirements as reported
in the Final Report on Manufacturing Methods and Design Procedures of Brazed
Refractory Metal Honeycomb Sandwich Panels, Technical Documentary Report No.
ASD-TDR-63-767, dated November 1963.

The fixed weight of the superalloy panels (1.25 lb/ft2--6.09 kg/m 2) is a significant
contributor to the total weight at the low heating rates. A second design (fig. 112) that

utilizes integrally stiffened modular beryllium waffle panels (0.85 lb/ft2--4.15 kg/m 2)
for the radiation surface is used to make the radiation design competitive at the very
low heating rates.
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A direct conservatism is built into the heat shield in the form of safety factors to

allow for heating rate prediction technique errors and material performance variations.
These factors are applied to the design heat shield requirements and to the design heat-
ing rates. To account for the material variances that can occur during fabrication, a
factor of safety of 1.10 is applied to the design ablator thickness and insulation thickness,
and to the coolant requirements for the active cooling system. Uncertainties that exist
in predicting design heating rates are accounted for by applying the following safety fac-
tors on heating rates:

FS = 1.15 for qi > 0.07 _ls

FS = 1.25 for 0.01 _ls < qi < 0.07 _ls

FS = 1.50 for qi < 0.01 _ls

Design limits placed on the radiation heat shield materials are shown in table 44,
along with the emissivity used in the analysis. The beryllium material utilizes a high
emissivity coating to enhance its reradiation characteristics.

The ablator is sized to limit the temperature of the ablator bond to a maximum of
800 ° F (700 ° K) and the insulation is sized to limit the v_hicle structure temperature
to a maximum of 200 ° F (366 ° K) at any time.

5. Heat Shield Analysis

The Martin Marietta heat shield design digital program was used to determine total
heat shield weights for specified vehicles. This program can consider a maximum of
seven normal and two abort trajectories, and up to four heat shield designs. It utilizes
heat shield design curves (heat shield unit weight versus percent of stagnation heating)
for specific entry trajectories. The program divides the surface of the vehicle into
nondimensional areas, corrects the geometry for the size of vehicle being considered,
defines the local heating rate ratio for these areas and determines the optimum local
unit area weight for each panel. These unit weights are integrated over the vehicle
geometry to obtain the total heat shield weight for individual or combined heat shield
systems, the average body heating, the heat shield c.g. and the total vehicle surface
area. A logic flow diagram which summarizes some of the basic steps is shown in
figure 113.

I
!

I
I
I
I

I
I

I
I

I
I

I
The heat shield design curves required for use in the heat shield design program

are obtained from transient analysis of the thermal response of the heat shield system
to the entry environment.

Ablator analysis. - The ablation analysis was performed with the FB-060 T-CAP-III
charring ablator program. The analytical model (fig. 114) employed in this program
consists of a virgin plastic layer, a pyrolysis zone, a char layer and, when applicable,
a melt layer. The surface boundary conditions include arbitrary convective and radia-
tion heating histories, the heat input or heat absorbed due to surface combustion or
vaporization, heat blockage by mass addition to the boundary layer, and heat radiated
to infinity from the ablating surface. Where desirable, known surface temperature
histories can be used as an input instead of a heating rate. Surface recession due to

I
I
I

I
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oxidation or melt flow and/or vaporization can be calculated. Internally, the heat ab-
sorbed by the pyrolysis vapor products as they flow through the char and the heat ab-
sorbed or produced during pyrolysis are included with the normal heat conduction and
storage terms• The equations programmed for finite difference solution on the IBM
7094 computer are:

(1) Surface heat balance

q (conduction) = q (convective) + q (radiation)

I

I
I

-q (mass injection blocking)

surfaee%1_s HO+_r - £v

+rcP c AH r - acT 4w

(2) Ablative layer heat balance

(stored) = q (conducted) - q (mass flow) + q (pyrolysis)

8T 8__ k_ST_ 8T 8k

PCp -_- = 8x kS-x-] - £v (x, t) Cpg 8--x" + fpp Lp _-

_+q (burning or vaporization) - q (reradiation)

M (n s - Hw)

(16)

(17)

(3) Ablator degradation

In the T-CAP-IH and T-CAP-IV programs, the material degradation is described
by a nondimensional density, k, which is defined as the fraction by weight that the
pyrolysis reaction has to go to completion. The rate at which material degradation
takes place is a function of the material reaction kinetics and the amount of reactant
remaining.

8k _ kn
8t -kr

where
p-p

k = c
- Pc

and

(18)

I
I

I

I
I

I
I

I
I

k = Ae -E/RT I
r

n = reaction order

The material reaction kinetics and the order of reaction are obtained for any particular
material by thermogravimetric analysis (TGA). The ablator density at any point and at

OO• •::: ,: !. i:. ":
•.. :.... .. : :.. : :.- :."
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any time is then given by

p(x, t) -- ×(x, t) (pp- pc) + Pe

while the flux of pyrolysis products is given as

X

fpp _ 8k dxm v (x, t) = - B---t-

O

where

(4) Surface recession

(I9)

(20)

Surface recession of an ablating material by any one of several modes, such as
oxidation, melt flow, vaporization and sublimation, can be computed by the T-CAP pro-
grams. Where surface recession is the result of char oxidation, the concentration of
oxygen at the wall and the oxidation rate are calculated by solving the following simul-
taneous equations:

(a) Burning rate equation

[Pe Co2]: _k2/T

rc = Pc k I e (21)

where k I and k 2 are burning rate constants and the exponent n defines the reaction

order. Usually n = 1/2 gives good agreement with experiment.

(b) Oxygen diffusion equation

C O - C
hnet Ie I 2e::: °2wl [Wc/_°2 ]

r =
c Pc

where hne t
for.

(22)

is the net heat transfer coefficient after mass blocking has been accounted

For materials which form a viscous melt layer at elevated temperatures, surface
recession can occur due to the molten material flowing under the influence of aerody-
namic shear forces. The surface recession due to the melt flow is given by:

i _Y 1 d (uR)dyrflow = R dx

O0 000 •

: : ... :..

"': ": : "" • "" "ERI_471"--_," .-: :..: --.:':

(23)
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where

U

T

Y Y

•
= aerodynamic shear stress

dp/dx = local pressure gradient

= melt viscosity

R = local body radius

In general, these materials also lose material due to vaporization. The recession
due to vaporization is computed by the following equation when the conditions of tem-
perature and pressure are such that the molten layer is not boiling.

hnet 1
- (24)

rvap°rizati°n Pmelt M(__v)_ 1

where

M
molecular weight of air

molecular weight of vapor

P_ = local ambient pressure

P = vapor pressure at ablating surface
v

When, at a given pressure the vapor pressure approaches the local ambient pressure
the molten layer begins to boil. Under these conditions the surface recession is again
computed using the surface heat balance (equation (16)) at a flow surface temperature,
in this case the boiling temperature, at the given local pressure.

The ablator heat shield weight consists of the ablator weight, honeycomb support
panel weight and insulation weight. Ablative requirements are determined by selecting
several values of total heat for each trajectory, and computer runs are made for
various ablator thicknesses. A curve of maximum backface temperature versus
ablator thickness (fig. 115) is obtained for each value of total heat selected. The re-
quired ablator thickness for the specified ablator bondline temperature of 200 ° F
(366 ° K) can be obtained. This procedure is followed for each design trajectory, for
both laminar and turbulent flow.

Insulation requirements for the ablative heat shield design were determined with
the FB-127 structural heating program, a transient three-dimensional heat flow pro-
gram which can handle arbitrarily arranged elements of structure with temperature
dependent material properties. An iteration procedure is used with an accelerated
convergence routine that minimizes computer time. A convective heating rate with
boundary layer enthalpy provides a hot wall heating rate, or the surface temperature
may be used as the time-dependent thermal input.

::: :: i i:" "':
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The low thermal conductivity of the microquartz insulation makes it feasible to de-
termine insulation requirements separately from the ablator by using the ablator back-
face temperature-time histories (fig. 116) as the boundary condition for the insulation
model which consists of the honeycomb support panel, mieroquartz insulation and ve-
hicle structure. Computer runs were made for several insulation thicknesses for each
total heat value used in the ablator analysis. As in the ablator case, a plot of maximum
structural temperature versus insulation thickness is obtained (fig. 117).

The ablator, panel and insulation weights were summed for their respective values
of total heat. These total heat values were normalized with respect to stagnation heat-

ing and curves of heat shield unit weight versus _i/_s were obtained. For the constant

angle-of attack heating conditions considered, the total heating conditions (Qi/QsT)

axe directly proportional to the local heaving rates (_i./_s), and can be used inter-

changeably. The design curves developed in figures 115, 116 and 117 are generally
independent of trajectory, but are dependent upon heat time and total heating, and can
be used for a point on a vehicle where these conditions axe applicable. Curves derived

for the specific HL-10 design trajectories are shown in figures 118 through 121.

Radiative heat shield analysis. - The FB-127 structural heating program was also
used to determine the radiative heat shield design curves. Radiative heat shield weights
are insensitive to the character of the flow field (laminar or turbulent) and are a func-
tion only of heating rate, total heat and trajectory time. Several insulatioh thicknesses
were run for selected values of total heat for each design trajectory, with the program
computing the coolant required to maintain a 200 ° F (366 ° K) structure temperature.
A system weight plot (fig. 122) for the selected values of total heat was obtained by
summing the coolant, insulation and panel weights for each insulation thickness. This
general curve is based on a typical radiative panel with microquartz insulation and
superalloy material properties. The minimum system weight, which contains minimum
weight portions of insulation and coolant, was determined from a similar plot for each
value of total heat. The radiative heat shield design curve results from a summation
of the optimum cooling and insulation weights and the radiative panel weight. Curves
derived for the HL-10 design trajectories are presented in figures 118 through 121 as

a function of qi/qs"

6. Design Procedure

The effect of turbulent flow entry heating generally is to increase the heat shield
weight requirement above that which would be required for laminar flow. Turbulent
rates used in this study were always equal to or greater than the laminar heating values.

The effect of turbulent flow heating on radiative pimel requir@ments results from the
possible increase in local heating rates. However, ablative heat shield performance
is sensitive to the character of the flow field, since the heat blockage term in the abla-
tive heat balance is reduced by approximately a factor of three for the turbulent case.
The all-turbulent and all-laminar cases represent the upper and lower bounds of heat
shield weights; they can be analyzed conveniently by using unit weight heat shield de-
sign curves developed for each particula_d_sign,tr_o_/_

The surface of a symmetrical half section of the HL-10 vehicle was divided into

238 nondimensional areas (fig. 123), and specific _L/_s ratio's for each panel were de-
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weight versus'_L°/'_s _ver$ determined from thermal design charts developed by the

T-CAP-III ablator program and the FB-127 structural heating program. A heat shield
weight curve was determined for each of the six trajectories for each heat shield de-
sign considered. Using these data, the heat shield design digital program was used to
determine the optimum total heat shield weight. This program determines the unit heat
shield weight for each of the 238 panels and integrates these weights over the vehicle
geometry to obtain the minimum total heat shield weight for a given size vehicle and
specified heat shield designs. The following matrix indicates the five heat shield sys-
tems that were evaluated for both laminar and turbulent heating regimes as a function
of vehicle size.

Vehicle length, ft 20.0
, m 6.08

Vehicle designation (size) A

1. All-ablative Laminar

Turbulent *

2. Ablative-radiative Laminar

(maximum use radiative) Turbulent *

3. Ablative-radiative Laminar *

(minimum weight) Turbulent *

4. Ablative-radiative Laminar
(maximum use radiative Turbulent *
with abort protection)

5. Ablative-radiative Laminar
(minimum weight with Turbulent *
abort protection)

• Denotes IBM 1130 run was made.

21.25 23.4 25.0 26.4
6.46 7.11 7.6 8.02

B C D E

I

I

I

I

I

I

I

I

I

I

I
(1) The all-ablative heat shield system has ablative protection for all surface

areas of the vehicle which are exposed to aerodynamic heating. !
(2) The ablative-radiative (maximum use) system uses radiative panels for any

areas which are within the heating rate limits, regardless of whether they
are lighter than ablative panels.

I
(3) The ablative-radiative (minimum weight) system uses radiative panels only

in areas where they offer a weight advantage.

(4 and 5) Abort protection is required to protect radiative panels which have
heating rate design limits below those attained during ascent abort. This
protection is in the form of an ablative overlay to provide sufficient heating
rate capability for the abort condition.

Heat shield weights for the cases listed above are presented in figures 124 through
127. Additional data on total heat shield weight, total wetted surface area and average
heating rates are presented in tables 47 and 48.
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TABLE 47

I TOTAL HEAT SHIELD WEIGHT

I
I

I

I
I
I

l

Crew size

All-ablative

Ablative-radiative

(maximum use radiative)

Ablative-radiative

(minimum weight)

Ablative-radiative
(maximum use radiative

with abort protection)

Ablative-radiative

(minimum weight with
abort protection)

Laminar

Turbulent

Laminar

Turbulent

Laminar

Turbulent

Laminar

Turbulent

Laminar

Turbulent

28 X 102

Total heat shield weight (lb)
_g)

A

1781

(808)

1667

(756)

1381

(626)

1614

(732)

1682

(763)

1629

(739)

B C D

1780 2134 2420

(807) (968) (1098)

1988 2380 2702

(902) (1080) (1226)

1579 2150

(716) (975)

2198

(997)

1535 2080

(696) (943)

2128

(965)

1605 2180

(729) (989)

1564 2110

(709) (957)

E

2684

(1217)

3000

(1361)

2378

(1079)

2744

(1246)

2298

(1042)

2658

(1206)

2788

(1264)

2700

(1225)

-12 X 102
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I
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AVERAGE HEATING RATE RATIO AND AVERAGE AREA

Crew size _ B C D

Average _i/_s
laminar flow 0. 1493 0. 1361 0.1324 0. 1299 0.1288

Average _./_ls
turbulent flow 0.1702 0. 1675 0.1628 0. 1597 0. 1589

Total wetted

surface area, ft 442.8 500.0 606.2 692.0 771.6

{in2) (41.1) (46.4) (56.3) (64. 3) (71.6)

I

I

l

l

I
Laminar-turbulent flow transition. - The transition from laminar to turbulent heating

is assumed to occur at Re e = 200. To analyze heat shield requirements for the turbulent

flow would require point analysis at every local area of the vehicle for each design tra-
jectory. The magnitude of this task is beyond the scope of the study. However, an es-
timate of the effect of flow transition was obtained by equating the weight change to the
increase in heating. Net heating for the transition case was computed for X/L stations
of 0.25, 0.50 and 0.75, and the transition heat shield weight was proportioned in the

following manner:

(Or wo/Wtrans Wlam \Qturb - Qlam /

Results obtained for the all-ablative design are shown in figure 124, with the curves
for the all-turbulent and all-laminar cases. This procedure was also followed in ana-

lyzing the ablative-radiative design, the results of which are shown in figure 125.

Heat shield distribution and specific area coverage.- Radiative heat shield material
distribution, in terms of percent area coverage and percent of total heat shield weight,

is given in table 49 and figure 129 for the maximum use ablative-radiative design and
in table 50 and figure 130 for the minimum weight ablative-radiative design. For the
maximum use design, radiative heat shields cover 70. 2 percent of the body surface
area and represent 45. 0 percent of the total heat shield weight. Radiation heat shields
cover only 36. 5 percent of the area and contribute 32. 6 percent of the total heat shield
weight for the minimum weight ablative-radiative design. It is significant to note that
the area coverage of radiative heat shields is almost doubled in the maximum use de-
sign, with only a three percent increase in total heat shield weight over the minimum
weight desigm

The specific area coverage for the all-ablative, maximum use ablative-radiative,
and minimum weight ablative-radiative designs are shown in figures 128, 129 and 130,

respectively.

I

l

I

l

I

l

i

l

l

l
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TABLE 49

RADIATIVE HEAT SHIELDS FOR MAXIMUM USE

% area % weight

Beryllium 30.9 13.0

Superalloy ii. 9 7.0

Columbium 10.4 8.2

Tantalum 17.0 17.2

Total 70.2 45.0

TABLE 50

RADIATIVE HEAT SHIELDS FOR MINIMUM WEIGHT

% area % weight

Beryllium 0.0 0.0

Superalloy 9.1 5.6

Columbium 10.4 8.4

Tantalum 17.0 18.2

Total 36.5 32.6

Edgemember and "hot tail" weight adjustments.- For convenience and simplicity,
the heat shield weights (table 47) do not include an allowance for the weight of silica
phenolic edgemembers required around hatches, doors and flaps and between dissimi-
lar ablative materials. On the other hand, these heat shield weights also do not re-

flect the saving in insulation and panel weight obtained by use of the single-wall, "hot-

taft" concept. An estimate of the weights of the edgemembers is shown in table 51
and, for the C-size vehicle, are estimated to be 6.6 percent of the total heat shield
weight. On the PRIME vehicle, for comparison, the edgemember weights are 7.8 per-
cent of the total heat shield weight. The weight saved by using the "hot-tail" design

(table 52) is 7.9 percent of the total heat shield weight and approximately equals the
weight added by the edgemembers. A slight forward shift in heat shield c.g. (table 53)
results from removing the insulation and panel weights from the "hot tail," and the_
assuming that this weight is equally distributed about the c.g. of the vehicle for the

edgemembers and other reinforcements.
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"HOT TAIL" WEIGHT CHANGE

Heat
Vehicle shield

length, weight Weight, *

Vehicle ft lb lb % weight

size (m) (kg) (kg) saved

A 20.0 1781 138.0 7.75

(6.08) (807.8) (62.6)

B 21.25 1988 155.8 7.84

(6.46) ....... (901.7) (70.7)

C 23.4 2380 188.9 7.94

(7.11) (1079.5) (85.7)

D 25.0 2702 215.6 7.98

(7.60) (1226) (97.8)

E 26.4 3000 240.0 8.02

(8.02) (1360) (109.0)

*_W is the weight of the honeycomb panel and insulation saved

by bending the ablator directly to the structure and running

with a 800 ° F (700 ° K) structure temperature.

TABLE 53

CENTER OF GRAVITY SHIFT FOR "HOT TAIL" DESIGN

Corrected**

Center of Weight Moment center of

gravity, removed,* arm, gravity,
Vehicle ft lb ft ft

size (m) (kg) (m) (m)

A 11.94 138.0 18.40 11.40

(3.64) (62.6) (5.6 i) (3.47)

B 12.73 155.8 19.55 12.15

(3.88) (70.7) (5.96) (3.70)

C 14.07 188.9 21.53 13.43

(4.29) (85.7) (6.56) (4.09)

D 15.04 215.6 23.00 14.35

(4.58) (97.8) (7.01) (4.37)

E 15.89 240.5 24.29 15.16

(4.84) (109.5) (7.40) (4.67)

*Weight of insulation and fiber glass panel in tail section re-

moved for "hot tail" design.

**Shift in center of gravity results from removal of insulation

and panel weights from the "hot tail" and assuming this weight

equal to weight required for edgemembers and other reinforce-

ments. This weight is assumed to be equally distributed about

the center of gravity of the vehicle.
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I
B. STRUCTURE

1. Structural Design Studies

Structural design analyses are presented in this section for the various entry
vehicle sizes. These analyses include detailed evaluation of various structural con-

cepts using a digital program which is described herein. Loads studies considered

all flight phases, from launch to touchdown, and the results are shown. Results of
a survey of candidate materials are presented, along with a detailed evaluation of
the selected approach.

I

I
I

I
I

I

Structural dynamics analyses are also presented. Aspects concerned with the
launch configuration are discussed, including analyses of various adapters. Vibration

modal data for the entry vehicle are shown, and analyses of fin stiffness requirements
and elevon dynamics are also considered.

Approach.- Structural load analyses were conducted for the operational environ-
ment. Sensitivity and/or optimization studies of boost and landing load conditions
were included.

The results of these studies indicate that three conditions are critical to vehicle

structural design- boost and landing for overall vehicle bending strength, and maxi-

mum dynamic pressure for nose, fin and control surface loads.

During the early phase of the study, two evaluations were completed. These con-
sisted of determining landing load sensitivity with respect to main gear configuration
and optimizing the vehicle-adapter interface moment during boost. As a result of

these studies, the main gear configuration incorporated a skid-wheel concept which
minimized three-point landing body loads. Also, the optimum incidence angle between

the entry vehicle and launch vehicle centerlines was 2.5 ° using a Titan HI and 3.35 °
using a Saturn IB.

I

I
I

I

I

The vehicles were evaluated to determine the best structural concept and material
selection. In all cases it was found that the loading index was so small that minimum

material gages controlled the design rather than structural shell concept optimization.
As a result, conventional type construction was selected. Also, since structural con-
cept optimization did not become critical, use of other high strength materials would

not result in weight savings. The effect of internal pressure, overpressure and

framing spacing on frame weight was evaluated. The structural frame weight was
traded off with the main shell weight to determine the most efficient combination to

sustain the design loads. For the final thermostructural concept determination, the
weight penalty of the refurbishable heat shield, as a function of spacing, was included

in the structural weight, and the minimum weight spacing was selected.

Since each of the study areas involved a sizable number of perturbations, the re-

sulting analytical task loads became very significant and dictated the use of automatic
digital programs to complete the study items. The following subsections describe
the "Preliminary DeSign and Optimization of Spacecraft External Structure" digital

program (ref. 17) and, in more detail, the individual studies and results.
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Digital program de se ription. - The Martin Marietta Corporation ' s "P re liminary
Design and Optimization of Spacecraft External Structure" digital program was

utilized (ref. 17). This program consists of two phases: Phase one establishes
geometric shape, stores subsystem weights and positions, and computes vehicle
loads; Phase two optimizes the structural design. The overall program flow is

shown in figure 131.

The HL-10 configuration geometry was loaded into the computer by vehicle stations.

A vehicle bay then became the portion of the body between two respective stations.

Additionally, each bay was composed of a series of connected panels (fig. 132}.
From the vehicle geometry, the computer determined the projected panel area with

respect to the three axes. Therefore, with a particular pressure on the panel, the
incremental loads and moments were computed. Integration of these pressure load
increments resulted in the net vehicle pressure loading. Since the program utilizes

half the vehicle for geometric input, the loads must be symmetrical with respect to

the longitudinal axis. For the program to determine net vehicle loads, the distributed
and concentrated (systems, crew, etc.) weights must be known. The program auto-

matically adds in the structural weight distribution. Several types of external loads
are included in the formulation of vehicle internal load distribution, including external

and internal pressures, concentrated load inputs, and applied accelerations. Internal

pressure is assumed to be constant for a given bay, whereas external pressure varies
from panel to panel. Applied acceleration loads can occur, for example, during a
boost condition where the vehicle is not in a free-free condition. In the case where

the vehicle is in a free-free condition, the resulting vehicle accelerations, due to

applied loads, are used to compute the vehicle inertial loads and place the body in
equilibrium. With these features, the program can handle any condition and compute

the resulting axial load, shear, and bending moment.

Phase two of the program, consisting of the structural design and optimization,
is accomplished in two parts: the first considers the frame and the second considers

the shell. For the frame design, the internal load solution is based on the minimum

energy approach where both bending and axial strain energy are considered. The
analysis considers frames of arbitrary shape and with or without tie bars. A lipped-Z
or channel cross-section frame was used in the design study. Frame optimization is

iteratively achieved when the material strength and web stability criteria are met.
Manufacturing and design constraints are included in determining the frame weights.

The structural shell design is based on the structural optimization procedures
developed in reference 18. For the preliminary design and optimization procedures,

each vehicle bay cross-section is idealized by either a cone or a series of fiat plates
whose circumferences and lengths match those of the actual bay. The cone buckling

criteria used in the analysis are based on the buckling of an equivalent cylinder of
length equal to the cone slant height and radius equal to the average radius of the

conical section. Analytical justification for this method may be found in references
19 and 20. Buckling criteria for the series of fiat plates are based on the buckling of
the critical sections at the bottom and top of the vehicle. Further simplification for

both idealized sections is obtained by neglecting the shear load. After the structural

section for the shell has been found, the inertia and weight distribution are recomputed
and new loads are determined until the vehicle weight converges. Again, material

and manufacturing restraints are incorporated into the weight, along with factors to

reflect fasteners and fittings.
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Load studies.- Structural design conditions considered are prelaunch, launch and

insertion, space flight, entry and atmospheric flight, and landing and recovery. During

the early phases of this study, four potential boosters were considered: Gemini Launch
Vehicle (GLV), Titan III-2, Titan III-5 and Saturn IB. Initial studies showed that the
GLV was sub-marginal for payload capability and, therefore, was not given further

consideration. For the remaining launch vehicles, boost-insertion and abort tra-

jectories were determined. With these, critical trajectory points were selected
which reflected maximum accelerations and combination acceleration conditions,

maximum dynamic pressure and angle of attack conditions, and critical combinations
of the above. For the entry loads, a complete spectrum of entry trajectories was
made which reflected the HL-10 aerodynamic capability (i. e., various roll and pitch

programs). Entry trajectory points were selected which reflected critical acceleration
and dynamic pressure conditions. For this study, the thermal protection system de-

sign was predicated on keeping the integral pressure shell structure to 660 ° R
{367 ° K). Therefore, structural temperature was not considered a critical parameter.

Boost loading for the HL-10 vehicle is dependent on the vehicle incidence angle
with respect to the booster. To provide a compatible vehicle/booster interface, an

aerodynamic load study was performed (see Part V). Parametric curves were de-
rived to determine the moment, normal and axial load force coefficients by varying
the angle of attack and incidence angle. The optimum incidence angle was considered

to be that angle at which { for a + 6° booster angle of attack) the bending moment
coefficient at the entry vehicle adapter interface was of equal magnitude. The re-

sulting moment coefficient curves for the Titan Ill and Saturn IB are shown in figure
133. The optimum incidence angles were found to be 2.5 ° for the Titan and 3.35 ° for
the Saturn. The data required for the pertinent aerodynamic coefficient variation were
obtained from reference 21.

Another study involved the resulting vehicle bending loads as a function of three
landing gear configurations: wheel, skid and combination wheel/skid. A complete
discussion is presented in subsection C. With the skid gear, pitch accelerations

resulted in higher vehicle bending loads, which dictate weight penalties. The wheel
minimizes this effect; however, slideout distance is prohibitive. As a result, the

wheel/skid system was utilized, providing a near optimum from both load and slide-
out considerations. Figure 134 shows the relative landing loads and an ascent load

for a typical vehicle. It becomes quite apparent that the skid landing loads signifi-
cantly alter the structural design loads envelope. The wheel/skid combination, however,

minimizes the change. Ideally, if the ascent and landing load condition could be forced
together, the vehicle in an overall sense would approach a single condition design.
Geometric restrictions however do not allow this to happen. Therefore, the minimum

design load change, wheel/skid combination was selected.

The digital program of reference 17 was utilized to evaluate the selected boost

and entry trajectory points. This required determination of vehicle aerodynamic
pressure coefficients as related to the vehicle geometry. Pressure distributions for

the various Mach numbers, angle of attack and yaw were obtained from references
22 through 25.

The results of these runs indicated that only three of the selected conditions had signi-

ficant effect on the structural design loads. From an overall vehicle load point of view,
the ascent and landing conditions are critical. For local pressure design, the maximum
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dynamic pressure abort condition is critical. Figure 135 shows the relative magni-
tude of the critical overall vehicle design bending conditions. Generally, the forward
part of the lifting body is designed by the landing condition while the aft body structure
is dependent on the ascent condition.

Along with net vehicle load determination, vehicle structural shell loading indices
were computed for the various conditions. The resulting load index figures were in
a range where true structural optimization is not practical. These results have also
been found in previous studies (ref. 26). Having defined the critical structural de-
sign loads the material and structural studies were initiated.

Material survey.- Materials to be utilized must adequately perform the research
and any growth missions. For this study, mission times are in a range where the
consideration of meteoroidal shielding and radiation are not predominant factors.
Since all structural surfaces have an ablative coating, the problems of erosion, out-
gassing and sputtering are not critical. Therefore, the selected material shall be
compatible with the crew atmosphere and provide the necessary strength character-
istics. Since the loading conditions do not dictate the very high strength alloys, a
qualitative survey was made of the more common used alloys, with an appraisal of
the manufacturing and strength characteristics. Material cost and availability were
also considered. Table 54 summarizes the materials considered.

Considering the limit on temperature, as dictated by the thermal protection
ground rule, the strength at temperature critieria did not become significant.
Therefore, considering the cost, manufacturability, crack resistance and avail-
ability, aluminum alloys were selected for the primary body structure material.
Since the 2219 alloy has been developed as a high strength weldable aluminum, and
since welding is a logical pressure body fabrication method, it will be used for the
pressure shell. The frames could very well use other alloys and will be evaluated
in a later section.

Structural concept evaluation. - The primary purpose of the structural concept
studies was to evolve the most efficient pressure shell-frame spacing combination
and provide realistic manufacturing, thermal protection system, and material

restraints or interfaces. Additionally, a range of shell construction configurations
was analyzed. Figure 136 summarizes the configurations considered, showing how
the major intersections of skins, frames, and stiffener and/or longerons would be
made. As a result of the load studies, which indicated low load indices, it was de-
cided to evaluate the 'buckling" skin type construction. This concept shows a weight
advantage, particularly when design loads are low, and has been utilized success-

fully on both aircraft and booster structures. An inh_,rent advantage is that it has
a natural capacity to handle concentrated load inputs. For realism, manufacturing
minimums were imposed on all structural configurations. Table 55 summarizes
these constraints for the pressure shell concepts.

Using the constraints of table 55, the logic of structural concept selection followed
in three phases: a study of frame weights, a study of shell weight, and an evaluation
of the refurbishable heat shield effects on structural weight. With these three, the
final overall structural concept was selected.
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TABLE 55

MANUFACTURING RESTRAINTS FOR THE VARIOUS STRUCTURAL CONCEPTS

Structural

concept Manufacturing restraints Remarks

Integrally-
stiffened
skin

Minimum skin thickness =
0.025 in. (0.63 mm)

Minimum stiffener spacing =
1.0 in. (2.54 cm)

Minimum stiffener depth =
0.25 in. (6.3 mm)

Minimum stiffener thickness =
0.074 in. (1.88 mm)

1. Fully machined sPAn
2. Skin splices are made

through welding.
3. Stiffeners taper out with

increasing skin thickness
for frame intersections.

Honeycomb Minimum skin thickness =

O. 010 in. (0.254 mm)
Minimum core depth =

O. 375 in. (9.55 mm)

1. Skin splices are welded.
2. Edge members and

doubler provide weld land.
3. Outer frame cap bonded

to honeycomb

Single- skin
corrugation

Minimum skin thickness

(outer and corrugation) =
0.015 in. (0.38 mm)

Maximum skin element width =

0.50 in. (1.27 cm)

1. Skin splices are welded.
2. Frames are spot welded

to corrugations.

Stiffened-skin Minimum skin thickness and
stiffener thickness =

O. 025 in. (0.63 mm)
Minimum skin spacing =

1.0in. (2.54cm)
Minimum stiffener depth =

0.5in. (1.27 cm)

1. Skin splices are welded.
2. Stiffeners are spot welded

to the skin.
3. Frames are spot welded

to the stringers.

Skin-stringer Minimum skin thickness =
0.025 in. (0.63 mm)

Minimum stiffener thickness =
0.045 in. (1. 15 mm)

Minimum stiffener width or

depth = 1.0 in. (2.54 cm)

1. Skin splices are welded.
2. Stiffeners spot welded to

skin.
3. Stiffeners are continuous

through frame s.
4. Frames spot welded to

skin.

I
I
I

I
I
I

I
I

I
I

I

I
I
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Skin-longeron Minimum skin thickness = Same as skin-stringer •
0.025 in. (0.63 mm) concept. l

Minimum longeron thickne s s =
0. 062 in. (1.57 mm)

Minimum longeron depth or •
width = 1.0 in. (2.54 cm) D
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The first phase was the evaluation of frame weights. The primary function of the
frame is to maintain body shape while withstanding net pressure loads (internal and
external or critical). A secondary function is to provide stability to the compression
cover. Therefore, the two significant design parameters are frame spacing and de-
sign pressure. This study considered a fixed type frame section, mainly a channel
or lipped-Z configuration. A series of design runs were made with variations of de-
sign pressure and frame spacing. Along with each run, the frame running weight was
computed; results _shown in figures 137 and 138. These figures indicate two
significant trends{_irst, the manufacturing constraint on frame thickness induces
a frame weight penalty which is maximum for small frame spacing and minimizes as
the spacing is opened up or the design pressure is increased. Secondly, for the
HL-10 vehicle, increasing the spacing beyond 25 inches (63.5 cm) will induce a
weight penalty. Further aft in the vehicle, the frame weight increases because of
the flattening of the vehicle. Total frame weight, as a function of spacing and a fixed
internal pressure, is shown in figure 139. A study was also made to determine
frame weight sensitivity as a function of overpressure; this is shown in figure 140.

As a result, the overpressure for abort studies was based on a 7 psi (48.3 kN/m 2)
value.

In order to fully evaluate the main pressure shell configuration, a representative
matrix of structural construction types was analyzed. These are shown in figure 141.
As previously mentioned, the material and manufacturing constraints were incor-
porated (table 55). Each configuration was analyzed using the computer design pro-
gram (ref. 17) with frame spacing variations; a typical vehicle result is shown in
figure 142. Structural shell requirements for the critical design loads were always
less than the manufacturing constraints, except for the buckled skin concepts. As a
result, the unit weight curves are essentially flat considering the full weight variation
of the nonbuckled concepts. The average maximum range of unit weight change is

0.12 lb/ft 2 (0.605 kg/m2), a 22 percent change. However, considering the vehicle

structural-heat shield system, it only represents a 2 percent variation. It is apparent
that the loadings are not of sufficient magnitude to make significant weight gains by using
more efficient compression structural configurations or higher strength materials. A
pressure shell run was made using a magnesium alloy. The weight savings for the
structure was 22 percent. However, system-wise this only represented a 3 percent
change. With the associated problems of magnesium in a space environment and its
manufacturing characteristics, it is not considered advantageous to use. For the small
frame spacings, the buckling skin concept shows significant weight saving potential.

The combination of frame unit weight and shell unit weight versus spacing will
define an optimum concept for pure structural criteria. A summary of these results
is shown in figure 142, which shows that the frame spacing for the nonbuekling skin
concepts is in the range of 15 to 16 inches (38.1 - 40.6 cm). The skin-longeron con-
cept is about half of this range. For the two-man vehicle, the unit weight change
between concepts is +26 percent (a net vehicle cha_ige of 6.4%) while the unit weight
change for the eight-man vehicle is +11.4 percent (a net vehicle change of 5.75%). To
make a final selection of overall structural concept, the restraints of the refurbishable
heat shield must be included. A detailed investigation of the refurbishable heat shield
concept has been completed by Martin Marietta (refs. 27 and 28).
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FIGURE 137. FRAME RUNNING WEIGHT AS A FUNCTION OF PRESSURE AND SPACING:

L = 254 INCHES (6.45 M)

2.0

Z

.1.5

1.0

220

.5

0
0 5

| I
o 5o

FIGURE 138.

-2.0 2.0

. 1.5
I--

-1.0 ,_ _ 1.0
"J" Z

.5

0
2510 15 20

PRESSURE, PSI
I I

IOO 150 0 50 IOO 150

PRESSURE, KN/M 2 PRESSURE, KN/M 2

]lnlnn [hill I J I'llllll II]ll[I]nlllll:iI [ L_,,_..............................nllnnllnnl] ]]]nl rllnl nllllllll III_L _.
IIIIIII] L[II [1111[1[11 ] IIIIIII II _ .*

[lllllllllllllll I]ll[ll[lllllill[

:,,,,_,,1,,:I],,,,]I,,,,,,, ..... , i _

..............................n_r_llln_nnn_nnlznl
........ ,,,, rlnl[Itl

_V/. _n Iltll ...................

AlL. = *.)_ illl]l IIl_llllltllTnLl_,_l

iiiillLI11l IIIIIII IRIIII I II] I I_l I_1 [

Ill Ill II III II LSt Illlll]lll I11 ] i _ i _ _l i i_
ll]ll_ll III Ilillllll_lll Illll

II[IBI] [IRI ii Illl []1111] 11111 I_) K I_l ] ' _ I _

I II I I I Ill ii II ', I [ ILI ], .... I i]_': 'l L_ Ill lli t_

]1 iTi] iiiii]11111111111_111 _ :

i11 ii [IIIHIILIII iIIII _lllll _1 [ [ I i I ] I [ : [ I

I I I I _ I I I I 1

_1 i i i i i I I Ili L ] I I I I I I I _ I I l ] I : I _

air t llllt r:li I _11 I I ] _ I [ I _ I I I I I : I

I I I [ I I lll_]lli I [ I I I J I I ] [ ] III , i I: L

IITIIIIIIII II IIII I_ITIIII] I I i I I ' [ _

__ SPACING f
Illl LII IIl_I_l]]I]l] t II i[[ II

_ II II [ I I' 'l ' ' '' jl'............................. IN. _M _

_ [ I I I I I [ I I ] ] I I I I I I A I / I /l_ _

_IIL] HI IIIIIILlll Illll II _ [151]

............................. ] B = 15 38.1
II1511 II IIII[IR] % IIi]l I I............................. ' C = 2{3 63.5_

Ii : I, : I1 I Ii 11 Ii 'l : 11 : ], : : : : Ii : : '1 _ _ 11 I, Ii Ii : I, I III : : _ I _ _k _ _

5 10 lS 20

PRESSURE, PSI
I I I I

-2.0

-I .0
Z
i

=.
==

250

FRAME RUNNING WEIGHT AS A FUNCTION OF PRESSURE AND SPACING:

L = 300 INCHES (7.62 M)

O• •O • • •O_ •O qP•Q •O ••O
••O

• : *** • o .: : : • •
•00

I)••

• •_ •0

ER 14471-4

I
I

I
I
I
I

I

I



I

I
I

I

I
I

I

I
I
I

I
I

I
I

I

I
I

.:.
•O0

eOQ

I--

FIGURE 139.

FIGURE 140.

QOO

Q•O

I) o•

::. ::

L_

uJ

2

I0

2
5 X I• ......................................................... ,z,_

..... 1 l]Jlilil[J]t]J[I]tltlr],[[]t]l|E]fFlilltll] lilt•I•

lllllllllllI[l}lllllllll']lllll]llll']llllllllIllillIlIlIIIll IIIJlll

10 2 bESIGN ULTIMATE"PRE'SSORE _"16'PSi !111!] ! ]!!!ii!!! :::[lll

_Fl_TrT_rl_iTn--TT|llllllllllllllllilllll]lllill
...... r,,]],[, ....... ,,,,,, ............... ,y.r_-MAN VEH CLE
]lllllili]lLlitJliliJ[l[iiilil[[ll[lillll[F_',,,] ,,*

_'IIII)[flI)[[II]IIII[I[IIILIIIL[iIIIITZII[]IlilIIIIII IlIlll]
[,,, ]l[lilJLlllllllLlllllLil[l]Tiiiilll[llilli IIII)ll

Jlii]JI]llIZlRililiillillillRI[ll I ]l[J[li
]l[lll[lllllllllllll[ll[l[ll IIIl[llLllllllllllllltlllll II[llll

_j_[_]_i[_[T]__[]i]_i_]J_]i_[[_L_Ej_]_]]_[_i_3iii_L_j__................. ],,,llllllllll[ll[lll[lll |4-MAN VEHICLE
IIIIIIIIIIIIIIIIIIII4111111ZlIII[II_L[IJII IA .................

II'_Jlll[llllllllllllllllllllllllll[llll ..... _ .........................

illl]l[ltltilllll[llll]llllJliillllfilllrl)
IlliiJ[I]]JlllillllJilillii[liJllll]i[i)lliRill]lL
lilBilIIIA3B[[BBLLB]II JlJlJlllliLllllLiJiLlilli[[13)[illil]l[lli]

8 I0 12 14 16 18 20

FRAME SPACING, IN.

I t I ] i I i I

i5 20 25 3O 35 40 45 5O

FRAME SPACING, CM

TOTAL FRAME WEIGHT AS A FUNCTION OF PRESSURE AND SPACING

1.4

__ 1.3

Z

lu

__ 1.2

_1.1

1.0
6

IIIII[IIIE

li[lllllll[l[llllll[lll[
IIIl_llll r
III ...... llllll.........
I]IIII lllllllllllllllllll
illlll]lllllllllillllI]IIll_i]

ll]llllllllllllllllilll

IIIIIIIII[I;IIIiiiiiiiiiiii

llllll[llllllllil I

Z(19.1CM) SPACING FRAMES [II
- N 50% LENGTH OF BODY AREAI[_

ZNO INTERNAL PRESSURE

IIIIII]II I JJ r]......... iiiIIiiii_;;;;;_I i]
[IIIIIIIIIIIII[IIIIiii_iii/iii

]tlllJllllllllllIIll III/

l[[ll[lilllllllllll_ lal"

lllllllllllli]llll

lllllllllilllllllli[l_llll

I JlJlIllilllllll_ll]lllll

IIllllllllllll [lll_l_11illlllll
illlllllllJllIllllJFl]lllllI[II

][I .... [I]III[ I ...... III .....lilr]lllllllll I LdFII]I [Jill

IIIIIIIIIIIIII_T[IIII]III KI
IIIIIIILNIrlnJ_iIIEIIIIIIIII[L,

illll]
IIIIflIIIL[LdF I IIIIII_-]llllllllll_rl I

I I I I IJ_l I I I i i i i i i i i iii i_i i_

[IIIIIIL_IFIII _r

Illlll_rllJlll I 2_ '
I]_II]]III[I •

lll l_rlllll IIIIIIII_IIIIIIIII

_'.l.l...,l.'_.LL_=l.,.r_L,=l.l_l_,][,,I[i,ll

8 I• 12

IIIIIIIl]l]ll][j
IIIJ]lll_[lll[
Illl]lliitlll _ I
!]Iiiiii]III

'.......... IIII]llIlll.fl[
Jllll[ll_]_lll

_[111111_1_]]]11][]
IIJl_l]lllll[I

il_lllllll[ll_l
]ll_dFIIJ][[ll[l[

IIl_lrl]ll[llllll[
II_rll]l]llllllll
IJrlllll[llllilll

lllll[llll[i

lli[llllllll_l

illllll]lllll_

lll[llllllIl_[[[

IIIIIIIIT]I@I[II

ll;llllli _ I:III

Jllll[l_lll
IIIIIl,ir]lll[

_llll]llJ
Ill _,-IIl[l!ll]il
IIl_lllllllll[i[
I _ Illll[[[I]il[

@II[llllll[ll_ll

llllllillllilll

111111[IIII

II U IIIIIII

-ACTUAL FRAME H-I-

"DESIGN PRESSURE
[lJlllllllllllll

IIIIIIIIIIIIIII

]11[1111111111[ I

14 I

ULTIMATE EXTERNAL OVERPRESSURE, PSI

l I I I I

4 6 8 I0 12 X 103

EXTERNAL OVERPRESSURE, N/M 2

FRAME WEIGHT SENSITIVITY TO ULTIMATE EXTERNAL OVERPRESSURE

ER 14471- 221



222

WI••

••O

I'OFz-MAN VEHICLEIIJlI_IIII:IIlIIIIIIlIIII]II[Illl ]
r ............. TTT'i-FrSK . * e liB•Ill..................... IN STRINGER ( )M ...... II I
IIIIIl_l]lllllllllIlllllll_lllllltlllll_llllllll]ll

Illllll II 1 IllllllllllllTIIllllllllllllll]
Illllllil,lll/ll[lllll]lll IIIIII11

_ SKIN-CHANNEL STIFFENED (d)JIIIIIp_,_'IIIIINFFH-H-p4
• O_llrllllllll_lllll}lllllllrl_ ItiA.,,l_l

I]tttltlltlttt{llrltllllltlltl

HONEYCOMB(b)JliE ........
....... _]IlIIIIIIIIIIIH KTIIIIIIIIIIIIIrlII

Illlii[llll,.LIIl%lll[lllllilJllll M I]lllllllllll[Illllllilllill ''--Ill[li[lllllll$1111.1 .,.11111
IIIII ii ........ . ................... II1[I6 ..... Ill ............ T...................... F3
IIIII]! i ............. iiiilll: i K /

4 IIIIlllllilllll_lllll[l[l!lllltlL[llllllll
I]lllblrlillll_llllltllill[llllllllllll[ll_-H-H'-I

- II[lllllllllJli]JlllllllFIIllJl]llllJlll''_'_._[llll -_IIIIlll_l III1_1i111_1111111 ...... illllllllll_[l[I

IIIIlllilrllJVll_llllllllllllllllllll[lllllllll!l

-- INTEGRAL STIFFENED (a) "

._ ...... llmllzIlr111 .... '''' I ....... ''''-t-l-t-_-t-tl-2
IIIII][[l_llllllllllllllllllllllll[ll[I]llIIl[

• " ................. IIIIIill11111[[[11 --"H-H-J-H-FI'IJF_SK N-LONGERON*(f)_=J_
llllllllll[ll .................. lllfllllll
...................................... II]JJllllll •

2 iiIiIiiiiiiilli[llllllll]lllllllllllllllliiIiiii _ J

:*ALLOW SK N BUCKLING_='_[_=_z_
............. l lllilIllll]lll111111
lllltlllllllllllllllllllll,!llllllllllll1][llll .......... il
SUMMARY OF UNIT SHELL WEIGHT VERSUS _z[]]_]]
FRAME SPACING FOR VARIOUS STRUCTURAL _z_]_]_

CONFIGURATIONS _ l
0 .,lJlll,|,l,lJ,,,,.,,,,*l_ll*lllll_,l l I

6 I0 14 18 22

FRAME SPACING, IN.

I I I I I
10 20 30 40 5o

FRAME SPACING, CM

FIGURE 141. UNIT SHELL WEIGHT AS A FUNCTION OF FRAME SPACING FOR VARIOUS
STRUCTURAL CONFIGURATIONS

2.0

1.6

1.2

_8

E----_8-_N VEHICLE '_;

*ALLOW THE SKIN--UNIT WEIGHTS FOR HL-IO :

TO BUCKLE BODY :
02 _ 10 1_ 18 22

FRAME SPACING, IN.

I I I I I
I0 20 30 40 5o

FRAME SPACING, CM

-8

-6

½

-2

FIGURE 142. COMBINED SHELL AND FRAME UNIT WEIGHTS

•": "':: "" ""-'" .': "'i "': "':..:'_
• • •• • • •

• • e•• ••

I••

•ill

000

ER 14471-4

I
I

I
I

I
I
I

I

I

I

I

I

I

I

I

I
I

I



I _oe
IO

:o_ _ _ .: :°°_°•o°° •

I .o° °° : :°° _°•
associated heat shieldFrom these studies, the substrate panel weight increase

(ref. 28), in terms of off-optimum support spacing, can be evaluated. Considering

I three representative types of construction and their required spacing, along with a
heat shield panel weight penalty, a net overall unit weight curve was derived, and
is summarized in figure 143. It is quite evident that only one structural concept, the

N _ skin-longeron-frame configuration, shows any optimum weight point.
I |

A study of the entry vehicle adapter structural weight was completed using a skin-
stringer-frame type construction. Since the adapter will have various propulsion com-

I ponents in it, the ability to provide hard point mounting dictated this configuration.
Again, this study showed that, for the adapter structural geometry and the ascent
condition loads, the requirements for the shell were in the minimum gage range for

I aluminum sheet. Weight variation of the adapter structure is shown in figure 144.

2. Structural Dynamics Studies

I A primary objective for structural dynamics effort was to develop design require-

ments and recommendations which would assure that the vehicle would be free from

i detrimental vibration, flutter, divergence and other related dynamics problems underits boost and entry flight conditions. Analyses of these phenomena are very difficult
because of their nonlinear and unsteady characteristics, and because of the many
interacting factors of both viscous aerodynamics and elastic structures. In this pre-

I liminary analysis, with its limited scope, various dynamics phenomena were identified.Simplified equations were used to derive dynamics characteristics for the purposes
of showing trends which may affect selection of design concepts, and of showing

i possibilities of important design problems for future detailed study. Results are basedon preliminary stiffness and weight distributions.

Adapter and entry vehicle dynamics and elevator and fin stiffness were considered,

I as were the effects of size. The fin and control surface studies considered the overallpressure loads to determine primary structural box requirements, and considered
local cover pressures to determine cover requirements. Using the required thickness

i for strength, an evaluation was made comparing natural structural frequencies withthe required frequencies to preclude flutter problems. The flutter requirements were
based on the work described in this section. Overall vehicle characteristics used in

these analyses are listed in table 56.

m Entry vehicle-to-booster adapter studies.-

Rigid entry vehicle: An initial simplified dynamics analysis was performed in which

I the entry vehicle was assumed to be nondeformable. The adapter structure was
assumed to be a frustrum of a conical shell attached to the base of the entry vehicle,
as illustrated in the following sketch.

I '""(3. 5 M)

n I---- Lv "t
E • •• •• 0•• •0

_•: _ : _• ° o°• :••
• •• • @ $ •

0_• •O ••• •

! • _.23
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TABLE 56

ENTRY VEHICLE WEIGHT CHARACTERISTICS

Vehicle length,

LV' Total weight Pitch inertia

Entry
vehicle ft m lbM-tn 2 kg-m 2

20A/1

B/2

C/4

D/6

E/8

21.25

23.4

25

26.4

6. 096

6.477

7. 132

7. 620

8. 047

IbM kg

6 479 2939

7 492 3398

9 690 4395

11 300 5136

13 100 5942

28.0 x 106

36.64

57.44

76.24

98.35

Center of gravity for each vehicle is located at 0.53 L v

ER 14471-4

8 190

10 720

16 810

22 310

28 900

225



The large end of the adapter was a fixed 120-inch (3.05 m) diameter.

Influence coefficients from reference 29 were used to provide the proper elastic
definition. These were derived for the small end of the adapter assuming the large

end was fixed, and using membrane stress and deflection analyses. Translational
and rotational deflections due to both shear and moment were included. The rigid
vehicle assumption causes the analysis results to be valid only for those frequencies
which are significantly less than the frequency of the flexible entry vehicle without
the adapter.

The frequency equation which resulted from the analysis is

X (c/t) 2+Y (c/t) +1=0

c = (2_ n2)
g

X- IW IC3C +{1rED)2 5 C4]

Y= _--_-E---- C3+ _ -

I + Wl 2 1

D 2 05 t

n = resonant frequency

I
I

I
I

I
I
I

I
I

g = acceleration of gravity

t = shell structure thickness

I = entry vehicle inertia about its center of gravity

W = entry vehicle total weight

E = Young's modulus

1 = distance between entry vehicle c.g. and the adapter

D = distance between adapter cone apex and forward end of adapter

I
I
I

C3, C4, C5, = coefficients defined in reference 29.

The variation of adapter weight (which is the smeared skin portion of the adapter
only) with respect to various parameters is shown in figure 145. The ordinate values
in this figure are simply weight factors which, when multiplied together with a de-
sired frequency according to the equation indicated, yield the resulting adapter weight.
This weight is for the portion of the adapter structure which is effective in stiffness
only (equivalent smeared skin). Such structure as frames and fittings must be added
as additional weight. The weights obtained from this analysis are trend indicators
only. When actual weights are required, reference should be made to detailed analyses.
These data can also be used to obtain a rigid entry vehicle frequency once the adapter

226 ER 14471-4

I
I
I

!
I



!

I

I

I

i •
I

I

I

I

I

I

structural characteristics are known. For example, adapter smeared skin weight,
determined from loads analyses, can be used with the data in figure 145 to determine
frequency.

Flexible entry vehicle: The previous analysis discounts the flexibility of the entry
vehicle which, under certain conditions, may be significant. Although the entry
vehicle appears to be very stiff, its primary load carrying structure consists of four
longerons. Prelininary stiffness and weight distributions derived for the various
sized entry vehicles ar_i_ustl;&t_ in figures 146 and 147, respectively. These data
are based on d_ta_led analyses _f_]l vehicles. The adapter characteristics were
those which most closely represent the selected adapter for the various vehicles--
27.5 ° cone angle, a fixed base diameter of 120 inches (3.05m) and a small end diam-
eter compatible with the entry vehicle equivalent base diameter.

A cantilevered vibration analysis was performed on each of the entry vehicles with
the compatible adapter influence coefficients for both the buckled and unbuckled entry
vehicle conditions. The resulting frequencies are presented in figures 148 and 149
for varying adapter smeared skin thickness. Frequencies for an infinitely stiff
adapter are not significantly greater than those for an adapter with smeared skin
thickness defined by loads design (approximately 8% for the buckled entry vehicle and
13% for the unbuckled entry vehicle). This illustrates that the cantilevered frequency
is very sensitive to vehicle flexibility. The results also indicate that an additional
frequency increase can only be obtained through a stiffness increase in the entry
vehicle which will result in a weight penalty. Some of those frequencies will be less
than the second structural mode frequency (pitch plane) of the Titan III Stage 0 and
Stage 1 configurations (fig. 150).

The results suggest that the criterion requiring the entry vehicle mounted fre-
quency to be greater than the booster second mode frequency is not compatible with
optimum engineering design and can cause undesirable weight penalties. It appears
that the problem must be reviewed from the standpoint of total elastic structure-
control system coupling.

I

I

I

I

I

I

I

Fundamental modal shapes which resulted from the vibration analysis are pre-
sented in figures 151 and 152 for the buckled and unbuckled entry vehicles, respective-
ly. Modal bending moment_e normalized to the peak value, which occurs at the
entry vehicle base. Reference should be made to figures 148 and 149 for trends in
the modal moment with respect to vehicle size, adapter skin thickness, and vehicle
stiffness. The slight differences which exist between the data of figures 151and 152
are attributable to the vehicle stiffness differences (buckled, unbuckled).

Figure 153 presents the variation of adapter smeared skin weight as a function of
frequency for both the buckled and unbuckled entry vehicles. The sensitivity of adapter
smeared skin weight to frequency is very great, particularly for the buckled case.
This is due to the entry vehicle flexibility, which again illustrates its sensitive effect
on mounted frequency. The heavy curve identified as '_oads design" is the smeared
skin adapter weight as determined from design loads analysis.

The variation of mounted frequency and adapter smeared skin weight with entry
vehicle length is presented in figure 154 for the loads design condition with a 27.5 °
cone angle adapter. For the conical adapter, additional stiffness over and above that
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resulting from loads design will not significantly increase the mounted frequency, and
will essentially increase the adapter weight only, with no other beneficial effects.
Increased frequency can only result, therefore, from increased stiffness in the entry
vehicle, which is inefficient from the total vehicle weight standpoint.
it appears that a different adapter mounting scheme should be devised such that if
weight is to be increased to obtain a frequency increase, it be restricted to the adapter.

A comparison of the flexible vehicle data with that of the rigid vehicle for the 27.5 °
adapter cone angle indicates that the frequency term in the expression given in figure
145 must be

n = 57.3 LV0" 6cps

= 28.1 LV 0"6 Hz

to provide an adapter weight compatible with loads design.

Glove adapter: The results of the previous section indicate that the conical type
adapter which attaches at the base of the entry vehicle may not provide sufficient
stiffness without an inefficient and undesirable weight increase to both the adapter and
the entry vehicle. Therefore, a glove-type adapter which partially engulfs the entry
vehicle over its aft end,
preliminary fashion.

Lhc

th, :ia I

_mc Because of this,

b_ m

e, |

!

!

ca1 |
nq

pa: !as illustrated in the following sketch, was examined in a

',,
Although this introduces additional design complexities and adapter weight increase,

it also provides an increase in stiffness, as determined from vibration analyses, with
minimum entry vehicle weight increase. It is reasoned that a potential weight reduction
may result in the vehicle aft of the interface station, since boost flight loads in this
region will be small.

The entry vehicle dynamic analysis was performed for vehicle D/6 only. The
system is schematically represented in the following sketch:

I

I

I

I
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where K 1 and C 1 = translational and rotational stiffness provided by the glove adapter
at the entry vehicle attachment station.

I
I
!
I
I
i

K 2 = translational stiffness provided by a shear tie structure at the
entry vehicle base.

Stiffness values were obtained from deflection load analysis performed on the truss
structure required to satisfy design loads.

Figure 155 presents the resulting frequencies, obtained as a function of shear tie
stiffness for various adapters. Both buckled and unbuckled entry vehicle skin con-

ditions were treated using the values of figure 146, with the weight distribution of

figure 147. The most significant result is that, for a glove adapter attached to the

entry vehicle at the landing gear bulkhead (Station 0. 578 LV) , the frequencies are

essentially double those produced by the conical adapter attached at the entry vehicle
base. Although the weight of this adapter is necessarily greater than that of the

conical adapter for design loads conditions, the corresponding increase in weight to
the conical adapter would increase the frequency by only three percent, with the

vehicle buckled and six percent with the vehicle unbuckled. The data in figure 155
also illustrate that a significant increase in frequency Is obtained with only a minimum

of shear tie stiffness. Resulting vibration modal data are presented in figure 156
for the cases with and without shear tie. The effect of adapter weight on frequency

for the conical and glove adapters is presented in figure 157.

I

I

I
I

Free-free vibration characteristics: The free-free vibration modal data were

determined for each of the entry vehicles and the results are presented in figure 158.
The unbuckled skin stiffness of figure 146 with the weight distributions of figure 147

were used. The resulting frequencies are very high, ranging between 27.26 and
34.28 Hz. Since the shape of the stiffness and weight distributions are nondimension-

ally identical (although quantitatively different), the resulting mode shape data are
identical.

Feedback instability problems are not anticipated at these high frequencies, but
a detailed examination of the total coupled airframe elevon control system would be

recommended for a hardware design effort.
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GLOVE ADAPTER AT .578 Lv

UNBUCKLED ENTRY VEHICLE

K I = 18.66 X 104 LBF/IN. (326.8 KN/CM)

C1 = 2.99h X IO8 LBF-IN./RAD (333 MNCM/RAD)

fl = 6.O7 CPS, K 2 : O

------ fl = 8.91 CPS, K 2 = i.O X 106 LB/IN. (1.75 KN/CM)
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ENTRY VEHICLE STATION, X/L v
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Fin Stiffness requirements: Minimum fin stiffnesses were defined, based on a

flutter criterion. Figure 159 illustrates the typical flight trajectories during boost,

aseent abort, and entry for the transonic flight regime. The flutter design envelope

is obtained from the abort envelope using 115 percent Vmax. as the flutter boundary.

Using the flutter design criteria of reference 30 and the envelope of Regier
numbers obtained from reference 31, an expression for minimum torsional frequency

(f_) required to preclude flutter can be expressed in terms of entry vehicle charac-

teristics as follows:

Center fin: fa

Tip fin: f_

where
L V = entry vehicle length

W F = total weight of the fin

According to reference 31, these expressions are adequate for bending-to-torsion
frequency ratios up to 0.8. The critical altitude at which this frequency requirement

exists is 4000 feet (1.22 km) at Mach 0.8 (fig. 160). These data do not include the
effects of control surface degree-of-freedom which remain to be evaluated.

Elevon dynamics: Minimum frequency requirements were established for the

large inertia elevons with respect to buffet and buzz (hypersonic and transonic} for
all entry vehicle sizes considered. The basic inertial properties were determined
from a detailed weight analysis of each of the entry vehicle sizes involved. These

properties can be expressed in terms of entry vehicle length as follows:

W e = 0.8Lv2"45

4
I e = L V /160

3
HM 0 = 10L V

where

W e = elevon total weight

I e = elevon rotational inertia about the hinge axis

HM 0 = design hinge moment

L V = entry vehicle length
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(a) Actuator stiffness: The elevon rotational frequency will necessarily be derived
using inertial and stiffness properties, and the stiffness properties will depend upon
the actuator, local structure and mechanical arrangement features. Although a four-
way actuator is proposed for the HL-10 system, this section shows data for both four-
way and three-way actuators for comparison. The four-way actuator is one in which
both sides of the piston are pressure active. The three-way actuator has only one
side pressure active.

Rotational stiffnesses provided by the actuators are:

four wayactuator: KAR 4 = KA4r2 = (KA4)min (d cos S )2 [s(l_s_

three wayactuator:

where

KAR 3 =KA3r 2 = (KA3)min .(dcosS) 2 [SI___I

KAR = actuator rotational stiffness

K A = actuator linear stiffness

r = actuator moment arm = d cos 5

d = control horn radius = 0.24 L V

5 = flap rotational deflection

S = actuator stroke ratio

I

!

I

I

I

!

L V = entry vehicle length

The actuator stiffness values are based on the bulk modulus of the fluid volume con-

tained in the cylinder only. This assumes that the actuator cylinder structure is in-
flexible and that the valve ports will be closed at least for a momentarily fixed flap
position. Some stiffness will be lost whenever the valves are ported, since the
effective fluid volume increases. This, however, will only'occur when the elevon is
in motion. The resulting dynamic system will then be highly nonlinear.

Figures 161 through 164 illustrate the elevon minimum rotational and linear stiff-
nesses as a function of entry vehicle length for both actuators. The actuator stiffness
occurs at 6 = 0° for the four-way actuator and at 5 = +40 ° (full extended stroke) for the
three-way actuator. Redundancy will be provided by a dual hydraulic system involving
a tandem arrangement of actuators trader a single structural unit as shown in the
following sketch. Under nominal conditions, both sides will be functioning. A mal-
function refers to a pressurization loss on one side. For design study purposes, the
nominal condition is examined for the boost abort flight phase, which is a malfunctioned

case itself (qmax. =1200 psf--57.5 kN/m2), and the malfunction actuator is analyzed

for entry flight. Although control surfaces are intended to be locked while attached to
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the launch vehicle during boost, they must be active under qmax.

following booster separation.

I----SIDEl----+----SIDE2---,-I

LiWYV_ A_ _,V_W JWWWL I.

abort conditions

Figure 165 presents the elevon rotational frequency which results if the actuator
is the only contributor to flexibility. The superiority of the four-way actuator is
clearly illustrated.

(b) Elevon buffet/buzz: The dynamic characteristics of the buffet phenomena are
greatly dependent upon local unsteady aerodynamic flow conditions. Accurate deter-
mination of the fluctuating forces are needed to design optimum reliable structure for
both total stress and fatigue considerations. Reliable buffet analyses, however, have
only been achieved based on three-dimensional configurations with properly scaled
wind tunnel test data. Although this detailed technique is not within the scope of this
study program, simplified approaches are used to estimate and discuss important
effects.

(i) Transonic buzz; minimum frequency requirement. The minimum elevon
frequency required to preclude detrimental dynamic effects primarily depends on
aspects relating to buzz, flutter and buffet. Typical aircraft control surface buzz
criteria (ref. 32) state that:

w C
5
V

> 0.25 (for the transonic speed range)

_5 = control surface frequency = 2 wf5

f5 = control surface frequency

c = control surface chord length

V = flight velocity

Based on the velocities associated with the peak abort envelope and the typical entry
trajectory of figure 159 in the transonic speed range (between Mach 0.7 and Mach 1.5),

the minimum frequency requirement, expressed in terms of entry vehicle length (Lv) is:

f5 = 512/L V for peak abort trajectory

f5 = 487/L v for entry trajectory

ooo
ooo

:o:
olo
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These frequencies, as a function of entry vehicle length, are illustrated in figure 165
and are compared with the nominal and malfunctional (pressurization loss in one system)
actuator frequencies. The actuator frequencies are those provided by the four-way
actuator in its minimum stiffness position ( 6 = 0°), considering all structure to be
inflexible. Local structure (control horn, actuator backup structure and possible use
of torque tube)will create additional flexibility. The nominal actuator is marginal for
vehicles shorter than 20 feet (6.1 m) and the malfunctioned actuator is inadequate in
comparison with the criterion (fig. 166).

There is a certain degree of conflicting data associated with the buzz phenomenon,
particularly with lifting body types. Significant beneficial trends have been pointed
out by investigators which suggest that the transonic elevon buzz on lifting bodies may
not be a serious problem; these are:

(1) Damping will always be positive for:

(a) An outboard control surface if its aspect ratio is less than 4.5 (ref. 34).

(b) An inboard control surface if its aspect ratio is less than 3.5 (ref. 34).

(2) Decreasing aspect ratio minimizes pitch rotation single-degree-of-freedom
flutter of an airfoil in supersonic flow (ref. 33).

(3) Increasing thickness minimizes pitch rotation flutter (ref. 35).

(4) Minimum inertia is beneficial to the avoidance of buzz. Therefore, mass
underbalance is desirable (ref. 34).

(5) Increasing elastic hinge stiffness has the tendency to alleviate buzz (ref. 34).

(6) Sweepback of the trailing edge and hinge line of a control surface is expected
to raise the critical Mach number for buzz and may possibly reduce the
range of Mach numbers over which buzz occurs (ref. 34).

(7) Blunt trailing edge will have the tendency to increase the buzz frequency and
thereby have a beneficial effect on minimizing buzz (ref. 34).

Existing infOrmation associated with the B-52 launched HL-10 and other lifting body
configurations should be analyzed to determine the adequacy of existing criteria. It
appears, however, that a medium size HL-10 can be built sufficiently stiff to meet
the 25 Hz minimum requirement.

(ii) Hypersonic buzz. Because large deflection angles of the lifting body elevons
are required in the hypersonic flow regions, the boundary layer in front of the elevons
will probably be separated, with reattachment somewhere on the elevon surface. The
separated flow pocket is often unstable and can cause control surface oscillations.
Reference 36 discusses tests which were performed for the purpose of obtaining an
insight into the mechanism of control surface oscillations of lifting body configurations
in hypersonic flow. Using this information, the following expression results for deter-
mining the magnitude of the oscillating hinge moment of the elevons for the HL-10 entry
vehicles with respect to the design hinge moment:
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where:

m

M

M

C
m

f
5

P

L V

Kf

C

V = flight velocity

Based on the results of reference 36, combined with the abort entry criteria of
section H, it appears that dynamic hinge moments can occur which are two or three
times the static moments.
conclusive design data.
ation of the simultaneous sum of static plus dynamic hinge moments for a series of tra-
jectory conditions.
blem, since maximum static hinge moments will occur under the hypersonic flow
conditions and vehicle attitudes which are most likely to induce hypersonic buzz.
Since the indicated high dynamic hinge moments are based on the limited data of
reference 36, it appears that hypersonic wind tunnel tests must be performed on a
detailed HL-10 design to obtain reliable design data.
cover the complete range of trajectory and vehicle conditions anticipated.
analysis of static and dynamic hinge moments at several flight conditions is needed
to form a basis for design criteria related to the possibility of hypersonic buzz.

244

(iii) E levon buffet.

tude of the transonic elevon buffeting hinge moments.
single-degree-of-freedom system with a random fluctuating pressure assumed to act
over the aft portion of the surface as shown in the following sketch:

• ii!:i i:! I
•-:..::_ .: •---. " I

= 0. 0324 C m _ _'_f?

I
= ratio of 3 a dynamic hinge moment to the design hinge moment I

I

= dynamic hinge moment coefficient (from ref. 36)
I

= elevon frequency according to previously defined criteria I

= air density I
I

= entry vehicle length

= reduced frequency = _5c (from ref. 36) I
V

= viscous damping coefficient I
I

= elevon chord

city I

of reference 36, combined with the abort entry crite
t dynamic hinge moments can occur which are two o •
_. More detailed tests and analyses are required to establish
The analyses must include a close inspection of the time vari-

sum of static plus dynamic hinge moments for a se_ i
The abort entry trajectory appears to pose the most serious pro- m

hinge moments will cur under the hypersonic flov
des which are most 1 ly to induce hypersonic buzz.
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With an assumed viscous damping coefficient of 1.5 percent of critical, the following
expression results for defining the dynamic hinge moment with respect to the design

hinge moment (10 LV3):

-MB = 0. 1866 q f51/2 (__)

where:

M-B = ratio of 3a buffet dynamic hinge moment to design hinge moment

q = flight dynamic pressure

f
5

= elevon frequency

Ap

q
= fluctuating pressure coefficient

Typical values of /Xp/q will be on the order of 0.05 for large deflection angles, _and
will yield low values for nominal trajectory conditions. For abort trajectories,
however, the equation yields hinge moments of approximately 30 to 35 percent of the
static hinge moment because of the high peak dynamic pressure (fig. 167), depending
on the system frequency criteria illustrated. Present criteria used for comparison
are to design actuators for a yield stress of 1.2, with an ultimate load factor of 1.5.
These criteria may be adequate to account for possible buffet loads.

These studies must necessarily be expanded before detailed hardware design and,
as in the case of hypersonic buzz, model wind tunnel tests will be required. A tran-
sonic test program is presently being analyzed by Martin Marietta under Air Force
contract on an SV-5 model from which buffet/buzz response data will be obtained on
the lower flaps. These data should serve as a significant contribution to the existing
dynamic response problems of control surfaces of lifting bodies. Detailed analyses
of the simultaneous sum of static plus dynamic hinge moments must also be performed
before detailed design. This should include all trajectory conditions and vehicle atti-
tudes including maneuver. Subsequent flight test data from the existing lifting body
programs (B-52 air launch) will also be significant, even under conditions where no
responses occur. The technology associated with the buffet and hypersonic buzz
phenomena which are caused by flow separation and other unsteady aerodynamic flow
conditions is not well understood. Consequently, the techniques used herein to pre-
dict the high elevon hinge moment responses are inadequate for final quantitative pur-
poses. Because of potentially severe design penalties which would result from the
criteria suggested by these preliminary analyses, there is a reluctance to reflect the
buzz and buffet requirements on the lifting body entry vehicle designs without con-
firming data. The HL-10 air launch programs will contribute to an understanding of
these requirements, as will PRIME flights and scaled-model test programs.
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(c) Minimum structural stiffness requirement: The previous subsection indicates

elevon rotational frequency requirements based only on the hydraulic actuator charac-
teristics. Structural stiffness required to ensure that the elevon frequency will be

maintained in combination with the actuation system must, therefore, be determined.
These results are illustrated in figure 168, where the rotationalbackup structural

stiffness for the nominal condition is presented as a function of entry vehicle size for
various minimum rotational frequency requirements. The linear structural stiffness
is defined as

KS4 = 4.284
{

where

KS4 =

C 5f = elevon required rotational frequency =

5 LV

linear structural stiffness associated with the four-way actuator at
5 = 0° (min. stiffness)

_A elevon rotational frequency with actuator stiffness
-1/2

only, = 113.4 L V (nominal)

L V = entry vehicle length

C
6

= buzz criteria constant (500 recommended)

With f5 and fA introduced as functions of LV,

reduces to = 4.284 C52 L V

4 Ks4 % - o.0777x 10-3c62

The rotational stiffness KR4 is

= 2 = (0.24 LV)2 KS4KR4 r KS4

= 0.2468 C62 LV3

_ 2
L V 0. 0777 x 10 -3 C 5

which is plotted in figure 168 for various values of C 5 " The corresponding linear

stiffness KS4 is plotte*d in figures 169 and 170 for the nominal and malfunction cases.

For the given actuation system, a minimum_en_ry vehicle length exists in which an

infinite structural stiffness will be required. This occurs when fA = f5 "
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The value of Lv at which this occurs is

2
C

LV = 6
12 860

A minimum value of rotational stiffness exists for each buzz criteria value (C 5 ).
This can be expressed in terms of entry vehicle size as

(KAR4)min. = 6374 LV3

I

I
I

I
I

I
I

I
I

I

The corresponding frequency is:

f6 = 92.77 LV-1/2

A comparison of the frequencies resulting from the above expression for minimum
rotational stiffness with that determined from the buzz criterion is presented in
figure 171. Considering the possible conservatism association with the buzz criterion

(C6 = 500 Hz), the minimum stiffness frequency expression may be adequate. It is

greater than the buzz criterion frequency only for entry vehicles longer than 29 feet
(S.8 m)

Summary.- Studies have been performed to evaluate the effects of vehicle size
on the cantilevered frequency (cantilevered at the adapter/booster interface) con-
sidering various adapter structural configurations. The frequency was found to be
quite insensitive to adapter stiffness, primarily due to the flexibility of the entry
vehicle itself. An infinitely stiff conical adapter increased the frequency by only
eight percent of that provided by an adapter structure which satisfied the structural
loads requirements for a buckled entry vehicle, and by approximately 13 percent for
an unbuckled entry vehicle. For all vehicle sizes considered, the buckled entry
vehicle mounted frequencies were within the range of the second to fourth modes of
the Titan HI (Stage 0) frequencies.

A glove-truss type adapter which connects to the entry vehicle at the landing gear
bulkhead (0.58L) was also studied. This adapter type doubles the mounting frequency,
but at the expense of essentially doubling the adapter weight. It also requires heat
shield penetration on the entry vehicle, and introduces vehicle separation problems
in the event of ascent abort. With this adapter type, some weight in the base area
of the entry vehicle could be moved forward in the attachments, improving the balance
in the entry vehicle. _;+_

Minimum allowed fin torsional frequency was fo_d to be proportional to the square
root of entry vehicle length-to-fin-weight ratio according to Regier number criteria.
The critical design condition occurs under boost abort flight at a 4000-foot (1.2-km)
altitude with a corresponding Mach number of 0.8.

I
I
I

Elevon dynamic hinge moments resulting from buzz (transonic and hypersonic)
may be large, particularly in the abort trajectories when high dynamic pressures are
experienced. This problem will require much additional study for detail design pur-
poses. Data from the B-52 air launch tests of the lifting body configurations should
help provide the appropriate design guidelines, supplemented by wind tunnel tests
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and analyses.

Rotational frequencies of the elevon were found to be limited by the hydraulic
system characteristics. Attainment of an allowed minimum rotational frequency be-
comes more difficult with decreasing vehicle size. Typical buzz criteria may impose
a stringent requirement for the one-man entry vehicle.

For a medium size vehicle, such as the D size, it appears that most of the dynamic
loads criteria can be met with normal design practices. Hypersonic buzz could lead
to severe difficulties (regardless of size), but a meaningful criterion cannot be im-
posed on vehicle design without specific test data.

7
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C. LANDING AND RECOVERY

A comprehensive survey and analysis of landing and recovery systems was made
for the entry vehicle research program, examining many primary and backup systems.
Primary systems, which must provide for horizontal landing on prepared runways
with specified sink rates and side winds, include gear floatation, landing load attenu-
ation and gear extension components. Backup systems must provide for vertical
landing on land or sea, with specified sink rates, decelerations and other recovery
criteria. Parachute, parawing and retrothrust concepts were examined for complete
vehicle recovery.

I
!

I
1. Primary Landing System

Design criteria. - Normal recovery of the entry research vehicle is by horizontal
landing at a preselected site. Landing trajectory analyses and other considerations
provided bases for establishing the following initial design criteria for the landing
system.

(1)

(2)

(3)

Touchdown velocity = 200 to 230 knots (102.8 to 117.52 m/sec)

Landing sink velocity = 13 fps (3.96 m/sec}

Final glide (float} time = 5 to 11 seconds

I
I

I
I

(4) Vehicle angle of attack at touchdown = 20 ° to 25 °

(5) Gear to be extended during final two seconds of pullup

(6) Landing gear design load factor = 4 g

(7) Vehicle to be covered completely in the gear well areas by ablative
material for entry heat protection.

(8) Landing gear and associated equipment to be completely housed in a gear
well of the following characteristics:

Ca} To be sealed but unpressurized (space vacuum}

(b) Gear weU to be protected by approximately 2.5 inches (6.35 cm}
of elastomeric silicone type ablative material, multilayer microquartz
insulation and aluminum structure.

(c) Gear well temperature conditions:

(i) Ascent temperature of +125 ° F (325 ° K) maximum for approximately
600 seconds.

(ii) In space environment for periods of up to 15 orbits with gear well
temperature range of +40 ° F to +100 ° F (278 ° K to 311 ° K).
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Entry gear well temperature of 200° F (366° K) maximum for a

period of approximately 1800 seconds.

Structural landing design conditions and philosophies used as guidelines in this
study are in accordance with MIL-8860 series specifications. Gear geometric config-
uration requirements are in accordance with H. I.A.D. (Handbook of Instructions for
Aircraft Designers). Since the landing maneuver does not normally allow a recycle
or waveoff, all systems such as dc_r operation, gear-up locking and extension, and

" braking chute installations must be of the highest order of reliability.

Technology status. - Technology areas employed during this study of the landing
system are divisible into four categories: flotation, attenuation, extension and door
closure.

Landing gear floatation: Many forms of equipment are available to provide gear
flotation ranging from various types of skids, wheel brake and tire combinations to a
general combination of skid and wheel equipment. As a result of development and
service histories of modern aircraft and special vehicles such as the X-15 and X-20,
the technologies employed in each of the gear combinations shown in table 57 are all
within the present state of the art, the only exception being in some of the specialized
steering arrangements. Steering vehicles equipped with skids on the main gear pre-
sents a potential problem because of questionable behavior of the vehicle during slide-
out when subjected to mechanical steering. Several applicable methods of steering
are described in references 43, 44 and 45.

TABLE 57

POSSIBLE GEAR COMBINATIONS

Main gear Nose gear

i. Plain steelskid

2. Plain steelskid

.

8.

9.

10.

11.

3. Plain steel skid

4. Plain steel skid

5. Wire brush skid

6. Wire brush skid

Wire brush skid

Wire brush skid

Wire brush skid

Wheel, tire and ,brake

Plain steel skid with steerable
wheel

Castoring nose wheels

Plain steel skid with steerable
whee 1

Steerable nose wheels

Plain steel skid

Castoring nose wheel

Plain steel skid with steerable
wheel

Steerable nose wheels

Plain steel skid

Wire brush castoring wheels

Plain steel skid

Plain steel skid with steerable
wheel
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16.

17.
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TAB LE 57. --Concluded

POSSIBLE GEAR COMBINATIONS

Main gear Nose gear

Wheel, tire and brake

Wheel, tire and brake

Wire brush skid with fixed

geometry touchdown wheel

Wire brush skid with fixed

geometry touchdown wheel

Plain steel skid with touch-
down wheel

Plain steel skid with touch-
down wheel

Cast•ring nose wheels

Steerable nose wheel

Plain steel

Cast•ring nose wheels

Plain steel skid

Cast•ring nose wheels

Landing load attenuation: Landing loads resulting from the design impact velocity
of 13 fps (3.96 m/sec) vertical and at horizontal velocities of up to 230 knots (153.2
m/sec) must be attenuated to the established design load factor of 4 g. This require-
ment is well within the capability of methods outlined in table 57. Air-oil, liquid
spring or all-air struts have been used in hundreds of applications and can be designed
to established principles and analysis techniques. Air, oil and air-oil configurations
give predictable performance through a great range of landing attitudes and conditions,
and the vehicle has its prescribed attitude after vertical impact energy absorption.
Extensive development and test effort has been expended on the load link and crushable
structure approach. Nevertheless, considerable specific trial and test effort are still
required to establish a configuration to conform to a known set of design specifications
and performance requirements. With the load link, crushable structure, performance
for other than specific design or symmetrical impact conditions is questionable. They
could result in a vehicle attitude of considerable roll after impact and during slideout.

Landing gear extension systems: The several modes of providing the landing gear
extension power are within the existing state of the art and, except for testing to ensure
functional reliability, can be designed in accordance with proven and accepted practices.
Since the gear must be extended in a short period of time (2 sec), internal system
damping may be required to decelerate the landing gear masses at their nearly full ex-
tension position. NO landing gear retraction system is required because the entry ve-
hicle's gear is manually stowed prior to flight.

Door-closure system: The landing gear well closure may be either the completely
expendable type wherein door panels held in place by explosive nut and bolt combina-
tions are jettisoned as the initial effort of extending the landing gear, or the conven-
tional hinged doors where some form of operating mechanism is required. Door
thicknesses resulting from ablative heat shield and structure and excessive mold line
curvature (particularly on the nose section) make hinging the relatively small doors
rather difficult and may necessitate huge gooseneck hinges. Another problem with
hinged doors is the required operational velocity necessary due to the short extension
cycle of the landing gear. It is imperative that doors and gears be operated as a
single cycle, rather than sequenced, to minimize the aerodynamic disturbance period.
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Subsystem tradeoff studies.- To ensure the best combination of the equipment
necessary to complete the landing gear system, evaluations were made on the compo-
nent level of various practical approaches. These evaluations were based on avail-

able research and test data resulting from flight test programs and design studies.
Technology evaluation summaries are included in the closing section of each compo-
nent area discussed below. The configuration.resulting from the evaluations con-

ducted in the component area were combined to reflect the selected configuration
used in evaluation of the recommended vehicle size.

(a) Gear flotation configurations:

Plain steel skid (figs. 172 and173 }: Plain steel skids, as used on the X-15 vehicle,
are the simplest of all feasible flotation schemes. Many tests have been conducted

using various types of steels, in both the plain and coated conditions (refs. 38 through
40}. Plain Rend 41 steel skids performed satisfactorily (ref. 40), whereas coated
steel skids showed uneven and spotty wear characteristics. Plain steel skids can be

used on either the nose or main gears. Coefficients of friction derived from these

test results are 0.1 to 0.2 on concrete and 0.3 to 0.4 on dry lake bed, and approxi-

mately match values obtained from other tests. Plain steel skids on the nose gear can
either be pivoted or rigidly attached to a vertical shock strut installation (fig. 173}.
A lateral pivot axis must be provided when a levered suspension type installation is
employed. For main gear skid installations, a minimum of one pivot axis must be

provided; additional pivots may be required, depending upon detailed arrangement.

Design studies indicate that skid weights on the average of 0.12 lbM/in 2 (84.5 kg/m 2)

of surface contact area are obtainable when unit contact loadings of 24 lbF/in 2

(165 kN/m 2} are utilized.

Brush skid--plain: A skid configuration designed by the Goodyear Tire and Rubber

Company (fig. 174} is commensurate with research and testing defined in references

39 through 42. Recommended bristles are made of Rend 41 steel, and are approximately
one inch (2.5 cm) in length. Because of the higher coefficient of friction (0.6 to 0.8 on
dry lake bed and 0.2 to 0.4 on asphalt or eoncrete--refs. 40 and 41), brush skids are

adaptable only to main gear application in order to maintain slideout stability. A dif-
ferential friction ratio of 1 to 3 between the nose gear and main gear is necessary

(ref. 42}. Design studies indicate skid weights of approximately 0.2 ibM/in. 2 (141 kg/m 2}

of contact area are achievable, based on unit skid loadings of 24 lbF/in. 2 (165 kN/m2}.

Even though brush skids have many desirable features, they present a dynamic vehicle

pitching problem at touchdown caused by the high sustained drag force and the high
vehicle angle of attack. This dynamic pitching effect results in excessively high nose
gear design loads. The pitching problem can be eliminated by incorporation of a total

wheel system or a wheel/skid combination. A general analysis of two sample vehicles
with respect to the effect on landing gear system weight as a function of method em-
ployed to combat this pitching problem is as reflected in tables 58 and 59.

Castoring nose wheel: The nonstee_'able wheeled configuration of the nose gear
flotation system consists of dual corotating wheels (fig. 175). Corotation, a light-
weight and reliable method for eliminating shimmy tendencies is used in preference to
a more complicated and heavier shimmy damper system. Wheels used on the nose
gear when skids are employed on the main gear result in an increase in the friction
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differential ratio between the nose gear and the main gear, thereby improving slideout
stability characteristics of the vehicle. Disadvantages are increased stowage volume
when compared to skid installations and the remote probability of tire pressure loss
in the tires during long periods of vacuum stowage.

Brush/plain steel skid with steerable, extendable, retractable wheel: The skid con-
figuration schematically presented in figures 176 and 177 is a product of a study per-
formed by the Bendix Corporation for the Air Force Flight Dynamics Laboratory
(ref. 43). The system, as portrayed, eliminates the steering problem basically in-
herent with skid configured landing gear. This system was evaluated with others,
giving due consideration to proposal requirements with respect to state-of-the-art
status of recommended systems.

Steerable nose wheel: Results of NASA studies indicate that nose gear steering
associated with skid equipped main gear (fig. 178) could generate an unstable vehicle
condition during slideout (ref. 44}. Nose gear steering to any degree creates a side
force at the nose gear which, when combined with the nondirectional sliding features
of the main skids and held too long, will create this instability condition. Methods of
improving this condition have been presented in patent disclosures (refs. 44 and 45).
However, as with the Bendix approach (ref. 43) design, test and qualification programs
will be required to adequately establish their cost, effectivity, reliability and complexity
values as related to gains in steering capabilities.

Wire brush castoring wheels: Wire brush wheel designs have been available for
some time, and tests have confirmed their adequacy for use in place of conventional
tire and wheel configuration. The basic value of the wire brush wheel configuration
lies in its capability to sustain extremely high stowage temperatures. This charac-
teristic is not required in the present vehicles because the heat shield employed
limits gear well temperatures to 200 ° F (366 ° K) maximum. The unit weight of wire
brush wheels is considerably higher than other forms of gear flotation.

Wheel, tire and brakes (fig. 179): Wheel and brake landing gear systems are ac-
ceptable because of the low wheel-well temperature maintained by the heat shield.
Tire, wheel and brake equipment used on the main gear are heavier than other main
gear flotation devices considered. However, because of the vehicle dynamic pitching
encountered during the touchdown cycle with skid configuration, overall landing gear
system weights are approximately the same as the all-skid configuration (tables 58
and 59). On vehicles configured with main gear skids, violent dynamic pitching is
encountered at touchdown due to the sustained high skid friction, causing nose gear
impact loads to be developed at approximately twice the level encountered with wheel
configured main gears. Wheel, tire and brake installations, although more complex
than skid installations, provide a completely acceptable and time-proven method of
vehicle steering during runout by application of differential braking. As noted earlier
for the castoring nose wheel, loss of tires air pressure during long periods of space

vacuum exposure, possible tire blowout during landing or runout cycle and the possi-
bility of brake system pressure loss are points requiring due consideration.

Plain or brush skid with touchdown wheel: This configuration is a combination of
the more desirable features of the other flotation means previously presented. It
employs the simplicity and high drag features of the skid configuration, and eliminates
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the violent dynamic pitching _lem encountered at touchdown. The touchdown
wheel is rigidly mounted to the shock strut (figs. 180 and 181). With the vehicle in
the nose-up touchdown attitude, the wheel makes the initial contact with the runway,
presenting a low drag condition during the period of maximum landing load factor.
This reduction in drag greatly reduces main gear design loads (tables 58 and 59}.
As the vehicle under aerodynamic control is put into the three-point (all gears touching
runway), the skid becomes the load bearing medium of the main gear. Incorporation
of the touchdown wheel does increase the overall area of the skid. At touchdown, the

wheel (being of small diameter) is spun up to a relatively high speed (7700 rpm at 200
knots (103 m/sec)). This condition is not critical to the design of the wheel, however,
due to the very short period of usage (1 to 2 sec).

Summary: Integrated data of the various forms and methods of main and nose gear
flotation previously discussed result in the possible vehicle combinations identified in
table 57.

The intent of this study was to resolve, at the component level, the gear configura-
_tion that would provide optimum performance commensurate with design requirements
and provide maximum reliability at minimum cost and weight within the present state
of the art design philosophies. Analyses and studies conducted in this program, along
with substantiating data reflected and referenced throughout this subsection, adequately
indicate that the HL-10 entry vehicle in a skid configuration can be landed horizontally
and adequately controlled during slideout without the aid of mechanically steering the
nose or main gears. This resolution, together with the desire to provide a system
based on present technology status, provided the logic utilized in reducing the list of
potential candidate configurations to numbers 1, 4, 5, 8, 9, 10, 12, 14, 15, 16 and 17
of table 57.

I
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Slideout dynamics (as studied in ref. 67 and reflected later in this subsection)
establish the necessity of maintaining a large differential between drag characteristics
of the nose and main gear in order to maintain adequate slideout stability. This is
particularly important where the main gear are located close to the vehicle c.g.
This differential was employed in this study to avoid critical dynamic pitching condi-
tions and eliminates items 4, 8, 10, 14 and 16 of table 57. In addition, weight and
cost penalties associated with wire brush wheels (item 9 of table 57) are unwarranted
due to stowage environments of this vehicle. The list of potential candidates, then,
is reduced to those in table 60.

Review of the data in table 60, particularly in the area of pitching characteristics,
narrows the selection to combination of 12, 15 or 17. Although brakes provide means
for additional slid•out stability control by differential braking, item 12 is eliminated be-
cause of the penalties of weight, complexity and reliability. Configurations 15 and 17
are essentially equal except that 15 has the shorter slideout distance. Configuration
15, consisting of wire brush skids with touchdown wheels on the main gear and co-ro-
tating wheels on the nose gear, was selected as the basic flotation system to be used
in HL-10 vehicle evaluations.

(b) Landing load attenuation:

Air-oil struts: The most common method of energy absorption presently in use
on aircraft is the air-oil shock strut (fig. 182}. Design and environmental specifica-
tions outlined in section I of this report permit use of air-oil shock struts on the
HL-10 vehicle. High strut efficiencies (of the order of 80% or better) are readily
obtainable. Air-oil struts perform well through the anticipated range of sink velocities
considered and, regardless of unstable vehicle attitude at impact, will all stabilize
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out to obtain the prescribed vehicle static attitude. Slight leakage, though not ex-
pected, may occur over a long period of in-space stowage. Even should this condition
occur, it will not greatly affect performance of the strut. Minimum service and in-
spection will be required after each flight to confirm reusability of the assembly.

Air springs: Air springs have been used as energy absorbers in many configura-
tions, ranging from all shapes of pneumatic cells to air-filled, piston-type cylinders.
A schematic of one application is shown in figure 183. Regardless of shape, air spring
efficiencies are always approximately 50 percent. Characteristically the same as the
air-oil strut, the air spring configuration can be designed to result in the prescribed
static attitude of the vehicle after impact. Air cell installations generally depend upon
precise functioning of some form of generated metering or blowoff plug. Plug fusion
or malfunction could result in inadequate operation at the extreme high and low limits
of sink velocity.

Liquid spring: Liquid springs, like air-oil shock struts, have been used success-
fully in many forms and applications (fig. 184). Liquid springs are particularly ap-
plicable to levered suspension arrangements of landing gear and are considerably
much more compact than the air-oil configuration. Efficiencies and performance are
good through the range of anticipated sink velocities and result in vehicle stabilization

in the prescribed level attitude. The high precharge pressures of the liquid springs
require specialized handling and service equipment. Operating pressures during energy

stroke of 40 000 psi (276 MN/m 2) are normal in liquid spring applications. Minute

leakage is much more critical with liquid springs than with air-oil struts.

Crushable cartridge: Extensive research, design and testing have been performed
on crushable energy absorption materials (fig. 185). These include honeycomb and
cell structures made of many different materials, such as various types of steel,
inconel, titanium, molybdenum, beryllium, zirconium, aluminum alloys and glass
fabrics. Some of these may be filled with balsa wood or one of many forms of plastic
foam. Many forms of load control have also been employed, such as capsule shaping,
annealing and precrushing to eliminate high load peaks and to obtain better load de-
flection curves. Load deflection curves for specific drop applications are of an ef-
ficiency comparable with the air-oil struts. Considerable testing is required to es-
tablish a cell and shape configuration. The taxi load absorption characteristics of

the struts after deformation due to initial impact energy absorption and the resulting
vehicle attitude due to differential permanent strut deflection resulting from an unsym-
metrical landing are of concern. Off-level attitude of the vehicle during slideout may
generate serious dynamic instability of the vehicle, particularly in skid configured
vehicles with unsteerable flotation equipment. General characteristics of several
forms of crushable materials are discussed in ref. 43.

Energy link, straps, etc. : Energy links, proposed for use on the X-20 vehicle,
are relatively simple devices (fig. 186). Energy is absorbed by straining a tension
bar or strap loaded to produce stresses in the plastic range of the material. This
process is basically limited to materials of large uniform strain-yield characteristics;
most promising are inconel, nickel-A, Hastelloy X, 19-9-DL and 304 ELC. Tests
conducted in the X-20 program indicated inconel as the best material, with Hastelloy X
as next best . This energy absorbing device is particularly adaptable to high opera-
tional and stowage temperatures. By nature of their configuration (fig. 186), their use
is most applicable to levered suspension type configurations. A basic characteristic
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of this configuration is that all loads resulting from both vertical impact and drag are
combined in a resultant force which is reacted by the energy link. A relatively ac-
curate integration of vertical load and drag load and landing impact attitude is nec-
essary to obtain the design load of the energy link. Vertical load is a function of sink
velocity,stroke and system efficiency at instant of contact. Drag load is a function of
vertical load and the drag c_efficient of friction. Each of these may vary through a
considerable range, necessitating considerable analysis and testing to obtain an over-
all design performance envelope with characteristics somewhat less than optimum.
Another area of concern is the taxi energy absorption characteristics of the system
after the landing load damping cycle. As with the crushable structure energy absorp-
tion method, unsymmetrical vehicle attitude is likely to result from differential strut
deflection caused by unsymmetrical roll attitude of vehicle at instant of impact.

Invertube: The invertube method of absorbing energy is basically the process of
turning a soft metal tube inside-out, wherein energy is dissipated by plastic bending,
compression, shearing and mechanical friction (fig. 187). This method, like the
energy strap method, is particularly adaptable to high operational and stowage tem-
peratures. Problems related to configuration and establishment of the design envelope
are basically the same as noted under the discussion of energy straps. Vehicle
unsymmetrical slideout configuration (roll attitude) problems are also as noted under
crushable structure and energy link discussions.

Buckling metal shells: Buckling metal shells have basically the same general per-
formance characteristics as noted for crushable structure, energy links and invertube
methods of energy absorption. Tests have been performed with specimens of cylindri-
cal, conical and spherical shapes. Energy is absorbed by regular stages of progres-
sive buckling of shells into a predetermined geometric pattern. This process is re-
peated until the specimen is in a completely collapsed condition. Specimens may be
made with sealed ends, causing compression of entrapped air, resulting in increased
efficiency and energy absorption capabilities. General characteristics obtained from
tests indicate that stroke-to-diameter ratios of 5 to 1, with strokes equal to approx-
imately 90 percent of undeflected lengths, are obtainable with little or no rebound
energy. Taxi energy absorption and possible unsymmetrical vehicle attitude problems
are in the same category as discussed under crushable structures and energy links.

Summary: A general review of the data indicates that the prime advantage of the
crushable structure, energy link, invertube and buckling metal sheet methods lie in
their capability to sustain high operational and stowage temperatures. Since this
capability is not a design requirement for the HL-10, the only other possible advantage
would be in some weight saving. Considering the more critical design requirements,
such as (1) capability to absorb impact energy under a greater range of landing condi-
tions, (2) absorb vehicle taxi energy and (3) stable vehicle attitude during slideout,
definitely leaves the choice among air-oil struts, all-air devices and liquid springs.
Considerations of service, effects of possible leakage associated with liquid springs
when stowed a long period of time in the space environment, and the low efficiencies
associated with all-air devices make the air-oil configuration the choice to be re-
flected on the selected vehicle.

(c) Extension systems: To establish basic requirements for evaluating the several

possible devices _pr opening the gear doors and extending the total gear system, approx-
imate curves were developed using the eight-man configuration with system activation
at the maximum anticipated velocity of 230 knots (118 m/sec) (figs. 188 and 189).
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For systems where clam shell doors are to be hinged for opening, it has been assumed
that they will be opened by a fixed length link attached to the gears. One actuator on
each gear can accomplish door opening and gear extension. As previously established
under design criteria, no means of gear retraction is required, since gear equipment
will be manually stowed and locked in place as part of the ground checkout effort. The
gear will be fixed into their stowed position by an explosive bolt installation, to be
fired simultaneously with the gear extension signal. Door locking of activated doors,
if proven necessary by detail analysis, will also be accomplished by use of explosive

nuts. Explosive nuts are desirable for this application due to extreme simplicity and
high reliability of installations. The gear will, upon being extended, be held in the
down and locked position by an over-center strut locking device on the drag struts.
Component evaluations were limited to the means of providing power to the individual
gear actuators necessary to extend the landing gears. Configuration description, de-
sign discussion and pertinent data are presented in the following paragraphs.

Hydraulic accumulator power source: The individual gear actuating cylinders could
be powered by hydraulic pressure. However, it would be necessary to install in the
vehicle a 100 cubic inch (1639 cc) air-oil accumulator to ensure the availability of
pressure and volume requirements at the instant of demand. The total hydraulic
system, consisting of the actuators in a retracted configuration and all of the hydrau-
lic lines, would (in their static configuration) be filled with unpressurized hydraulic
oil. At the instant of the geardown signal, a solenoid valve would be opened, releasing
hydraulic pressure to all the actuators. Since the system is statically full at initiation,
the only flow required is that necessary to displace the actuators. The accumulator

is designed to provide 3000 psi (21.0 MN/m 2) at initiation and 1500 psi (10.5 MN/m 2)

at the actuator full extended position. Leakage during system stowage is of minor con-
sideration in that it is not pressurized until the system is activated during entry. Some
form of flow limiting or system damping to overcome inertia effects of the gear mass
resulting from relatively high rate of operation would be required. A basic schematic
and system weight summary is reflected in figure 190.

Precharged pneumatic power source: A precharged high pressure pneumatic power
source could be used to open the door and extend the landing gear. This would neces-
sitate an individual accumulator to ensure the availability of sufficient volume and pres-
sure at the required time. To minimize leakage potential and eliminate the necessity
of providing individual actuator solenoid valves, a single solenoid valve would be located
immediately adjacent to the accumulator. Unlike the hydraulic system, this necessi-
tates filling the lines to the actuators after initiating the geardown signal. For this
reason, a 200 cubic inch (3278 cc) accumulator would be required. Since complete
charging of the system units is required, the response of the pneumatic system will be
somewhat longer than that of the hydraulic system. Similar to the hydraulic system,
some form of system damping would be required to react system inertia effort resulting
from high velocity operation. A basic schematic and system weight summary is re-
flected in figure 190.

Electromechanical (screw jack): Electromechanical screw jacks, although used
quite frequently in similar applications, are not in this case competitive with the other
methods evaluated. Screw jacks, with their many individual components and/or
packages, are far less reliable, particularly when subjected to space environment.
Further, to obtain the operational velocity required, the weight of the electromechanical
system would far exceed the other methods studied. Search of actuators presently
available indicates that the ball screw type would weigh approximately 25 pounds (11.3 kg)
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per unit, even though they do not incorporate the desirable irreversible feature of
other types. The total system, incorporating necessary wiring and relays for the
three actuators, results in a weig_:0f approximately 80 pounds (36.4 kg).

Pneumatic-gas generators: Pyrotechnic gas generators, a very reliable method of
powering actuators, have been used successfully for many years in many varying ap-
plications. The system evaluated in this study consisted_,of the three basic actuators,
each powered by an individual pyrotechnic gas generator installed in its housing
(fig. 191). Research in the pyrotechnic gas generator field indicates the availability
of units capable of providing the required performance at unit weights of approximately
eight ounces (226 g). High reliability is provided by the redundant bridge-wire sys-
tem inherent with this device; redundant power sources are already available for the
existing hydraulic system. The system would be activated by a single, highly reliable
motor driven switch.

(d) Selected landing system: The system recommended for the selected vehicle,
resulting from evaluation summaries presented in previous paragraphs, is as defined
below:

(1) Wire brush skid with touchdown wheel on the main gear and dual corotating
wheels and tires on the nose gear.

(2) Air-oil shock strut--with 11-inch (0.28 m) stroke on main and nose gear.

(3) Hinged doors, mechanically operated by linkage powered by landing gear
motion.

(4) Gear locked in place by explosive bolt.

(5) Each gear system extended by an actuator powered by self-contained gas
generator.

(6) Brake chute installation to shorten slideout and improve slideout stability.

I

I

I

Design studies.- As a result of the study effort performed in the landing and re-
covery area, it became apparent that in some technology areas considerable specific
analysis, evaluation, and possibly testing, would be required for a specific configura-
tion before finalization of a hardware program could be realized.

The three most pertinent technology areas in this category are:

(1) Dynamic Pitching of vehicle due to gear configuration and high drag re-
sulting from skid friction.

I

I

I

I

(2) Landing slideout dynamics'using aerodynamic forces for directional stability.

(3) Analysis, development and testing of some mechanical means of steering
that is compatible with vehicles equipped with skids on the main gears.

A limited study effort was conducted in these areas to the extent of confirming the
performance of the selected system. Pertinent discussions reflecting conclusions
commensurate with effort performed are presented in the following.
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PRESSURE

ACCUMULATOR
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PISTON TYPE
ACCUMULATOR

_I_MAIN _ MAIN

GEAR GEAR i I I

"l_" ACTUATOR _ACTUATOR y

COMPONENT LB

ACCUMULATOR 5

SOLENOID VALVE 3

NOSE GEAR/ I I
ACTUATOR _ TUBING AND FITTINGS 5

IJ SYSTEM OIL O

ACTUATORS (3) 15

TOTAL 28
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SYSTEM WEIGHT

PNEUMATIC SYSTEM HYDRAULIC SYSTEM

KG LB KG

2.27 8 3.63

1.36 3 1.36

2.27 5 2.27

O 4 1.82

6.80 15 6.80

12.7 35 15.9

FIGURE 190. POWER SOURCE : PNEUMATIC OR HYDRAULIC
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HYDRAUL I C
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ACTUATOR
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GAS GENERATORS (3) 1.5 .682

ACTUATORS (3) 15.O 6.820

MOTOR DRIVEN SWITCH 3.0 1.361

WIRING SYSTEM 2.0 .910

TOTAL 21.5 9.773

FIGURE 191. POWER SOURCE: INDIVIDUAL GAS GENERATED ACTUATORS
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(a) Dynamic pitching of vehicle: During the initial study effort, it was envisioned
that, due to the high sustained skid friction, the vehicle would pitch violently at touch-

down. For this reason, the nose gear stroke was estimated at 18 inches (45.7 cm) to

maintain the same load factor for all gear. In further pursuing this problem, a manu-
al step integration analysis was performed of a vehicle taken from another study pro-

gram for which known characteristics were available. This vehicle of 15 000 pounds

(6800 kg) gross weight was very similar to the HL-10. To aid in this analysis, typical
drop test curves from a tested landing gear of identical design sink velocity and load
factor were used (fig. 192). The gear configuration is basically the same as that of a

conventional tricycled gear airplane with the c.g. being directly over the main gear in
the touchdown attitude (fig. 193). This configuration minimizes pitching tendencies that

might result from a gear arrangement such as existing with the X-15 type configuration.
The pitching tendencies reflected in this analysis result basically from the high sus-

tained drag loads induced by the high main gear skid friction. The results of this analy-
sis establish the fact that unacceptable pitching characteristics existed (figs. 194 and

195). These characteristics would have considerable effect on crew comfort and nose
gear and vehicle structural desigm To eliminate this condition and its effects, it is
necessary to reduce main gear drag loads during the high load factor impact period

existing at touchdown.

A method of eliminating this condition other than a complete wheeled configuration

is incorporation of a small touchdown wheel into the skids of the main gear (fig. 181).
With this configuration, the vehicle touching down on the wheels during the impact
condition would experience very low drag loads. The vehicle would be controlled into

all gear contact attitude by the pilot, at which time the main gear brush skids make
contact with the runway and provide the desirable high drag force for arresting the
vehicle.

An analysis of this concept was conducted on a 14 000 pound (6370 kg) HL-10 con-

figuration (fig. 196) having a touchdown wheel incorporated in the skid. The gear ar-
rangement is basically the same on both vehicles. The analysis data results are

plotted on figures 197 and 198 based on the following touchdown wheel characteristics:

Diameter = 10 in. (25.4 cm)

Weight = 15 lb (0.68 kg)

Radius of gyration

Moment of inertia

= 0.33 in. (0.83 cm)

= 0.05 slug-ft 2 (0.07 kg-m 2)

I
I

I

I
I

With the vehicle shape evaluated, the aerodynamic forces would have little effect on
the results of the analysis. Therefore, to simplify the manual step integration per-

formed in both of these analyses, vehicle aerodynamic force was not included.

(b) Landing slideout dynamics: Following selection of the recommended vehicle
and establishment of firm characteristics for this vehicle, a landing slideout analysis

was conducted. This analysis confirmed that, through aerodynamic rudder control, the
pilot could land and keep the HL-10 vehicle on a 150-foot (45.7-m) wide runway with

20-knot (10.25-m/sec) crosswind normalto the runway centerline. The rudder setting

remained fixed throughout the complete run. Vehicle geometry, established and com-

puted input data, basic equations used in the analysis, and results of the analysis are
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shown in figures 199 through 203, and in the following discussions. In summary, the
analysis indicates that, with a rudder setting of -20 ° put in at touchdown, the vehicle
under a steady state 20-knot (10.25-m/sec) crosswind does not deviate from the center
of the runway by more than 30 feet (9.15 m) at any time when using main skid friction
coefficient of 0.6, and by not more than 50 feet (15.2 m) for skid coefficient of 0.4.
A deceleration chute was used on both of these runs and resulted in stopping distances

of 2182 feet (615 m) and 2621 feet (800 m), respectively, for the 0.6 and 0.4 main
gear skid coefficients. Pilot rudder control could be employed to eliminate slight
oscillations and to correct for varying crosswind velocity.

Input data:

Time at touchdown, tO ................................. 0 sec

Lateral velocity at touchdown, V± 0 .................. 0 fps (0 m/sec)

Longitudinal velocity at touchdown, Vii 0 ........... 33.6 fps (10.2 m/sec)

ity Vc ..... 33.6 fps (10.2 m/sec)Crosswind veloc , w ................

Headwind velocity, Vhw ................ ........... 0 fps (0 m/sec)

Vehicle distance from runway centerline

at touchdown, S±0 .................................. 0 ft (0 m)

Vehicle distance at touchdown, S la0 ....................... 0 ft (0 m)

Drag from nose gear, FS .................. 104 to 92 lb (463 to 409 N)

Drag from main gear, RS .............. 4900 to 3480 lb (21.8 to 15.5 kN)

Constant K1 ....................................... 0. 012432

Constant K2, chute drag ................................. 0.094

Constant K3 ...................................... 0. 0294312

Constant K4 ...................................... 0. 000808

Constant K5 ...................................... 0. 049851

Rudder deflection, 6 r .......................... 20 ° , 0 ° and -20 °

Vehicle mass ....................................... 383.5

ngl _ 0 °Vehicle a e to runway centerline, 0 .........................

Vehicle inertia about yaw axis, IZZ ................... 21 865 slug-ft 2

276

000

O00

O0 OO0

ER 14471-4

I

t

t

l

N

N

I

I
I

l
I

I
i
I

I
I

I
I



I

I

I

I

I

I

I

I

I

I

FIGURE 192. MAXIMUM STROKE, MAXIMUM LOAD, STROKE/TIME AND LOAD/TIME

VEHICLE WEIGHT = 15 OOO LB (6800 KG)

VEHICLE I = 24 7OO SLUG-FT 2 (33 500 KG-M 2)

VTD = 13 FPS (VERTICAL) (3.97 M/SEC)

MA

/

NW

20 ° (,349 RAD)

15 ° (.262 RAD )

t

GROUND LINE D

20 ° TOUCHDOWN ANGLE

V

FIGURE 193. LANDING GEAR GEOMETRY: 15 000-POUND (6800 KG) VEHICLE

...... • • .. ......... ... .. ...
• • • • • • 0OO

• . .: : ": • • •• t • t••
• • Ill • Ill • Ill

277



%

x

%

x

3o- o

25- s0j

g
°_2o g40i

_o
.J

15- ,_30
>

I 0 - 20t-

5. I0

O' 01

278

... ... ..

.. ...
oo oeo •

0 .05

FIGURE 194.

":i
log
OOe

VEHICLE WEIGHT = 15 O00 LB (6800 KG)

VEHICLE I = 24,700 SLUG-FT 2 (33 500 KG-M z)

VTD = 13 FPS (VERTICAL) (3.97 M/SEC)

VTD = 200 KNOTS (HORIZONTAL) (I02.5 M/SEC)

_o

x

oo

250

200

z

g
o_
.J

u_

lOO

5o

.1o .15 .20 .25 .30 .35
TFME, SEC

LOAD AND STROKE AS A FUNCTION OF TIME

OOI:" :" "" :" :': "" "" " i. _:. "':
: :.. : :.. :."

ER 14471-4

_o

x

o

lO0

z

d

.J

g

5O

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



I

I

I
I

I
I

I

I
I
I

I
I

I
I

I

I
I

I

14

13

12

II

o 9

__ 7

E

5

4

2

l -

0L

ooo
ooo

:o:
ooo

7O

lO

0
o • 05 .lO .15 .20 .25 .30 .35

TIME, SEC

X t0 2

w
c_

w
._1

5
%-.

FIGURE 195. PITCH ACCELERATION, VELOCITY AND ANGLE AS A FUNCTION OF TIME

13° IN.
/0 8 F1.

• (s.s_)

._ MA
() i

VEHICLE WEIGHT = 14 OOO LB (6370 KG)

VEHICLE - [ = 23 400 SLUG FT 2 (31 700 -M 2

.._ VTD = 13 FPS (VERTICAL) (3.97 MISEC)

VTD = 200 KNOTS (HORIZONTAL) (102.5 M/SEC)

2

/

GROUND LINE |

/////////#///////////////////////////////////////_/#/////////////,_///.
///_///////

,v

/

/
7/////////

FIGURE 196. LANDING GEAR GEOMETRY: 14 000-POUND (6370 KG) VEHICLE
ooo

....:. : ..'-O0 00 000
• • • • • 000

O0 000 • 000 • 279



30 103 60 X 103

25 50

20 40

. •

g _
o_15 -_ 3o

I0
2()

I

5! 1G

280

... ... ..

•." ..: :

•05 I0 15 2 0 25 30 35

TIME, SEC

FIGURE 197. LOAD AND STROKE AS A FUNCTION OF TIIVIE

ER 14471-4

%

x

N

200

z

150m

...1

_2
IO0 _

5O

x

-ioo

z

_1

5o

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



I

I

l

I

l

I

l

I

l

I

l

I

I

I

I

l

I

I

i:"
ooo

Qoo

: :.. :..
Q gO • •

" .'.. :."

a

uJ

z

5

12

I0

9

8!

I_ SPINUPJ_J_J ) J i
111[I:I::I_H_i_Iti5D:H:l:h,,,

o .05 .lo

ill lllllll iliiil[iil

,,,,:,,, ,,,,,,:, ...... ,,,, ...... Ittttl
I mllllllllll[ll Imllllilll....... ,, ........... Jll)I

[-_m I , ] I I I I I .... ]1 ,, I m ................... I I_illlll]l
iii/ /1111111 ]Jill IIIlllll mlllllllilmlll llllllllll I

IIIIIII
IIIIIIIII/ IIIIIIIIIIIIIII IIIIIIIIIIII11_ 1111111111 ,1111111

IIIIII IIII11111111111 IIII11111

IIIl[llllllllll Illlllllll l[llll.... I
b__mllliH" IIIIllllliml ............. iiii i IIIIIIlilllllllllllllllllll Illlllll[lllill IIIIllllll III11

_VEHICLE WEIGHT = 14 0OO LB (6370 KG) __ _ __w

VTD = 13 FPS (VERTICAL) (3.97 M/SEC) 4

_VTD = 200 KNOTS (HORIZONTAL) (102.5 M/SEC)_
Illl[llllllllllllllr ...!ll]lll I ]lIT 1 1I [_ .

ii[lltllIIIIllll]l I:::lllllll 2'"'"'"'"'"'" : [Hl_llllllllllllllllll _!I' Illlllllllllll[l]llllllllll

ffH-I HH H Ifltt _[ HTI-_-H-t-PIlicHANGLE
IIIIIIIlll IIII IIIIlllllli]lliliillll, II

I-t--m_H_ql--I_ ' I I II ' ' ' ' ' -i_ [i_IHHIIIi, _t-_l ' '' ' I ' ' ' ' I ' i_FI i'

,, ,,,,,, ............ III
lllll

- _ _
II 2
II II .... Ill ]'lllll]illll] ..... I ........

IllllllllllIllIII II IIII]IIJFIIIIII[I I idrl I ]1 .....I_ II _-[I

[i|[ii, ............ _...lllil I ii

..l,,J,_-i,i,lll...... lllllll_l(!l)ll_llliil l

ATIO_

• 15 .2 0 .25 .30 .35

TIME, SEC

6 X IO 2

FIGURE 198. PITCHING CHARACTERISTICS WITH TOUCHDOWN WHEEL IN BRUSH SKID

.. ... • • • ..1• • • • O0

II • Oil i liO • •

• .* ..: : ..: . ..":
281



... ... ..
• • ol •

".- ..: :

ooo
ooo

ooo

I

I

I

I

282

+

\

i:!
000

000

ER 14471-4

+

T

l

Z

Z
0
0

0

I

M

I

I

I

I

I

I

I

I

I

I

I

I



I

I
I

I
I

I
I

-1oo

u

.so_:

-o

0 2 4 6 8 lO 12 14 16 18 20 x 102

SLIDEOUT DISTANCE ALONG RUNWAY _, FT

l _ _ _ _ _ _×,o2
SLIDEOUT DISTANCE ALONG RUNWAY _, METERS

FIGURE 200. SLIDEOUT ON LAKE BED WITH DRAG CHUTE

I

I

I

I

I

I

I

I

I

I

lO0

_ 50

...I

IIIIIl_llEIIIIIiil_lrlrl,_l,lll[,,_,, .... ,,,,_,,

,,,,_,,, IIk_lllll_l[llllll[ll_'r_llFIl_llll(l_ll

.... 2_-Fllllllilll lh_,_qlllllllllllll]llll

_u X ,U £H-}+H ...... ll_'Till ........ I[III111111 6 x 10 2

[llllll]llLl_l_llllIl]l]]llI[ll_llllillll

_IJ,Wqlll111111]llll[)lill]l[llllllllllllllllllllill_lllllllllllllllllllllllliillL 5
161ll)]llllillillllI;_:!!!!!!!!l!l)ll!lllllll',',:',:',_',

__o_: +2oo_._4_R_H_p_m
tmllIm,t,t ...... ll;;;;);;_ii_iil)i))i; ........

,l_,,lllllll(l_)lllllllllllllllll(lll)lll)l)lllll(l 4

lliiiiiiillii_ii[iiiiiiiiii[iiiiiiiiii,iiil)iiiiiii_211iiiiiiiii_#ii)iiiiiiiiiiiiiiiiiiiil]]ill_
i llll[iLl] iiiiiiiiiiii .

.,,,,,,,,,.,,,,,_20 KN CROSSWINDnLH-H-H-H
l]llT[_[ILlil[lll I[11 .................... Iiiiiiiii

::::::::::::::::::::::::::::::::::::::::::::::::::::

l_lllllHllllllll[lll,llll ......................... 2
_-_:)::_:_i]i]ii]iiii]i)iiii[iiiiiiiiiiiii _ ii

_ _F.__RS : 4900 LB (2] 800 N)_

4_FS = 104 LB (402 N) _:l-I

llrlllLlll[l llnlnn_inl_ln;nnnnlnnnnllnrnu

o__ml_,_(l:::::_::::):_:::::::;:::_:::

4 x |02_H

l.i .....

l_ill'dlllll
7 ')_
_ iiiii1[[[i ii

_ I I I i I[I ] I I I ]

:_ III_,IIIIIIII

0 4

FIGURE 201. SLIDEOUT
O0 $$0 •

: : ." : .: : •
".: ..: : ..: : ..'

_lili)))!!_][)il)))iiill

__i_ i3_m

_)_ IIIIlllllll::::::l n:l::::):°
,[_ I iillli:l::ll:l::l:llllllll

I_i _::=l::illlimllll:=l:::=l:l:_ __iilLliil_ .... iiiili]iiJ

_I_11 ,,_,,_
I_÷H ,,,,,,,, ............... z,,111(III .......... _,,, -_-

_L_II _HII_:; ..............
V Ill ......... _

_lllilllll[ll]llllllJll _

] Itl IIl&Jlllllllll_llll _

I1_i )llill_'lll,,_-_"ll:l:l::l::: _
li_ll ...... ";' .......... _

12 16 20

TIME FROM TOUCHDOWN, SEC

3 >:

o

_uJ

-4_

o-

ER 14471-4 283



x !o2:iiiilEii:::::_!!!!iLt
itllll[ fllfflllllllll llllJl

_llllll_lEIfllllllllllll]]ll]l
IILLIIIIIIIIIIIIIII I11.................... IIIIIII,,,
Jl]llllllll[llllllllllllllllll
iiiiii111111111111111111111111
IIIIIIIIIII+I]II]IIIILI III[II

lllllllll[lll]llllll;lll ]

o l:+t:tl:t::t:tl::l::::'":L:l
II111111111111111111111 I I

<_ 3111111;11111111111111111111111

+ .....................!I!!!"'
................. III1,,,[llllllllrll[lllllllll I iii

II:I:::I:I:IIIIIIIIIIII::::I::
_. 2[llllll]llllllll]lllllllLIIEtl

Ellllll]lll+lllllllll+llllllllItlIIIIEIIIIIII]IILIIIIIIIIII] .........................
a- llll1111111111111+qlllllllllll

111111111111111111111111111111

lllllllll;t11::1::::::tt::t:t+

[[lllll[lllllllllllllll

IIIlllllllllllllllllllllllllll
LtlLIIItJlL_IIII+IIIIIIII]III,

,,,,,,,,,11,,,,,,,,,,,,,,,,,,,i_1_111_1 ,IIII_IIIIIIIIEIII]
iiiiiiiiiiiiiiiiiiiiiiiiiiiII1,,,,+,,,,,,,,,,,,,,,,,,,,,,

-ll,i],ll,lll,l,lllllll]llllllll

2 4

I I

1 2

t__1_i_+_r_'_r_L_r_1
L_i_s___1_iL_r_:__t_L_

IIIIIIIILIIILIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIIII'''R_ = _480 LB (15 500 Nlll,+,., ............. ' 11 I ' I1 ' I I I I ' ' I I I ' I II I I I + 'l I I ' ]_

....... iiiiiiitlllllllll[lllllllllllllllllllllllllllllllll_
iiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiii iiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiiii........ , ......................... Illllllllll ......... , ............. ,,, ......... ZO

i;_lll[_llrl iiiiiiiiiil_llllllll+l[l_LlJltllll Jlnlll iiF_ = q2 LB (40g N_ ............IIIIIIIlll,,l .................... ,, ...................
...... IIIIIII]lllllll[ll]lllllllllllltllllllllllllllll]ll]llllll.l_il]ll II

J1111111111111111[1111111111111111111111111[11111111111111111 IIIIIIIIIIIIII1_1111111_1
irlllllllllllllillllllllillllllllil IIIIllllltlll Ililllllllllllllltllll_llllllllkl
illlillllllllllllllllllllllllllllllllllllllllllllllllllllllll IIIIIIIII;ll+llllillll

............................................................. III ..................... l_
20-KN tllllllllllllllllllllllllllllllllllllll a = -20 ° ( 349R)_ _

,_lllll]l_llllllllll]llllllllllJii • i_11, iiii1--'w..n till ................................. II r .... t111 ..... 7P_4

t_s_i_]_]]_[_:__;__+_r_r_T'_|''6-_iiiiillllllllllllllllllll[llllllllll IIIIII[IIIIIIIIIIIILdI'III|IIILIIIIIll.............................. IIIIIIIIII .................................... I

_i]_]E_[_[_]_J_i[_[_[_[_[_]_}_+_d_]-_[_]_I'_

IIEIIIIIIII]lllllllllllFlllllllllllll[llllllllllllllllllllil_llllllllll[l_]llll
IIIIIIlllllJIIIIIIIIIIIIIIIl[llllllll]llllllllllll_]llll_llJlllJl_]l .]5

IIII]111111111] IIIIIIIIIIIIllllllll]tlll;llllllill]lllll_lll[llldlllll]ll_ll I 4
iiiiiiii]lll]llllllllllllllllllll[lllllll[llll_lllll_llTIII]l. II ....

III]llllllLIIIIIIII][ll][lllllllll]_lllll'l_llllllllll] __
llllllllllli[llilllllllllllllllllllllllllllllllllll_llllllllllll]llP m' I _

.................................................................... iIIJP¢i _iiil[lllllllllllllllllll]llllll/llllll]l]l_lllllllE[llllllllll
iiiiiiiiiiiiiIiiiiiiiiIIIIIIIIIIiiirllllllllJ_llllllllllllllllll,,,,,,,,,,,,,,,,,,,, ,,,,,,,,,,,,L.,.-,,,,,,,,,,,.,,,, m ll_
IIIIl[[ll[lllllll[]l _ _ O OIIl[llllll_llll[]llllll ]][llnlll_llllll_lllll_llllllml

r i[111111_11111111111111 r_rl'_lll ii1_1111111111111111
iiiiiiiiiii Illit_l'_lll[llllllll_91111FLllllil+i_l_ql-IIIIIIlllllllllllml

iiiiiiii. IT IIIII[IIIIlIIIIIIIIIJlIIIIIIli II
iiiiiiiiiiiill_8_]llllllll_lllllllllllllllll£111111
IIIIII_II+IIILI, .IIIII|II_IIH_II_II_II_IalI_I]IIITII, , _'_' "",...... . . _21217 I ',I I ',I ', .................................

IIIIl_ll[llllllllllll _lllll]lJllllllll] _1_4]_t:___J_:61T_]_l_il[l[ ........................................
i_lllllllllll,_l|lllllllllll_llUlllll[llll,llml

_ i_ iii]llllllllllllllllll-iiiii1111]ll[l_[llll]lllllll_
i1[11 ., I[I]IIII]IIIIlIIIlIIIIIIIILIIIIII. IIILIIIII]I][[Tll

-- iiiirlllllll IIII ,111]111 .......... _
r illl[llllli_lllllllllllllllllll]llll[lll]lllLI]l
1 l III F_I r1_ IIIIIIIIIIIIIIIIIIIlllllllllllll

ltllllllllllllllllllllllllll[llllllIIli[lllllll[ll
iiirlllllltlllllllllll]lllllllll

__________________________________________i___________________i__________________________

8 24

150

c_

loo <_
_>

I.i.I _
(l.. !..i.!

I.i.l i.i.i

-50 _ +"

-0

I0 12 14 16 18 20 22

SLIDEOUT DISTANCE ALONG RUNWAY, FT
I I I I I
3 4 5 6 7

SLIDEOUT DISTANCE ALONG RUNWAY, METERS

26 x 102

I
8 x 102

FIGURE 202. SLIDEOUT ON IMPROVED RUNWAY WITH DRAG CHUTE

284

_n

.100

=
>.

._ 75

_ 50
g
.-I

25

N
.-I

u_ 0

,,,,,,,,,,,,,l'll[llllllllllll+lll[,i,iiiii

llllllllllllllllllilllllllllllllll_J]llI II111111111111111111 "_ x 102
lllliliiiiiiiiiillliiiiii.._i_i-_illliilll.... 2 IIIII...........,,......................

L_ X U l]l_lillllllllllllli

I_II+III][II]IEIIIII[I
iiililllllllllllllll_._lllllllllllllllllltl] I 0

Illllllllllllllllllllllll_llllllllllllllllii[lllll

,,,,,,, _ _ = +20 ( 349R)J=_

I'Ll Illllnllllll]llIllll+llll-r .... "H-I m_

,_11111,,,, ......................................... Z'--"
J_ll]llllllllll[llll111ltli ................

i]]11[]11111[[1_111111 _...................... 20 KN CROSSWlND . _ _:
_._ iiiiiiiiii1_111111_1,,,,i,iii1_,,,,,,,,,1_,,,,,

................................ _ _<__ IIII[III_IIIIIIRS = 3480 LB (15 500 N)
_ 8 ................. _

1111112[,111111111FS = 92 LB (409 N) _2 _
iiiii_iiiii]]iii+ ............................. ,,,,

c IIIIILI]]I,_]III_]II --

_................... Ill.....................,,,,,,,,,,,,,,,,,,,

0 _ iiiiiiiiil111iiiiiiiiIIIIIIIIIII lllIIIIIIIIIIIIl! 0

2
4 x ]0 ,,,,,,,,,,,,,,,,,,,,,,,,,,,illll,,,,,,,,,,,lO 3

I_IILI_I,IIIIIIIIIIIIIIIIIIII_III_ III]IIII........ II]IIIIIIIIIIIIIIIIIIII Ill _d_lq_IIIIIIII II
ILII] II IIIItl t1111111111111111LIII IrlIIILI'_LIIIII I I 2 0

I II I_i |I li|I I I I I II| I I II I_lll I I _II IIIIIIIIIIIIII I I _ -I
_ _ | • ii+i_ iiiii_ iiii_IIII L [I]II II1111[ +i -- _
_ll_llll1[llll+lllllllll.ll_r+lllllll11+llllllE]l
i _ • iii/ii+i+I+[_IIIIII l+]lllllill -

iiill i ii i_1 i i_ i iI i_ i i i i i i i i i i t i I I I I I iiiiii1111111

.............................................. :++>+- _11_ iiiiiiiiiiiil_llll_lllllllll_lltl _

• • • i iltllllllllllllll]lllllll _

rl]lll]l]llll(_]llll]lllll[]ll iii]]11111111 z
,,ii_,_iiiiiiliilil,IIiilili,liliil D

;]]+l;llllllllllPllllllC_+]+lllllllllllllllll]_ll[! ,,_ --

lll_lllll_llll_ll_lllll_l[_llltJll r +-- _................................... _ _ 2Oo _
iiiilllllllllllllllllllllllllr"llll.Jlll- _ _

g iiil_ill]_lll;l_ll]_lltltl][ll_l[lllllllLiIIllllllllllJlllllltlll]ll_llllllllllll
IIIIIIIIIlll_lllllllll

IIIIIIIlllllllllllllllllllllllllll_llll]l]lllliiiii Iill]11111
) IIIIIIIIIILIIIIIIIIIIII

III]IIIII[IIIIIII_IIIIILII[I[I I]lll ..

0 4 8 12 16 20

TIME FROM TOUCHDOWN, SEC

FIGURE 203. SLIDEOUT VELOCITY AND TIME ON IMPROVED
RUNWAY WITH DRAG CHUTE

ER 14471-4

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

I



Slideout equations:

_ forces 01to runway centerline = chute cos (/_+_) + RS cos _/+ FS cos _/

/.

+ drag cos (_ +qJ) - Y sin (/3+ _2)- R sin _b= _ m all (25)

forces ± to runway centerline = chute sin (6 + _b)+ RS sin _"+ FS sin

+ drag sin (6 + 4) + Y cos (_+4) + R cos _ = m a (26)
J_

_ moment about c.g. = chute sin _ x (ii. 7) + R x (11) + RS sin (_'- d_)

x (2.5) - FS sin (T-_P) x (10) +N/3 = IZZ "_ (27)

_=_0+_ _j dtdt

= tan-1 runway

BI runway/

/3 = tan -I IV±runway

[vl i runway
+ Vcrosswindl _+ Vheadwind

(,
V =V + \a dt

_- runway ±0 j ±

=S + _a_[dtdt
SL runway J- 0

V
= + _ dt

li runway VII 0 a ii

S =S
it it

runway
+SS0 all

(28)
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gO0 OO_

OO0

Vairspeed = [ (V_k
runway

+ Vc ross ) 2
runway

+ Vhead)21 1/2 (29)

Drag=l/2 pV 2
• airspeed

where

1
K1 =2 pS CD

S CD = K 1 V 2.alrspeed

(30)

1 V 2
Y= 2 P airspeed

where

1
K3 =2 O S Cy_

S Cyfl
V 2"

fi_= K3fl airspeed

(31)

1 V2"
R=_ P. airspeed

where

1

K4 =2 p S Cy6r

Cy_ per radian units; Brad

S Cysr 5r = K4 5 r V_airspee d

where

C is in per degree units
Y5r

6 r is in degrees

K4 is an input constant

(32)

1 v
N_ =_ p airspeed

1
K5= _ PS C

s
2

= K 5 Vairspeed_
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I

I
I

Drag from gear reactions:

Chute = 14-ft (4. 3 m) diameter (p at 2300-ft (702 m) alt)

Chute drag S 1/2 p V 2
= CDo

= O. 094 V 2 _'_

Chute K 2 V 2
airspeed = 0. 094 V_airspee d

l

I
I

ma

T
52.3 FT
(15.9 M)

(KS) I
I 0.025 N

_120. FT (36.8 M)

I Nm= 6149.8 FT (45.7 M)

L

D
C

W

(RS)

_M

29.2 FT
M_-- (8 9 M)

I

I

I

I

I

I

I

I

D = chute dragc

D V = vehicle drag

W = vehicle weight

L = vehicle

M = nose gear reaction

= skid friction

0.025 = rolling friction

With vehicle attitude of -2 ° in 3-point condition, L = 0
Solving for N and M,

H =0 =Ma- Dc - DV- 0.025N-_M

=O=N+M+Lv-W=O

=0

•_'a'd4_:4"."..:"."

000

000

000

000

(33)

(34)
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M =0=120.6N-29.2M- (0.025N+ _M) 52.3=0
cg

(35)

M =W - N (36)

Substituting for M in equation (35) and using values of _t = 0.6 and _ = 0.4 result in:

for }_ - 0.6--N = 4160 lb (1890 kg) M = 8182 lb (3720 kg)
KS = 104 lb (47.3 k_g) RS = 4900 lb (2220 kg)

(37)

for _ = 0.4--N = 3660 lb (1660 kg) M = 8682 lb (3940 kg)
KS = 92 lb (41.7 kg) RS = 3480 lb (1580 kg)

(38)

(c) Mechanical steering: When skid equipment is used on the main gear, mechanical
steering might generate critical dynamic stability during slideout. The nondirectional
drag of the skids prevents them from reacting the side loads that may develop by mechan-
ically steering the nose wheel. The vehicle could then enter a tail-spin which could
result in catastrophic tumbling. If the nose gear also used a skid, further complications
may be introduced.

The gear configuration presently selected for the HL-10 makes it possible to land
satisfactorily in a side wind with the aid of aerodynamic controls. Future vehicles,
however, which may not have the environmental protection of the present HL-10 design,
may require additional steering capabilities. To help close such a technology gap, ideas
such as those reflected in references 43, 44 and 45 should be pursued.

2. Backup or Emergency Recovery

Design criteria. - Full vehicle recovery by means of vertical landing is used to en-
sure safe crew recovery in the event of an ascent abort or other emergency requiring
quick flight termination. This mode of recovery is employed on all vehicles larger
than the B-size. General guidelines employed for the recovery system evaluations
were:

(1) Vehicle may be allowed to sustain structural damage during the recovery
mode.

(2) Vehicle must remain buoyant in the event of a water landing.

(3) Vehicle attitude at touchdown will be such as to maximize shock attenuation
by the structure and to minimize g-loading on crew members.

(4) Vehicle attitude at touchdown for water recovery will be such as to ensure
topside-up attitude after stabilization.

(5) Design maximum vertical velocity at touchdown will be 25 fps (7.62 m/sec).
A design altitude of 5000 feet (1.52 km) is used in the comparisons of this part
of the report. (The recommended parachute system described in Part VH is
sized for a 25-fps (7.62-in./sec) vertical velocity at the altitude of the FRC
(2300 ft--O. 7 km). )
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Technolog_ status.- System considerations for selecting baseline configurations
were limited in this study to those systems within present state-of-the-art technology.
As an item of specific interest, the selected parachute recovery configuration will be
compared later in this section to a (Rogallo) parawing recovery system. This method,
though very promising, has not been developed to the extent necessary for application
to this study. Discussions of particular areas of technologies employed in these evalu-
ations follow:

Parachutes: Parachutes were employed in the primary recovery systems of the
Mercury and Gemini entry vehicles and are used with file Apollo vehicle. Parachutes
commensurate with targeted terminal velocities are relatively light in weight and
require minimum development effort. System sizing indicates that it is unreasonable
to employ a chute system to provide a soft landing (damageless) without the support of
other energy absorbing devices. Inability to control horizontal velocity and selection
of specific impact point are problems inherent with conventional chute systems; the
effects of these are minimized, however, with a water recovery. Evaluations of partic-
ular chute types have been made in considerable detail in previous studies (ref. 41).
Considering the the referenced studies, and the reliability and performance demon-
strated with the Mercury and Gemini programs, ring sail chutes are recommended for
the emergency recovery system in this study.

Retrorockets: Use of retrorockets was investigated for vertical recovery systems
to determine their effects on total system weight and volume when used in combination
with parachutes. Rocket attenuation permits using smaller chutes and allows higher
chute terminal velocities. Descents at higher velocities reduce dispersion due to
wind drift. The complexity and bulk of liquid propulsion systems indicated that solid
propellant rockets should be evaluated. Recovery systems using solid propellant
rockets for velocity attenuation present several areas of concern:

(1) For optimum landing performance, ignition must occur at a specified height
above the recovery area, requiring consideration of rough and sloping ground--
which becomes difficult particularly under high drift rates. Faulty timing of
ignition can become very critical.

I

I

I
I
I

I

(2) Rocket thrust must be directed through the vehicle c.g. to minimize vehicle
perturbations due to misalignment. This creates vehicle rocket installation
problems. One solution to this problem might be to place the rocket in the
chute riser system. This solution creates another problem however, in that
upon burnout the rocket case (which would in all probability have considerable
bulk) will fall as a dead weight upon the vehicle.

Parawing: Parawing, a more recent and completely flexible version of the para-
glider, has shown considerable promise as both a primary or secondary mode of re-
covery for entry vehicles. Previous tests have been limited to personnel and cargo

drops using a 400-square foot (37.2 m 2) wing. These tests have been extremely suc-
cessful and indicate the absence of the inherent deployment problems previously associ-
ated with its predecessor, the paraglider. Data presented herein is extrapolated from
estimates made by the Irvin Para-Space Center for ring sail parawing configurations

having wing areas of 440, 4000 and 10 000 square feet (0. 409, 3.715 and 9. 290 km 2} used

at an opening q of 75 psf {3.59 kN/m2).
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Subsystem tradeoff studies. - Tradeoffs were made between five recovery system

concepts, ranging from parachute systems to parawing systems, and including retro-
rocket augmentation for terminal deceleration.

Parachute recovery system: This system is designed to ensure safe crew recovery
for both land and water touchdowns. Multiple chutes were used for safety considera-

tions. Characteristics of this system for three terminal speeds between 15 and 35 fps

(4.57 and 10.65 m/sec) are shown in table 61 and figure 204. Parameters used for the
designs included:

Ring sail chute drag coefficient, C D = 0.78

Cluster effect factor applied to C D, f = 0. 865

Chute system weight, 0.024 psf (11.7 kg/m 2)

Chute system valmne, 0.69 ft 3 per 1000 ft 2 (220 m 3 per km 2)

TABLE 61

PARACHUTE RECOVERY SYSTEM REQUIREMENTS

Terminal 15 fps 25 fps 35 fps

velocity (4.57 m/sec) (7.02 m/sec) (10.65 m/sec)

Vehicle

weight

A rea

System
weight

Volume

6000 lb

(2730 kg)

38 800 ft 2

(3600 m 2)

933 lb

(423 kg)

26.8 ft 3

(0.76 m 3)

13 000 lb

(5910 kg)

83 800 ft 2

(7780 m 2)

2010 lb

(915 kg)

57.8 ft 3

1.64 m 3)

6000 lb

(2730 kg)

13 900 ft 2

(1290 m 2)

332 lb

(151 kg)

9.6 ft 3

(0.27 m 3)

13 000 lb

(5910 kg)

30 000 ft 2

(2790 m 2)

720 lb

(327 kg)

20.7 ft 3

(0.59 m 3)

6000 lh

(2730 kg)

7120 ft 2

(661 m 2)

171 Ib

(77.7 kg)

4.9ft 3

(0.14 m 3)

13 000 lb

(5910 kg)

15 400 ft 2

(1430 m 2)

370 lb

(168 kg)

10.6 ft 3

(0.30 m 3)

I
I

I
I

I
I
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I
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Chute and retrorocket recovery system: This system is designed for a chute terminal
velocity of 70 fps (21.3 m/sec), using two chutes for safety followed by a retrorocket

terminal velocity of zero. A thrust-to-weight ratio of 1.5 was used. Characteristics
are shown in table 62 and figure 205. Parameters used for the designs include:

I = 225 sec (22.1 kN-sec/kg)
sp

Motor mass friction = 0.70
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! i ati:0062c
I Propell density

I Propellant volume = 80%of total motor volume

Sensing, timing, altitude computer system and miscellaneous is estimated to

I weigh 35 pounds (15.9 kg) and require one foot 3 (0.0283 m 3) of volume.

TABLE 62

I CHUTE AND RETRORECOVERY SYSTEM REQUIREM] ;NT_

RETROROCKET TERMINAL VELOCITY 0 = fps

I IEntry vehicle

weight 6000 lb (2730 kg) 13 000 1[ }910

Weight Volume Weight

I I lb kg 1 ft3 I m3 lb kg ft I

Chutes 142.7 19.4 I 1.23 I 0.035 92.7 42.2 2.

I Rockets 1166 75.5 I 1.35 I 0.038 357 162 2.

I Miscel- I 35 I 15.9 I 1.00 I 0.028 35.0 I 15.9 1.

I J I I
I System ] 244 I 111 I 3.58 I 0.101 485 I 220 6.

total I I I I , I

I Chute and retrorocket recovery system: ThL _stem is desig cl wi
criteria as the preceding one, except the retrorc _t terminal ve: ity :
from 0 to 25 fps (7.62 m/sec). Its characteristi 1re shown in t le 61

I TABLE 63

CHUTE AND RE1 RORECOVERY S¥ EM REQUIRE: ]N_

RETROROCKET TERMINAL VELOC " = 25 fps (7.6 n/s,|
!Entry vehicle 6000 lb (2730 kg) 13 000 lb 910

weight Weight Volume Weight

I I lb kg ft 3 m 3 lb kg fl

Chutes I 42.7 19.4 1.23 0.035 92.7 42.2 2.

I Rockets J 105 47.8 0.85 0.024226 102 1.

I Miscel- _,_,t_35. 0 15.9 1.00 0.028 35 15.9 1.

laneous 1

i System _ 183 83.1 3.08 0.087 354 161 5.
total

l°. °.° °

I : :
".: ..: : ..: :::

CHUTE AND RETRORECOVERY SYSTEM REQUIREMENTS

13 000 Ib (5910 kg)

Volume

ft 3 m 3

2.66 0.075

2.90 0. 082

1.00 0. 028

6.56 0. 186

CHUTE AND RETRORECOVERY SYSTEM REQUIREMENTS:

RETROROCKET TERMINAL VELOCITY = 25 fps (7.62 m/sec)

13 000 lb (5910 kg)

This system is designed with the same

criteria as the preceding one, except the retrorocket terminal velocity is increased
Its characteristics are shown in table 63 and figure 206.

Volume

ft 3 m 3

2.66 0. 075

1.83 0. 052

1. 00 0. 028

5.49 0. 155
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Parawing recovery system without controls: This system is based on a parawing

wing loading W/S = 2 with an L/D = 2. 1 and C L = 0. 9. Characteristics are indicated

in table 64 and figure 207. Data was estimated by the Irvin Para-Space Center for the

unit weight of 0. 038 psf (0. 186 kg/m 2) and packing density of 0. 025 lb/in. 3 (695 kg/m3).
Summary weights, shown in table 64, include allowance for miscellaneous items such
as the canisters, deployment controls and pilot chute.

TABLE 64

PARAWING RECOVERY SYSTEM WITHOUT CONTROLS

Entry vehicle 6000 lb (2730 k4_) 13 000 lb (5910 kg)

weight Volume Weight Volume

Chute

Miscel-
laneous

Total uncon-

trolled sys-

tem weight

Wing area

Weight

lb

114

20.0

3
kg lb m

51.7

9.1

134 60.8

3000 _2

(278m 2)

R 3 m 3

2.64 0.074

0.50 0.014

3.14 0.088

247

43.0

290

kg R3

112 5.72

19.5 1.10

132 6.82

6500 ft 2

(603m 2)

0.162

0.031

0.193

Parawing recovery system with controls: This system design is based on the same
criteria as the preceding one, except that active controls are added to permit pilot con-
trol during approach and landing maneuvers. System characteristics are shown in table

65, where controls include gear head, drums, shafting and batteries.

TABLE 65

PARAWING RECOVERY SYSTEM WITH CONTROLS

Entry vehicle

weight

Total uncon-

trolled system

weight

Controls and
miscellaneous

System
total

lb

134

6000 Ib (2730 kg) 13 000_ (5910 kg)

kg ft 3 m 3 lb m 3

60.8 3.14 0.088 290 0.193

kg ft 3

132 6.82

130 4.80

261 11.6

148 67. _ 2.,25 0.064 285
0.136

O. 329
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Weight and volumes of each of the preceding recovery systems are compared in
table 66.

TABLE 66

COMPARISON OF RECOVERY SYSTEM CHARACTERISTICS

Vehicle weight

Ib (kg)

6000

(2730)

13 000

_91_

All-chute system

V e = 15 ft

(4.57 m)/sec

rolume

Weight ft 3
Ib

(kg) (m 3)

933 26.8

(423) (0.76)

2010 57.8

(915) (1.64)

V e = 25 ft

(7.02 m)/sec

Volume

[ Weight ft 3
lb

_,,q_) (m 3)

332 9.6

(151) (0.27)

720 20.7

(327) (0.59)

V e = 35 ft

(10.6 m)/sec

Vohme

Weight R3
lb

(kg) ( m 3 )

171 4.9

(77.7) (0.14)

370 10.6

(168) (0.30)

Chute and retrorockete

V e (c) 70 ft (21.4 m)/sec V e (c) 70 ft (21.4 m)/sec

0 ft/sec V e (R) 25 ft (7.02 m)/secre(R)

Weight

lb

244

(111)

485

(27O)

Volume

R3 Weight
Ib

( m 3 ) (kg)

3.6 183

(0.101) (83.1)

6.6 354

(0.186) (161)

Volume

ft 3

(m 3 )

3.1

(0. 087)

5.5

(0.155)

Parawing V e = 20 ft (6.1 m)/sec

Without

control

Volume

Weight ft 3
lb

(kg) (m 3 )

134 3.1

(6. 8) (0. 088)

290 6.8

(132) (0.193)

With control

Volume

Weight
lb ft3

3
_g) (m)

282 5.4

(128) (o. 152)

575 ii. 6

(261) (0. 329)

Recovery system selection and description. - Since the recovery system will be
used only in an emergency, as a backup to the primary horizontal landing system,
simplicity and reliability are of prime concern. The all-parachute system with a
terminal velocity of 25 fps (7.62 m/sec) is considerably simpler and more reliable,
although heavier and bulkier, than other systems. The supporting systems necessary
to provide rocket assist require specialized package development in sensing, com-
puting and rocket equipment. The all-parachute system also offers increased safety
in that the large chute area required, can be provided by four individual chutes.
Failure of one, two or three chutes will result in terminal velocities of 29, 36 and
50 fps (8. 85, 11 and 15. 25 m/sec). In the event of water landing, none of these condi-
tions precludes safe crew recovery. For recovery on land, the higher terminal veloc-

ities cause undesirably higher load factors, but some assurance of crew survival still
exists. The recommended system uses four chutes, located in two canisters one on
each side of the entry vehicle. Each canister contains a two-compartment bag for
stowing its pair of chutes, and a pilot chute.

Operation of the selected system is shown in figures 208 and 209. Following the
decision to go into recovery mode, the pilot will fly the vehicle along an approximate
25 ° flight path to the recovery altitude of 5000 feet (1.5 km). At this point, the pilot
will pull up to a relatively horizontal flight path with a 20 ° nose-up vehicle attitude,
reducing velocity to approximately Mach 0.3. Parachute recovery will be initiated at
this point in the following sequence:

(1) Chute canisters will be rotated about their hinge point (located to minimize
protrusion from vehicle) to establish the canister attitude in line with the
flight path for ease of chute package extrffction. The canister end-covers,
which maintain pressurization, will be automatically released during this
procedure.
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(2)

(3)

(4)

(5)

(6)

(7)

(8)

When the canisters reach full extension, mortars will be ignited for pilot

chute ejection.

Pilot chutes, fully inflated, will develop sufficient drag to extract the main
chute packs.

Main chute packs, at full extension of risers, will generate drag or snatch
forces necessary to sever breakaway cords at the chute packs. This allows
suspension lines and then the chute cloth to be extracted from the chute
packs.

At full extraction the chutes will be in a reefed condition. The vehicle is

in relatively horizontal flight, with the chute system mooring located to
provide a drag force approximately in line with the vehicle c.g., minimizing
vehicle perturbations.

i
I

i
I
I
I

Recovery chutes will be retained in the reefed condition and anchored as
above until vehicle reaches predicted terminal velocity and q conditions.

A sequenced q switch will initiate chute dereefing and mooring release,
allowing the riser cable to tear through the ablative material on the entry
vehicle to achieve a new anchorage point. This positions vehicle in the recovery
attitude of 70 ° . The angle of 70 ° was selected based on data available from
tests conducted at NASA Langley. The 70 ° penetration in water at sink
velocities well above those provided by this recovery system resulted in
relatively low load factors and ensured vehicle recovery after penetration
to a topside-up attitude. With the vehicle in this attitude, the physical
attachment point of the riser to the vehicle is considerably forward of the
vehicle c.g., presenting a geometric force line configuration for dampening
any tendency of the vehicle to pitch at impact.

For land recovery, the vehicle in this attitude will provide the crew with
optimum positioning for deceleration and will permit maximum structural
deformation for impact energy absorption.

(9) After touchdown, the chute release system will be activated.

I

!
I

I
I

I

•:. i ii:i:! I



FIGURE 208. RECOVERY SEQUENCE 
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D. CREW SUBSYSTEMS

The crew, in the context of this study, is represented by the pilot, copilot and test

engineers who comprise the complement of an entry vehicle during flight test. In per-
forming their functions, the crew may have interfaces with operations of many sub-

systems (e. g., guidance, navigation, attitude control, propulsion landing). Therefore,
these subsystems must be designed with displays, controls and safety features to enable

the crew to function efficiently and correctly. Details of the crew displays and manual
controls for the selected vehicle are presented in Part VII.

In addition to the functional subsystems just mentioned, another group of subsystems

is included for the sole purpose of accommodating man within the entry vehicle. This

group includes the life support subsystem (which includes the pressure suit), voice com-
munications subsystem, seats, emergency and survival gear, and visibility subsystem.
Since the specific design of most of these crew subsystems can affect vehicle size,
weight and volume, various approaches to these subsystems have been studied. Alter-

native concepts considered for crew seats, survival gear and indirect vision are des-
cribed in the following paragraphs:

1. Crew Seats

A criterion was established that crew ejection may be utilized when the number of
crew is less than three, whereas complete vehicle recovery is required for larger

crews. This is based, in part, on consideration that some abort incidents (e. g., dur-

ing ascent at maximum dynamic pressure) require almost instantaneous action and,
therefore, do not permit time sequencing of multicrew ejection without unacceptable

interference among the various crew members. For ejection with small crews,
current ejection seat characteristics have been studied, along with their recovery
and survival gear. For large crews, with the complete vehicle recovery requirement,

nonejection seats have been investigated, including both folding and web seats. The
study included an analysis to establish basic seat geometry for space allocation, and

for weight and mobility studies.

For the larger vehicles having crews of four or more, a folding nonejection-type
seat is indicated, particularly for the pilot's station. Very little has been done, how-
ever, to develop a fully adjustable, folding nonejection seat capable of withstanding the

loads induced by vertical Lunch, horizontal landing, emergency vertical recovery and
crash landings. NASA and USAF programs (refs. 46, 47 and 48) were surveyed for

possible application and sizing criteria. One possibility is a web-type seat (fig. 210)
which was developed during the program described in reference 46. Another concept

is a turtle-back suit (fig. 211) being studied by NASA-Ames (ref. 49). In this concept,
the seat pan and back can be worn by the crew. Fittings are provided to attach the
seat to rails in the vehicle. This concept offers the advantage of an unobstructed crew

station when the seats are not in use. However, mobility requirements for rapid egress
and launch position ingress may be a serious drawback for this approach.
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Leg restraint is a problem at all crew stations. Due to the limited head room, the

seat pan is relatively close to the floor, causing the legs to be in a straight-out position.
Calf support and leg holddown during ascent and vertical recovery will be required. It

might be possible to provide retractable supports which would be stowed beneath the
seats. Body restraint could be provided by a single attachment torso harness system

(fig. 212) with a powered inertia reel, as developed by the Air Force (ref. 48).

Seat positions for vertical launch and horizontal landing are in accordance with
criteria established in reference 48. In addition, an orbital position can be introduced

which permits the pilot to tilt the seat fully back for access to the aft crew compartment.

A fully tilting seat would also permit the pilot to ingress and egress through the hatch.
in the top of the aft compartment.

Weight data presented in references 46, 47 and 48 have been taken into consideration.
It is assumed that the weight for a research seat of the web type can be reduced con-
siderably through detailed component design and by minimizing some of the adjustable
features. A web seat of this type (less mounting} could be made to weigh about 35 pounds

(15.9 kg) per seat.

Weight

lb kg

Structure 22 9.98

Body support 9 4.08

Inertia reel 4 1.82

Total seat weight 35 15.9

The seat weight could be twice as heavy if full body restraint and full adjustment capa-

bility must be provided for a 25 to 95 percentile man. The HL-10 entry research ve-
hicle will not require this flexibility. The dimensional envelope for this seat is shown

in figure 213.

The A and B size vehicles were assumed to be equipped with ejection seats for crew

abort. The ejection seat selected for this study is an open ejection seat manufactured

by Weber Aircraft, Burbank, California. The seat is designated the Weber F-106
Zero-Zero and was selected because of its current application in such related pro-

grams as the F-106, M2/F2, HL-10 Air Launch Vehicle, and Martin Marietta SV-5P.
This seat permits safe ejection from zero altitude for landing emergencies to a maximum

launch environment up to 1000 psf (47.9 kN/m_. The maximtun acceleration experienced

by the crew during ejection is 16 g directed roughly along the spine. The weight of this
seat as modified for this study is:
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Seat (includes inertia reel, lap belt.rotary actuator,
harness; no adjustments) ....................

Parachute (includes deployment gun and cartridge) .....

Survival kit (automatic deploying) ...............

Rocket catapult ...........................

Wedge cushions ...........................

Seat/man separator ........................

Fixed raft assembly and fittings ................

Total seat weight

Weight
lb kg

84 38.6

28 12.7

29 13.2

26 11.8

7 3.2

4 1.8

31 14. 1

209 95.4

This weight includes a survival kit which must be ejected from the entry vehicle with
each crew man.

2. Emergency and Survival Gear

Two types of recovery procedures are possible. One-man (A) and two-man (B)
size vehicles make use of individual ejection seats to separate the crew from the entry
vehicle. The entry vehicle is subsequently ditched. The larger vehicle sizes (C, D
and E) utilize a complete vehicle vertical recovery system.

In the event a vertical recovery of the complete vehicle is performed over water,
the vehicle lands In a near-vertical attitude and subsequently floats In an upright

buoyant position with the hatch above the waterline. The crew uses the vehicle as a
life boat unless unlikely flooding through ruptured structure requires evacuation. In
this event, survival gear (located in the crown just aft of the test station) is jettisoned.
This gear is contained in two packages, which are tethered together. Each package
weighs approximately 40 pounds (18.2 kg). A raft is automatically inflated and is
tethered to the vehicle with a line designed to break at a predetermined loading. Water
survival procedures developed for suited astronauts for the Gemini program would be
followed. Table 67 lists necessary gear for land or sea survival over a period of

seven days (ref. 50 with modifications) for a three-man crew.

3. Indirect Viewing Systems

The complex geometry of the entry vehicle and the hostile high temperature environ-
ment during entry make it very difficult to incorporate full-view windows into the design.
An indirect viewing system is desirable, either to supplement small window installations
or to serve as a primary system. For indirect systems, the optical quality most de-
sired would be the three-dimensional rendition, where visual cues for judging distance,
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TABLE 67

SURVIVAL GEAR FOR A THREE-MAN CREW
3

Weight, lb Volume, in.

Quantity (kg) (ce)

Matches -- 0.5 (0.23) 35 (574)

Knife 1 0.9 (0.41) 6 (98.4)

Signal mirror 1 0.5 (0.23) 4 (65.6)

Compass 1 0.3 C0.14) 10 (164)

Flares 2 0.5 (0.23) 20 (328)

Whistle 1 0.1 Co.045) 2 (32.8)

Dye marker 2 0.4 (0.18) 12 (197)

First aid kit 1 0.3 C0.14) 20 (328)

Fishing kit 1 0.3 C0.14) 16 (262)

Plastic water container 1 o. 9 C0.41) 9 (148)

Sea water desalt kit 1 1.4 (0.64) 40 (656)

Candle 2 0.3 C0.14) 30 (492)

Rations (4-days) 24.0 C10.9) 1020 (16 728)

Radio URC-11 1 3.0 (0.14) 270 (4428)

Battery BA-1315/U 7 17.5 (7.94) 630 (10 332)

Headnet, mosquito 3 0.4 C0.18) 5 (82)

Heat tabs with stove 2 0.4 (0.18) 12 (197)

Drinking water and container 5 qts 12.0 C5.45) 192 (3149)

Spoon 1 0.3 (0.14) 6 C98.4)

Salt tablets 80 0.4 (0.18) 12 (197)

Soap tissues -- 0.8 (0.36) 12 (197)

Combination tool 1 1.0 (0.45) 35 (574)

Survival manual 1 0.5 (0.23) 13 (213)

Three-man raft 1 12.0 (5.45) 66___.00(10824)

Totals 78.7 C35.0) 3071 (50365)
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size and velocity are true to life. Resolution should approach that of the unaided eye,
apparent image brightness should approximate actual scene brightness, color rendition
should be true, and overall magnification should be approximately unity. Such would
be the requirements for safely landing a high performance flight vehicle when visual
contact is required.

A significant flight program has recently been initiated by the NASA at the FRC to
examine vision requirements of lifting bodies having L/D ratios comparable to the
HL-10 during approach and landing when using the indirect viewing systems. For this
flight testing program, a binocular periscope system was selected and installed in the
aft crew station of the F-104B. Using this indirect viewing system, and without the aid
of direct viewing through the canopy or windshield, pilots were able to takeoff and land
successfully in both day and night operations. Landings were performed at an L/D
near four. The program indicated that indirect viewing systems are acceptable and
do not require extensive pilot training, providing they offer a true-to-life image.
including a stereoscopic view and sufficient field of view. Weight, volume, pilot com-
fort, g-environment, eye relief, optics and reliability are other important factors in
the selection of such systems.

Candidate indirect viewing systems are briefly discussed here to determine feasi-
bility for the HL-10, should the no-canopy version be used or should augmented
visibility be required.

Fibre optics viewer system. - Considerable conceptual development of fibre optic
viewers (fig. 214) has been initiated by the Martin Marietta Corporation. This viewer
can be used for any application where remote viewing is required with a field of view
having optical properties simulating direct viewing by the human eye. A typical in-
stallation in an HL-10 entry vehicle is shown in figure 215.

In typical form, the fibre optics viewer system consists of two identical bundles of
optical fibers, each with an objective lens and an eye piece. The fiber bundles consist
of a very large number of small-diameter fibers made of glass, quartz or other ma-
terial essentially transparent to visible light. Since the optical resolution depends
largely upon the fineness of the individual fibers, they have small diameters only
several times the wavelength of light. Practical diameters are generally in the 40-
to 100-micron range. Attenuation of the light in the bundle increases with the length
of the bundle. Lengths up to ten feet (3 m) are quite practical, and much longer lengths
are possible if light levels are sufficiently high or if light amplifiers are used. The
fiber bundle is generally surrounded by a flexible metallic covering which protects the
fibers from breakage and abrasion.

For a given bundle size, the field of view is determined by the focal length of the
objective lens. Although the resolution is determined primarily by the diameter of the
fibers used, the resolution can be seriously degraded by a poorly designed lens. The
eyepiece magnifies the viewing end of the fiber bundle, forming an image subtending
the same angles as the actual object field. Angular positions and angular rates will
likewise be the same in the image and object fields. The objective lenses will normally
be mounted on an exterior surface of the vehicle or in a head which can be protruded
from the vehicle.
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The fiber bundles used in the studies at Martin Marietta are six feet (1.8 In) in
length and consist of glass fibers ten microns in diameter formed in groups of 36 fibers
(6x6). These fiber groups are wound to form a bundle eight by ten millimeters, con-
taining over 650 000 individual fibers. The objective lenses are 25-mm focal length,
f/1.5, and give the bundles a field of view of approximately 18 ° by 22 ° , well within the
acceptance angle of the fibers. (Lenses having half this focal length have also been
used, giving twice the field of view.) The eyepieces are 10X, giving an overall magni-
fication of one with the 25-mm objectives.

l

I
I
m

Advantages of fiber optics viewing systems: As proposed for manned flight vehicles,
this viewing system will, in theory, both quantitatively and qualitatively provide the
same vision as conventional windows, without impairing the geometric envelope of the
vehicle. When the objective lenses are stowed, detrimental drag, shock waves, air
stream noise, aerodynamic heating and general aerodynamic disturbance problems
experienced with window installations are eliminated. When compared with television,
periscopes, contact analog or other systems proposed to provide the pilot with a "real
world" view, this device is superior due to its capability of providing natural vision
qualities, greater reliability, decrease in volume and weight, and greater flexibility
for modfficatiora Use of personal goggles provides a degree of freedom to the operator
not found with other systems. Head movement, the g-environment, distance from the
eye to a lens or screen, and "inside-outside" viewing cease to become critical design
factors or limitations.

I
I

I
I

Other fiber optics forms: The simplest form of fiber optics, described previously,
has fixed viewing heads and can look in only one direction relative to the vehicle. It is
sometimes desirable, however, to search for an object, to look continuously in one
direction or at an object regardless of vehicle attitude or position, or (for various
reasons) to be able to move the line of sight relative to the vehicle. Therefore, one
variation consists of mounting the head containing the two objective lenses in gimbal
rings so they can be driven in azimuth and elevation as desired. It may be desirable
to slave the objective lenses to the observer's helmet, so that as he turns his head
the device will point in the direction in which he is looking.

A second variation, useful when viewing under low light level conditions or when the
observer must be located far from the viewing heads, consists of using light amplifiers
in conjunction with the device described above. The light amplifier can be placed any-
where in the system, but if the eyepieces are in the form of goggles, placing the light
amplifiers at that end would make the goggles much too heavy. The light amplifiers
could be placed between the objective lenses and the fiber bundles, but if space is a
problem, they can be placed in the center of the system. Depending on the resolution
required, the type of light amplifier used, and the light amplifier resolution and di-
mensions, the fiber optics bundles could be attached directly to the light amplifier,
or a lens could be used to image the output of the first fiber bundle on the photosensitive
surface of the amplifier and a second lens used to image the luminescent surface of the
amplifier on the second fiber bundle.

With any form of the device, one part only (consisting of objective, fiber bundle
and eyepiece) can be used for monocular rather than binocular viewing. In this case,
depth perception is based on angular subtense of known objects and similar cues. Even
with a single-bundle viewing system, the observer may prefer a binocular eyepiece.
This can be accomplished by means of a beamsplitter and mirrors or prisms, with each
eye seeing approximately half of the light from the image.
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Testing of the fiber optics viewing system: Two types of tests have been conducted
at Martin Marietta: objective tests on the components and subjective laboratory tests
on the complete viewing system. The former consisted primarily of field of view
measurements and transmittance measurements, both spectral and total, with the
bundles stretched out straight and bent to various radii. The latter consisted of visual
acuity tests, color perception tests and depth perception tests.

a) Transmittance. Tests showed that bending the bundles to a radius
of curvature as small as two inches (5.1 cm) had no measurable effect
on transmittance. Transmittance of the six-foot-long (1.8 m) bundles
was found to be approximately 22%, and approximately fiat from 0.48
micron to the near infrared, with a minimum transmittance of 16%
in this spectral range. The transmittance drops off rapidly below 0.48
micron.

(2) Color. The color matching capability is not affected through the use of
the fiber optic bundles.

(3) Visual acuity. The magnitude of the degradation experienced during
testing appears unlikely to significantly offset pilot performance because
the discriminations to be made during the landing operation are of a gross
nature.

(4) Depth perception. Since static test techniques in current use are question-
able in their ability to evaluate such a device, it was necessary to consider
other approaches. A preliminary probe of the depth perception problem
was made by equipping a car with an arrangement consisting of the objec-
tive lens mounted on the hood and the eyepiece or viewing end mounted on
the helmet of the driver (fig. 216). Although the arrangement was cumber-
some because existing commercial elements were used, it did provide
encouraging data. Depth perception was good and gave the driver the
visual capability of stopping the car within prescribed distances from
obstacles. The greatest deterent to providing the driver with a comfort-
able visual feeling was the lack of peripheral vision for turns. This
condition could be alleviated by designing the objective lens to be servo
controlled by the pilotTs head movement. Extensive testing with equipment
designed specifically for this application is required.

Contact analog. - The contact analog system presents a synthesized CRT pictorial
display of a large array of flight instruments. The display can also contain alpha-
numeric information, such as altitude and compass heading. A synthetic picture of
the landing site can be reproduced that will translate toward the vehicle in the display
in proportion to vehicle airspeed and rate of descent. The command path may appear
as a centerline while the air strip appears against a ground plane background that
can be depicted in several types of textures (e. g., grid lines, checkerboard patterns).
The sky, consisting of synthetic clouds, appears in true perspective. A white line
separates the ground and sky planes. One of the many possible presentations is
shown in figure 217.

Major components of the system weigh 25 pounds (11.34 kg) and occupy approxi-

mately one cubic foot (0.0376 m 3) of space. Further reduction in weight and volume
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(through the use of microelectronics and digital techniques) are forecast by the Norden
Co., developer of the Conalog system now in use aboard submarines. General Electric,
now under contract with NASA-MSC, has a three-dimensional display as a goal.

Indirect optical viewing system.- Kollsman Instrument Corporation is presently
under contract to NASA for the design and fabrication of an optical system to be used
in the evaluation of indirect viewing of the extravehicular environment of lifting bodies,
especially during the landing phase. For purposes of evaluation, the viewing unit will
be installed in the midsection of an aircraft equipped with auxiliary controls so that the
aircraft can be flown by a pilot seeing the outside world through the viewing unit only.

This system willprovide a one-to-one field coverage of 160 ° in azimuth and 45 °
in elevation. At a 22-inch (0.56 m) viewing distance, screen resolution will be 50
lines/mm--approximately twice the resolution capability of the human eye. The
optical system will provide a presentation brightness of from 15 to 25 foot-lamberts

(1.6 to 2.7 lumens/m2), assuming an average sunlit terrain brightness of 750 foot-

candles (8.06 k lumens/m2). This system concept has advantages of no power or
electronic requirements, and the absence of moving parts.

Kollsman recognizes that a one-to-one field coverage of 45 ° to 160 ° will require
more console space than is likely to be available. This angular coverage, however,
far exceeds the requirements for safe and comfortable piloting of a lifting body vehicle.
Kollsman has, therefore, configured a variation of the above system, proportioned to

lilting body application. This configuration is a full self-contained and sealed unit

occupying approximately 1-1/2 cubic feet (0.0425 m 3) and weighing approximately 30

pounds (13.6 kg). At a viewing distance of 22 inches (0.56 m), the angular coverage
will be approximately 30 ° x 30 °. Maximum utility of the presentation screen can
be provided by superimposing air data or energy management displays.

Figure 218 shows the deployment of the unpackaged indirect viewing unit in a lifting
body.

Arguscope.- The Arguscope, designed by the Argus Optical Company, is shown
schematically in figure 219. It provides a stereoscopic view having unity magnifica-
tion, thereby providing a sense of depth equivalent to direct viewing. Like any screen-
type system, it has the advantage of long eye relief distance (10 in., 25 cm, or greater)
over the close eye relief distance of a periscope.

Two screens are used, one at a time, to provide increased field of view and re-
dundancy. The exit pupil (4 in., 10.1 cm, diameter) provides a binocular view within
a one-inch (2.54 cm) circle of head movement, or monocular vision from any point
within the 4-in.(10.1 cm) circle. The overall system weighs approximately 150 pounds

(68 kg) and occupies eight cubic feet (0.227 m3). Systems of this type have also been

proposed by other manufacturers, ranging in weight up to 350 pounds (159 kg).

Periscopes.- Periscope systems have a long history as remote viewing devices.
They can, through proper optical design, provide a true-to-life image and large field
of view. However, airborne periscope installations have their deficiencies. They are
heavy and, due to the rigid optical transfer system, consume a large volume in a
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particularly space sensitive area of the pilot's station. A system is demonstrated in
the F-104B installation shown in figure 220. Projection of displays into the optical
train of the periscopes is possible using CRTVs. This feature is now being incor-
porated into the F-104B periscope system for evaluation in the near future.

Small eye relief distances are desired to obtain a reduction in the size of the
optical elements and, to improve image brightness, they require the pilot's head to
be in contact with the periscope image lens. Head movement to view instruments
then results in a temporary loss of outside visual contact, which is undesirable with
fast sink rates and landing speeds. If an ejection seat is used, foldivg the optics out
of the ejection paths presents operational problems. For a zero-altitude escape re-
quirement, this additional step in ejection preparation would be undesirable. Tests
have proven periscope systems to be optically acceptable. The next task is to mini-
mize installation problems and improve pilot/system relationships.

Three-dimensional television system. - A three-dimensional television system
(fig. 221) has been developed by Spaco, inc., of Huntsville, Alabama, using a lentic-
ular screen. The colorless and transparent screen, comprised of small parallel,
cylindrical lenses, is placed in front of a TV picture tube. When the lenses are per-
pendicular to the plane of the viewer's eyes, the left eye sees the picture provided by
one camera and the right eye sees the picture from the other camera. The raster

lines from each camera interlace vertically on the screen 15 times/sec, making 30
pictures/sec. The left eye gets one view and the right eye another view. Using a
conventional pickup tube of 1000-line resolution, each camera could cover a 60 ° x
60 ° field with approximately one milliradian resolution. If the fields of the two

cameras are coincident, stereo viewing could be provided over the entire field. One

alternative would be to have the two fields overlap onl_ 30 °, giving a total field of
90 ° in azimuth with stereo viewing over the center 30 v. Another method of increasing
the field would be to use 3000-line pickup tubes presently available ; however, extremely
wide-angle optics would be required.

Holography appears to offer possibilities for three-dimensional displays for the
future. As presently used, a two-step process is generally employed, with a holo-
gram made first and a three-dimensional picture formed from it. This is not suitable
for night-time viewing.

Three-dimensional radar.- Two types of three-dimensional radar under develop-
ment are optical and microwave. The optical radar, under development by the Perkin-
Elmer Corporation, uses a gas laser to scan the subject through a pair of rotating,
diamond-faceted mirros. The fast line sweep of the transmitted laser beam is syn-
chronized with the electro beam of a standard television picture tube, and the laser
light energy reflected from the object is sensed by a self-contained receiver. The
energy returned from the object field controls the intensity of the electron beam of the
television monitorTs picture tube, making near objects bright and more distant objects
dimmer. Present range is about 30 feet (9 m), but it is expected that this can be in-
creased to hundreds of feet with higher-power lasers presently available. Other com-
panies are developing other types of three-dimensional optical radars.
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FIGURE 220. F-104 PERISCOPE SYSTEM 
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Microwave radar is inherently a three-dimensional sensor. The time duration
for a pulse to reach an object and return gives a measure of the distance to the object.
The direction from which the beam returns gives the location of the object. Most
radars are designed primarily for range information or primarily for angular infor-
mation. For a system to be practical in a landing situation, both functions must
be provided with reasonable accuracy. In addition, a display must be provided to
present all of the data in a form which is easily interpreted by the pilot. Such a
device is under development and should be available in the near future.
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E. NAVIGATION AND GUIDANCE SUBSYSTEM

1. Design Criteria and Recommended Approach

I
I

I
Subsystem functional requirements are to continuously determine three-axis po-

sition, velocity and attitude in a known reference frame (i. e, navigation), and to
generate guidance commands for vehicle trajectory and attitude control. The guidance
output commands interface with the pilot displays and/or the electronic flight control
subsystem. Attitude functions must be accomplished by airborne equipments, whereas
the other navigation and guidance functions can be mechanized by either airborne or
ground-based equipments, or combinations thereof.

Important design guidelines applicable to the navigation and guidance subsystem
included maximum use of developed and flight proven equipment compatible with the
vehicle research potential, with utilization of a simple logic for entry flight which
considers the pilot as the primary controller. The analysis approach was first to de-
fine specific research tasks, based on current technology status and potential oper-
ational missions. Seven navigation and guidance research tasks are defined, with
supporting justification, in Part II (Tasks GN-1 through GN-7). The justification of
Task GN-1 includes a technology status assessment of entry navigation and guidance;
this and the subsequent section, which is an evaluation of inertial navigation per-
formance, point out the need for some form of terminal updating of the airborne navi-
gation system. A backup mode of operation is also considered necessary. Equipment
for the backup mode must be independent of the primary mode equipment, and be
capable of taking over command at any time during orbit or entry.

Navigation and guidance tradeoff studies have considered techniques and equipments
developed to date (e. g., for Dyna-Soar, Gemini, Apollo and PRIME), and have stressed
redundancy provisions, including the pilot interface. The recommended approach is
shown in figure 222. Redundancy provisions include the ability of the backup mode to
be switched in (as required) at any time during entry, with subsequent normal recovery
at the primary landing site. Self-check verification data are displayed, and the orbit
canopy window enables additional attitude monitoring for pilot selection of either the
primary or backup mode. Guidance attitude commands are executed by the pilot, using
his displays and side stick controller, or automatically via the autopilot.

In accord with the emphasis on using proven equipments, the selected configuration
utilizes a horizon scanner for in-orbit alignment, an inertial platform and digital com-
puter for the primary mode, and strapdown inertial sensors plus a simplified computer-
programmer for backup. An implicit guidance scheme, using stored trajectory pro-
grams plus simple control logic, is employed in both the primary and backup modes.
Terminal guidance based on ground radar tracking enables correction of airborne
system dispersions; the ground based guidance equations are functionally the same as
those mechanized in the airborne primary computer.

The performance adequacy of the baseline approach (fig. 222 ) for any near earth
operational mission, including use of simple implicit guidance laws based on stored
reference trajectory programs, can be inferred from Dyna-Soar and PRIME simu-
lation results. However, before undertaking preparation of performance specifications

for evaluating and selecting applicable equipments, analyses and simulations were
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deemed necessary to:

(1) Substantiate navigation accuracies throughout the mission.

(2) Evaluate implicit guidance capabilities and limitations.

This latter evaluation is particularly pertinent to entry research task objectives,
such as determination of vehicle aerodynamic characteristics, vehicle maneuver-
ability, heat shield and structural design tolerances, handling qualities, perturbation
error sensitivities, etc. This evaluation should also define the tolerable initial con-

dition errors at atmospheric entry for the recommended baseline orbital trajectories
and, therefore, the adequacy of the deorbit propulsion system (without velocity cutoff
control) and of the orbital navigation approach. Moreover, such results would be
applicable to potential operational missions, and would contribute to the planning of
the important research tasks described in Part II as Tasks GN-1 and GN-2.

2. Navigation Performance

I

I
I
I

I

I
I
I

Errors in determining vehicle position and velocity coordinates were investigated
for the proposed baseline trajectories during boost, in-orbit and through entry. The
assumed navigation procedure is based on inertial navigation during ascent, orbital
navigation updating via ground tracking networks prior to deorbit, and inertial navi-
gation through the deorbit and entry phase until terminal radar acquisition (and up-
date) by the landing area ground complex. A desired feature for a 3/4-orbit mission
would be the ability to navigate autonomously, from liftoff until terminal radar ac-
quisition, with sufficient accuracy to land at the NASA FRC at Edwards Air Force
Base.

Inertial navigation errors at end of boost can be reliably approximated from actual
flight test measurements. Based on telemetered results of Gemini flights (ref. 51),
the estimated 3 a errors are less than 12 fps (3.65 m/sec) and 2000 feet (610 m)
along any axis (table 68). Propagating these inaccuracies through a 3/4-orbit mission
until entry, the 3 a errors should not exceed 10 nautical miles (18.5 km) and 15
fps (4. 6 m/sec) along any direction. This is based on an autonomous orbital navigation
mode whereby the inertial accelerometer readings are ignored, and the equations of
motion are integrated open loop in the primary navigation computer. Moreover, for
this 3/4 orbit mission or any longer orbital stay time, orbital trajectory characteristics
can be determined with much better accuracy by ground tracking, as indicated in table
69 (ref. 52). Assuming a ground navigation update during the final orbit based on
tracking data from one or more FPS-16 radars, the 3 a position and velocity errors
at deorbit should not exceed 6.0 nautical miles (11.1 km) and 10 fps (3.05 m/sec) along
any direction. Accordingly, major sources of inertial navigation error through entry
would be initial position and velocity uncertainties, plus the attitude alignment uncer-
tainties associated with the horizon scanner and the yaw gyrocompass loop just prior
to deorbit.

Displacement error buildup in the along-range and crossrange directions, from
deorbit until terminal radar acquisition, can be approximated by applying the more
significant terms in the error propagation equations (ref. 53) of a self-contained
inertial navigation system.
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Simplified forms of the along-range (x_ and crossrange (y) error equations are:

IA 2 (A_it)2 t _ t2") ( _ l _--_--f)21
Ax = x + + A _ 2 t2 1/2~ . _ + .Z__ g - (39)

Ay'-- y +_3} it) 2+ + g (40)

where

A 0 , A_ andA_2 are inertial platform attitude misalignments in pitch, roll and

yaw respectively.

A xi, AYi, A_ i and A:_ i are initial downrange and crossrange position and velocity

errors at deorbit.

A h is altitude rate error.

R is earth radius.

g is earth's gravity = 32. 2 ft/sec 2 (9. 8 m/sec 2)

t is time from guidance initialization.

Certain terms in these equations vary with time and trajectory conditions, notably
and ii. It is therefore expedient to use a digital computer program to evaluate Ax and

Ay versus time. Even for error sensitivity approximations, it is necessary to at least
do a step-by-step summation to approximately evaluate Ax and Ay versus time, assuming
that _ and _ are constant values over specific time periods. Also increasing with time
are Ae,A¢ andA_p because of gyro drift characteristics. However, the drift effects
are usually small compared to initial attitude reference errors--except for long entry
flight times (high L/D) when star trackers are utilized to realize initial attitude errors
of less that 0. 1° . This initial attitude accuracy of 0. 1° requires that initial position
be known to better than six nautical miles (11.1 km). The Ah value will also significantly
increase with time for conventional inertial computations, and particular care must be
taken to minimize A_ and, therefore, the associated Coriolis acceleration error (e. g.
by using sensed total acceleration to help measure 14or by preprogramming li versus
range -to-go).

The above dispersion equations are valid approximations for short entry flight du-
rations (when vehicle L/D <_ 1.0). However, when the entry flight duration is longer,
inertial navigation error propagation with time, due to certin of the major error sources,
becomes bounded due to beneficial Schuler tuning effects. It is particularly helpful in
limiting the magnitudes of&_x and Ay, due to Ae andA¢, respectively, to less than the
results obtained by applying equations (39) and (40). When atmospheric flight times
exceed 2400 sec, the corrected expression is:

Ax'--RAe(1-COS _t) (41)
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where

= _ - _2/R)1/2 (42)

For a Ae orA¢ error magnitude of 0. 3° , the resulting amplitude of_x or Ay
would peak at 36. 2 nautical miles (66. 9 km) when _t = _ radians. The time corres-
ponding to the peakAx will exceed 42 minutes after atmospheric entry, since the
Schuler period (2 _/¢_) varies from infinity at entry to 84 rain (5020 sec) at subsonic
velocity. Therefore, for the HL-10 maximum L/D entry duration, equations (39) and
(40) are conservative approximations; these approximations become more valid for
the lesser, more practical, entry durations.

Using equations (39) a_d (40), dispersion sensitivities were approximately deter-
mined for an unbanked HL-10 entry trajectory corresponding to a nominal or mid-
range L/D ratio. The trajectory error buildup at terminal radar acquisition, which
would occur approximately 900 seconds after atmospheric entry when the vehicle line
of sight elevation angle (E) from the intended landing site reaches 5. 0_ , is shown in
table 70 for the assumed 3 a error source magnitudes.

Analyses show that the RSS navigation error will increase almost directly with
time. For maximum crossrange maneuver trajectories, the navigation error sen-
sitivities in table 70 should not increase, since the entry flight duration will be slightly
less.

The results shown in table 70 indicate that terminal navigation updating is necessary
unless the initial condition errors at deorbit can be significantly improved. These re-
sults also provide criteria for bounding the tolerable scheme errors associated with
hypersonic entry guidance; these should not exceed about 1/3 of the navigation error.

3. Entry Guidance Performance

The proposed implicit or reference trajectory guidance scheme was evaluated for
applicability to HL-10 research flight trajectories and to potential near earth oper-
ational missions. Guidance equations and typical reference trajectory programs are
defined in table 71 and figure 223, and computer simulations have been conducted to
verify and optimize guidance performance.

Referring to the equations and symbol definitions of table 71, downrange guidance
is accomplished by a control only and crossrange guidance by ¢ control only, for

both the primary and backup modes. The a c and ¢c guidance commands are dis-

played for manual control and to facilitate monitoring of automatic control. Pre-
programmed parameters are stored and read out as a function of measured range-to-
go in the primary mode, and as a function of time after deorbit in the backup mode.

For the latter, the airborne gains K_ = K A = Kh = 0, and V m is the integral of a body-
P

fixed accelerometer. With the former, K A = 0 until terminal guidance begins and K¢

is maintained at zero, for small or modest crossrange flights, until _m <--2.0% In

either mode, the ap program is near the midpoint on the back side of the L/D versus

:i":i. .:.:"
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a curve from the top of the initial entry skip until about Mach 2. 4, and subsequently on
the front side. This enables nearly equal guidance corrections in either direction, as

well as the desired range of a perturbations for research measurements. Kh -- 0 on
P

the back side and KV = 0 on the front side. Effective monitoring of hypersonic energy

management is provided by simply displaying the instantaneous velocity and heading
error values (table 71).

The proposed trajectory control logic enables attainment of the maximum guided
downrange and crossrange maneuverability, consistent with aerodynamic tolerances
(primarily maximum L/D) and navigation errors, for both the primary and backup
modes. Moreover, this maneuverability requires no greater penalty in total heat,
which is a key design criterion with ablative heat shields, than any practical tra-
jectory control scheme. Computer results have shown that the use of a constant alti-
tude guidance law, at the bottom of the initial dip, is significantly inferior in terms
of maneuverability and total heat.

The ap and _p reference programs in figure 223 are based on tradeoff studies

of HL-10 open-loop trajectory simulations plus PRIME trajectory optimization re-
suits. The initial conditions for these trajectories result from deorbiting from
approximately a 100-nautical mile (185 kin) circular orbit. The zero crossrange
trajectory provides near maximum perturbation tolerability, of either polarity. The
three-step bank angle program in figure 223 approximates the maximum practical
crossrange trajectory. The V program for hypersonic guidance can be made nearly

P
independent of the required crossrange maneuver, as indicated by the V plots in

p
figure 223 for the HL-10 crossrange trajectory extremes. For near earth operational
missions, a single V program would suffice by adding a velocity bias curve that is

P
read out versus range-to-go and multiplied by required crossrange.

For potential operational missions, the primary benefit of entry L/D is crossrange
maneuver capability. In contrast, downrange maneuver requirements are minimized
by proper timing of the deorbit sequence. Consequently, paramount research tasks
include in-flight measurement of L/D and demonstration of maximum lateral maneuver-
ability. Moreover, heat shield design criteria and error sensitivities increase in
severity with crossrange. Therefore, guidance perturbation studies have concentrated
on the maximum practical crossrange case.

Maximum crossrange can be attained by flying an optimum bank angle program
while maintaining maximum hypersonic L/D. More than 99. 5% of this crossrange can
be realized by flying the optimum bank angle program indicated in figure 224 (ref.
"Roll Modulation for Maximum Re-Entry Lateral Range", W. E. Wagner, Journal of
Spacecraft and Rockets, Vol. 2, No. 5, Sept. -Oct., 1965) at a constant a of 26 °
throughout hypersonic flight. However, possible 3 a perturbations limit the practical
crossrange that can be relied upon for flight planning. For example, a seven percent
degradation in peak L/D will reduce the maximum crossrange capability by about 11
percent (compare Trajectory Conditions 1 and 2 in figure 224). The recommended
nominal trajectory for maximum practical crossrange (Condition 3) sacrifices another
five percent in crossrange to simplify the piloting task, to allow for navigation errors
plus other perturbations, and to enhance backup guidance compatibility. Note that bank
angle is reduced to 0 ° when the vehicle elevation angle from the intended landing site
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• • •n_ • q_ _ •• •0 • • 0•0 •0 000 00 0•0reaches 5.0 ° ; this e es e a positive or negative lateral corrections during ter-
minal guidance. The recommended _ program is 30 ° from entry to the bottom of the .
initial skip (to constrain peak heating rate), 26 ° to the top of the initial skip (to mini-
mize lift), 36 ° to Mach 2.4 (to enable hypersonic guidance corrections) and, finally, 15 °
to Mach 0.6 reduced to 12 ° by flare initiation (again to enable _ guidance corrections of
either polarity). The initial bank angle of 60 ° also constrains peak heating rate.

Computer simulation results r primary n_de.- Closed loop computer simulations
of the table 71 guidance laws were aimed at substantiating the ability to accurately
attain the maximum practical crossrange, despite severe perturbations and off-
nominal initial conditions. For each simulated off-nominal condition, resulting
attitude and trajectory plots were generated by means of an automatic print-plot sub-
routine. Figure 225 illustrates _ and _ time histories for simulated L/D per-
turbations of + 7 percent. This proved to be the most serious 3 a error source.
_ _te that, with an L/D variation from nominal of -7 percent, the _ corresponds to
that for maximum L/D throughout most of the simulated flight. In contrast, an L/D
variation of as much +20 percent appears_tolerable. (For initial flights of modest
crossrange, L/D uncertainties of up to + 15 percent should be tolerable; moreover,
all error sensitivities will decrease for lesser crossrange trajectories. )

The hypersonic L/D margin, denoted in figure 225 by comparing the perturbed

traces to the nominal, is considered to be the most important criterion for evaluating
relative perturbation tolerability and research task compatibility. The perturbed
traces illustrate two important points for research considerations:

(1) The guidance technique of nominally controlling to near the midpoint of the
L/D versus _ curve allows the pilot to insert _ bias commands, over the
complete _ control range, for research measurements of vehicle response
characteristics. However, he must exercise care in executing or allowing
additional a commands that may be planned for research task measurements.
If the hypersonic _ (or velocity) deviation from nominal, for guidance or
energy management purposes, is more than 5° , he must constrain additional

commands to the proper polarity -- or disallow them.

(2) L/D variations from the predicted values (measurement of which constitutes
a paramount research objective) can be reliably determined by post-flight
analysis to within one or two percent (on the average) by simply monitoring
the guided _ time history. This technique circumvents dependence on pre-
cision _ measurement for computing instantaneous L/D. The time histories
can be distinguished and approximately identified as to error source, particu-
larly since initial condition deviations from nominal will be small and measure-
able (via radar tracking ship). This capability wiI1 be improved if altitude
time histories can also be measured by uprange radars during entry. For
example, relative perturbation sensitivities and error identification capabili-
ties are indicated in subsequent trajectory and attitude deviation response
plots.

Trajectory variations from nominal, presented in figure 226 for the simulated
+ 7 percent L/D variation cases, show that the guided trajectories will be lower and
slower with a negative L/D error. Note that for the particular guidance gain of
0. 05°/fps (0. 16 ° m/sec), a velocity deviation of 240 fps (73.2 m/sec) (slow) commands
L/D maximum, which occurs at the q limit of 26 _ . Because of the lower altitude with
the -7 percent L/D case, increased crossrange is attained early in flight; this is corn-
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pensated by the lateral guidance loop (note the _ time histories in fig. 225).

Measured altitude deviations during flights, in conjunction with velocity (or _ )
deviations, will enable distinctions between off-nominal L/D and atmospheric density
conditions. This is apparent from comparison of figures 226 and 227. For simulated
+ 30 percent density variations, the resultant trajectory variations in figure 227 differ
in one important respect from the + L/D off-nominal cases. Although altitude decreases
with lesser density, like the - L/D-case, the velocity error (or a guidance command)
behaves differently, illustrating the importance of monitoring the guidance a or velocity
measurement error for post-flight L/D determination.

These and other 3 a perturbations results substantiate that:

(i) Because of altitude sensitivities to 3 a perturbations (e. g., to L/D and
density variations), hypersonic guidance laws should not utilize a reference
altitude profile. Moreover, to enable maximum crossrange, altitude rate
damping of the trajectory should not be employed through at least the initial
skip.

(2) Closed loop guidance need not, and should not, be initiated until the initial

entry skip is nearly completed. For example, the _+ 30 percent density
cases would have triggered unwanted a commands if guidance initiation had
not been delayed.

The importance of reduced (or zero) guidance authority through the initial skip was
further evidenced by the response traces to initial condition deviations at entry.
Figures 228 through 231 illustrate attitude and trajectory response plots for simulated
flight path angle (_/) deviations of+ 0. 12° . In figure 229 note that if the guidance loop
had been closed before t ---400 sec, the large velocity error would have called for an

a of 50 ° (the limited amax. ). As verified by simulation results, such a drastic drag

increase through the bottom of the initial skip would sufficiently reduce vehicle kinetic
energy to jeopardize reaching the landing site. Response traces very similar to
figures 228 through 231 were evidenced for initial velocity errors of * 100 fps (30. 4
m/sec) and initial altitude deviations of+ 14 100 feet (4300 m).

The undesirable interaction between the a and _ guidance loops during large cross-
range maneuvers, in the presence of severe off-nominal deviations in initial "r , V and
h, can be observed in figures 228 and 230 by the long-period a and ¢b oscillations.
Although guidance performance is not degraded ( a and _ return to their nominal values
before terminal radar acquisition at t ="1000 sec), research task plans would be com-
promised. A potential remedy (employed during PRIME terminal guidance flights)
consists of cross-feeding an a bias correction as a function of the _ correction com-

mand about the -40 ° _p setting. Use of this crossfeed, however, does not appear

warranted, based on a study of potential 3 a error sources; for example, the long-
period a oscillation does not occur for the critical 3 a L/D perturbation case (fig. 225 ),
nor for large initial range and crossrange deviations.

Typical response plots for large range and crossrange deviations at entry are pre-
sented in figure 232. The increased maneuver case shows (by the 15% L/D margin) that
the maximum possible crossrange is being approached. The second case demonstrates
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that both the range and crossrange can be appreciably decreased, using the primary
guidance logic, before the L/D control range is exceeded. In actuality, any possible
crossrange can be accommodated provided this requirement is set-in prior to de-
orbit. Note that a has nearly returned to the nominal value of 38 ° before terminal

guidance is initiated (when _ = 0° and elevation angle = 5° ).

The a and @ response plots in figures 225 and 232 illustrate the simulated data
link nonlinearities during the terminal guidance phase. This phase is begun (in the
digital program) when the vehicle elevation angle (E) from the landing site reaches
5. 0° . Nonlinearities include a simulated three-bit digital data link for commanding
a and _ corrections with updated commands transmitted at 10-second intervals.
The a quantized levels are +4 ° , +8 ° and +12 ° hypersonically, and +2 ° , +4 ° and
+6 ° below Mach 2.4. The ¢-com_nand levels are +10 ° , +20 ° and +30 ° h_-personically,

Trod +2 ° , +4 ° and +6 ° below Mach 2. 4. Despite these nonlinearities, the vehicle
statevec_r deviations from nominal, at the altitude of flare initiation (assumed to be

670 ft--0. 2 km), proved to be very satisfactory for all simulated 3a perturbations.

During both the airborne guidance phase of hypersonic flight and the terminal
ground-based guidance phase, simulation results showed that trajectory errors (due
to perturbations) will be tolerable unless the L/D control range is continuously
exceeded. To investigate this degree of perturbation tolerability and to determine the
range over which error sensitivity values are approximately linear, worse-than-3 a
error magnitudes were simulated. Both polarities of all major error sources were
investigated, and typical results are summarized in table 72. Except for the A C L

and Ap values, the simulated magnitudes of the perturbation sources are much worse
than expected 3 a values. Response traces for a number of the table 72 conditions
are plotted in figures 225 through 232.

The data shown in table 72 substantiates that a negative L/D error is by far the
most critical 3 a perturbation source, in terms of both hypersonic L/D margin for
energy management and total heat. This potential L/D deficiency imposes the major
constraint on maximum practical crossrange. It also causes a downrange error at
flare initiation; this is negligible, however, compared to normal runway lengths. The
large lateral deviations at flare initiation, for the bank angle control errors in table 72
resulted because the simulated radar location was 1. 5 nautical miles (2. 8 km) down-

range from the flare initiation point. Even the large head wind (last condition in
table 72) proved tolerable, and this steady-state ground wind is much worse than the
estimated 3 (1 value. However, further simulation studies of the final approach and
flare phases of flight are required to determine whether drag brakes or a landing
assist engine are needed for terminal guidance performance, in the presence of 3
perturbations. In particular, a terminal heading change capability of at least 180°
should be evaluated, and a six-degree-of-freedom simulation should investigate the
effects of wind gusts and other perturbations through the flare maneuver (when guidance
response rate requirements are most stringent).

Computer simulation results, backup mode. - The capabilities and limitations of
the proposed backup airborne guidance mode, which utilizes only a stored bank angle
program for lateral trajectory control until ground terminal guidance initiation, were
also investigated by closed loop simulation. Referring to table 71, the preprogrammed
parameters are stored and read out as a function of time for the backup airborne

guidance mode; V m is the integral of a body-fired accelerometer, and the gains
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K_ = K A : K h : 0. _yp[ca_ performance capabilities are presented in t_b_l_ 73.
P

Except for initial position deviations from nominal, tolerable perturbations proved
almost equal to the primary guidance cases shown in table 72.

The table 73 backup guidance results show that a -6 percent L/D variation cannot be
tolerated (because lateral corrections are not made prior to terminal guidance
initiation). Using primary guidance, a -7 percent L/D variation proved tolerable. This
decrease in L/D tolerability (for the backup mode) does not exist for small crossrange
flights.

Terminal guidance maneuverability criterion. - The feasibility of the backup air-
borne guidance scheme (like the primary) requires that vehicle range and crossrange
deviations from nominal, at ground terminal guidance initiation, will be less than the
subsequent maneuverability. For the primary mode, which employs conventional
inertial navigation computations throughout entry, the predominant errors at acqui-
sition are due to navigation error propagation (table 70). In comparison, the primary
guidance or trajectory control errors at acquistion will be negligible (assuming the
severe error source magnitudes in table 72 are not exceeded). However, since the
simplified backup guidance scheme does not navigate through entry, trajectory dis-
persions at radar acquisition will accrue due to atmospheric flight perturbations, as
well as initial position errors that exist at entry. Initial condition errors at the pre-
set nominal time of entry will be less than 6 nautical miles (11.1 kin), assuming a
time update during the final orbit. The backup guidance entry scheme will maintain
the along-range errors due to atmospheric perturbations less than the lateral errors
by virtue of the airborne velocity control loop. In table 73, note the magnitudes of the
lateral trajectory error buildup at acquisition (E -- 5° ) due to the various error sources.
Note also that these are reduced to nearly zero by terminal guidance, except for the

-6 percent Ix CL case when the L/D control range was exceeded.

To better check the table 73 results, vehicle maximum maneuver capability during
the terminal guidance phase was parametrically determined by open loop digital compu-
tation (fig. 233 ). Note that crossrange capability is appreciably greater than down-
range maneuverability, a fact which has been used to advantage in the functional design
of the backup airborne guidance system. Although not considered necessary, figure
233 shows that along-range maneuverability could be significantly increased by using
bank modulation in addition to a modulation for downrange control. The bracketing
dots indicate the range control difference between using an infinite roll rate (from
+60 ° to -60 ° ) and a finite rate limit of 4 °/sec when incorporating bank modulation for
downrange control.

Compatibility with initial condition contingencies. - Backup guidance compatibility
with the AV. and A3'. conditions in table 73 validates its suitability in the presence of

1 1

deorbit contingencies, despite the lack of velocity shutdown control of the solid rocket
deorbit engines. For example, baseline flight test trajectory computations have
shown that use of the fixed 130 fps (40 m/sec) _V deorbit engine, when entering from

any orbit between the second and fifth into Edwards FRC, will cause /x 3, i and AV i

deviations at entry that are within the backup guidance capabilities demonstrated in
table 73. This presumes a time update (for measured position and velocity conditions)
during the final orbit.
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For a baseline 3/4-orbit trajectory which utilizes a fixed 130 fps (40 m/sec) /xV
applied near apogee, the 3 a ascent guidance and velocity shutdown uncertainties are
compatible with the primary guidance scheme, without an orbital update. This includes
an engine shutdown uncertainty, at orbital injection, of up to + 30 fps (9.2 m/sec); the
primary inertial navigator will measure and compensate for this velocity deviation from
nominal. Even the backup entry guidance scheme can perform adequately for the 3/4-
orbit case despite a 30 fps (9. 2 m/sec) injection error, provided a time bias update
is transmitted prior to deorbit. Trajectory computations show that this injection error
will cause off-nominal deviations at entry of 0. 10 ° in _ and 31 fps (9. 5 m/sec) in
velocity. Table 73 results substantiate that these initial condition deviations can be

handled by the backup guidance scheme, for the maximum crossrange trajectory. More-
over, for a less crossrange entry flight, the perturbation tolerability and sensitivities
indicated in table 73 will improve.

Measurement and Use of a Data.- For purposes of research and related post-
flight data reduction, it is important to measure and control vehicle angle of attack
as accurately as possible. In contrast, the a accuracy required for guidance or energy
management is considerably less--on the order of a few degrees, as substantiated by
the computer simulation results presented in table 72. During the hypersonic flight
phase, a is computed in the primary inertial navigation computer as the sum of pitch
attitude (O) and flight path angle 0'). In the backup mode, a is preprogrammed as a
function of time, as was successfully demonstrated by the recent PRIME flights.
However, the a measurement accuracy degrades as velocity decreases, since _' ___-
h/V and 1_becomes increasingly less predictable. Consequently, below Mach 2,a
must be measured by some other means. The recommended procedure is to measure
the velocity components by ground tracking during the terminal guidance phase, and
to transmit the proper 0 commands for execution by the primary or backup airborne
guidance system or by the pilot. During terminal guidance, a can be accurately and
continuously computed in the primary navigation computer, based on updated velocity
inputs. Below transonic speeds, an air data probe provides the primary a signal for
use by the pilot during the approach and landing phases.

l_erformance SummatiorL - To summarize the entry guidance simulation results, the
recommended baseline approach functionally defined in figure 222 provides very satis-
factory performance in terms of piloting simplicity, terminal accuracy, ability to
handle 3 a perturbations plus trajectory initial condition contingencies, and compati-
bility with research task objectives. Moreover, the entry guidance logic is applicable
to potential operational missions, both manned and unmanned. Excellent performance
was demonstrated through the complete entry phase to the point of terminal flare initi-
atiorL However, further simulations of the final approach and flare maneuver phases
are recommended to determine perturbation tolerability, required component per-
formance capabilities, and the necessary degree of dependence on vehicle drag brakes
or a landing assist engine. Based on SV-5 simulation results to date, an t_ versus h

law for automatic guidance through the flare and landing phase performs acceptably,
despite simulated perturbations.

4. Navigation and Guidance Subsystem Specification

Based on the recommended approach and its performance evaluations, just discussed,
a preliminary subsystem specification was formulated. It was made sufficiently specific
and comprehensive to enable potential contractors to respond with applicable technique

, t
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and equipment recommendations. In addition to equipment size, weight, electrical
power requirements, mean-time-between-failure, development status and cost infor-
mation, functional descriptions and navigation performance data were also solicited.
Included in the specification were baseline mission descriptions and environmental
criteria from section II. Also forwarded to potential contractors were the research task
descriptions and justification (Tasks GN-1 through GN-7 in Part II), along with the stipu-
lation that the baseline subsystem reliability shall not be degraded by such research task
provisions. This implies independent equipments for conducting Research Tasks GN-3
through GN-7, and pertinent equipment descriptions were requested.

The subsystem operational description, functional requirements and performance
requirements are specified as follows:

_Operational description_ manned baseline mission. - Subsystem outputs shall be
utilized during ascent (for backup navigation and guidance), following ascent abort,
during orbital flight, during deorbit maneuvers, and during entry. The navigation and
guidance functions shall be accomplished by parallel primary and backup systems.

Their functional operation and pilot interface is shown in figure 222. Output signals
will be sent to the entry vehicle electronic flight control system, pilot displays, engine
on-off controls and launch vehicle autopilot. Computer provision shall be made for
manual and/or automatic data insertion of ground transmitted information prior to de-
orbit and during the terminal phase of entry, subsequent to communication blackout.
Pilot ability to insert attitude bias commands into the guidance computers shall be
provided. Research task provisions outlined in Tasks GN-1 and GN-2 of Part 1/ shall
be incorporated in the baseline system design.

Functional requirements.-

Prelaunch: The system, on command from associated AGE, will issue outputs to
facilitate subsystem performance verification and inputs to the entry vehicle flight
control system and the launch vehicle flight control system for respective total system
performance verification. When required, the entry vehicle navigation and guidance
AGE will be controlled from a central agency in support of coordinated prelaunch and
countdown activities.

Ascent phase: The entry vehicle primary system functions during ascent to pro-
vide backup navigation and guidance in the event of a launch vehicle guidance system
malfunction. Following detection of such a malfunction, a switchover will be effected,
interfacing the entry vehicle primary navigation and guidance system with the launch
vehicle flight control system. Guidance commands will then be generated for launch
vehicle steering and final stage engine cutoff. Typically, the guidance computation is
performed at 0. 5-second intervals. Associated launch vehicle steering signals are
quantized and issued every 50 milliseconds. The general ascent guidance scheme
shall be assumed similar to that of Gemini.

For purposes of navigation and guidance system malfunction detection, communi-
cation will be required between the entry vehicle computer, launch vehicle computer,
pilot displays, and launch vehicle malfunction detection system. "Fast" malfunction
decisions shall be handled autonomously. "Slow" malfunction decisions shall take
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advantage of the continuous ground track coverage. Consideration shall be given
toward the manner by which the entry vehicle secondary system can be utilized in
malfunction detection.

In a manner similar to the launch vehicle computer, the entry vehicle primary com-
puter will contain a self-check capability. It shall be a goal to minimize the issuance
of improper outputs through suitable self-check routines.

Orbital and deorbit phase: Required navigation data during orbit consists of three-
axis position, velocity and attitude. Position and velocity determination shall be
accomplished by ground tracking networks. Onboard attitude measurement shall
utilize horizon scanners plus gyrocompassing for yaw. Dependence upon precision
attitude to enable a normal landing at the NASA FRC at Edwards Air Force Base
stipulates the provision of a redundant horizon scanner.

Referring to figure 222, the backup system gyros will function in conjunction with
the horizon scanner and gyrocompass loops to provide attitude reference signals
throughout orbit. The primary system shall also be capable of providing the same
attitude signals; however, it shall be partially de-energized after orbital injection,
subject to verification of the backup system attitude reference and of the ground
tracking and command updating link. The primary mode timer, with a preset deorbit
time which is capable of updating, shall function continuously.

Prior to deorbit, the primary system shall be re-energized and aligned, and both
the primary and backup computer-programmers will accept ground transmitted deorbit
commands of required attitude maneuvers, AV and initiation time. These commands
may be executed manually or automatically. Any bank angle (or crossrange) bias
commands needed to compensate, during the entry phase, for orbital plane variations
from the planned nominal, shall also be inserted.

During deorbit thrusting, attitude error signals will be generated by both the
primary and backup systems, with pilot selection provision. Thrust cutoff signals
(to the solid motors) are not needed. However, inertial computations of velocity and
position throughout the deorbit and subsequent entry phases shall be accomplished by
the primary navigation system.

Entry phase: Referring to figure 222, the primary system airborne navigation
computations of position and velocity shall commence at or just prior to deorbit. The
backup system time referenced programmer will be activated at deorbit, but acceler-
ometer measurements will not be inputted to the computer until a preset time corres-
ponding to the nominal time of reaching an altitude of 400 000 feet (122 km). Three-
axis attitude reference signals will be generated by both systems for purposes of
vehicle attitude control (using reaction jets from deorbit until entry into the atmos-
phere, and subsequently using the aerodynamic control surfaces).

Guidance commands shall be computed throughout the atmospheric phase of flight
for purposes of trajectory control. An implicit guidance scheme, using stored tra-
jectory programs plus simple control logic, shall be employed in both the primary
and backup airborne systems. (Terminal guidance based on ground radar tracking
enables correction of airborne system dispersions; the ground based guidance equations
are functionally very similar to those mechanized in the airborne primary computer. )
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Table 71 depicts the guidance logic equations. Their functional operation and
primary-backup guidance system compatibility were previously described. The a c

and _c guidance commands are computed and displayed for both modes, and are

executed manually or automatically; for backup guidance, pitch attitude is used in-

. and _c commands are appropriately limited. Effective moni-stead of a The ac

toring of hypersonic energy management is provided by velocity displays of V m, Vp-

Vm, RTG and _m.

Referring to table 71, computer simulation results indicate that a maximum of

three sets of programmed trajectory parameters (Vp, %bp, _p, and _p) need be stored in

the airborne computer. The proper set will be selected as a function of required
crossrange maneuver prior to deorbit. Each program shall require no more than 50
points of storage, assuming straight line interpolation (versus range-to-go or time)

between points. Each ¢p program shall require a maximum of four discrete values.

In addition, capability shall be provided for manual and automatic insertion of Cbias

guidance inputs from approximately the top of the initial skip until terminal guidance
takeover.

The preferred pitch and roll reference axes, for both the primary and backup systems,
lie in the instantaneous horizontal plane. Yaw attitude shall be referenced to the orbital
plane for exoatmospheric flight. Although yaw is not required for atmospheric entry
guidance, it shall be displayed to enable sideslip bias maneuvers for research tasks.
Primary system output signals during atmospheric entry include angle of attack, back
angle and sideslip angle.

Following ascent abort: To effect a successful recovery following an ascent abort,
the entry vehicle primary system will navigate from liftoff and guide the entry vehicle
to the recovery area. To facilitate guided flight to a recovery area, preprogrammed
recovery site coordinates will be successively set into the entry vehicle primary com-
puter as the ascent phase transpires.

Performance requirements.-

Ascent phase: The 3 _ measurement errors of the entry vehicle primary navigation
subsystem, throughout the ascent phase up until orbital injection, shall not exceed:

Attitude, three-axes: 0. 5°

Position, three-axes: 2000 ft (0. 61 km)

Velocity, three-axes: 12 fps (3.7 m/sec)

Orbital and deorbit phase: Using either the primary or backup system, the 3 a
attitude measurement error about each of three axes, at any time subsequent to one
hour after orbital injection, shall not exceed 0. 3° (using horizon scanning plus gyro-
compassing technique}. Vehicle navigation data of position and velocity will be deter-
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mined by ground tracking, and pertinent data at the planned time of deorbit will be
transmitted to the vehicle. Allowable 3 a errors, including quantization levels associ-
ated with the updata link and the airborne navigation computer input device, are:

Position, three axes: 3000 ft (0. 92 km)

Velocity, three axes: 8 fps (2. 4 m/sec)

For a mission duration of one orbit or less, performance of both the primary and
backup system shall enable a 3 a attitude accuracy at entry of 0. 7° in each axis without
dependence upon the horizon scanners. Primary system 3 (_ measurement errors at
the time of deorbit (or of entry at 400 000 ft (1220 km) of altitude, if deboost is not
used), assuming the above orbital injection accuracies (or better if needed) and no orbital
tracking and updating during the single orbit, shall not exceed:

Attitude, three axes {both primary and backup): 0. 7°

Velocity, three axes: 15 fps (4. 58 m/sec)

Downrange: 10 n. mi. (18. 5 km)

Crossrange: 3 n. mi. (5. 56 kin)

Altitude: 1. 0 n. mi. (1.85 km)

These 3 a values shall include airborne programmer and timer inaccuracies, plus
computer errors in compensating for measured control system deviations at orbital
injection. The latter could include AV thrust shutdown impulse uncertainties of up
to 20 fps (6. 1 m/sec).

Entry phase: Both the primary and backup airborne systems shall be capable of
navigating and guiding the vehicle, in the presence of 3 _ perturbations (including the
deorbit initial condition tolerances previously defined) such that trajectory dispersions
at terminal radar acquisition will be less than half the vehicle maneuver capability
subsequent to acquisition. Acquisition shall be assumed to occur when the line-of-
sight elevation angle from the intended landing site reaches 5. 0° . Subsequent maneuver-
ability will be greater than 40 nautical miles (74. 1 km) in any direction for all research
flights. The 3 a attitude measurement errors at end of flight shall not exceed 1.0 ° for
the primary system and 1.5 ° for the backup.

Following launch abort: Following any launch abort, the primary system navigation
errors through launch, abort and subsequent entry shall not exceed the 3 a values
previously specified. (The backup system need not perform).

Reliability and life. - System design and redundancy provisions shall guarantee a
high probability of satisfactory operation, including normal landing capability. Re-
liability requirements are:

Primary system:

Backup system:

2000 hr (7.2 Msec) MTBF

3000 hr (10. 8 Msec) MTBF
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Design considerations shall enable system reuse with a minimum of reburbishment and
a three-month refurbishment cycle.

Unmanned mission requirements. - For unmanned research test missions, the
primary and backup system requirements are essentially the same as previously de-
scribed with the exception of the pilot display and pilot control functions. Malfunction
detection and switching will rely on self-check features and telemetry data during orbit.
Terminal guidance provisions will enable an automatic, tangential landing via ground
radar tracking and radio command control.

Research task provisions. - In addition to the baseline primary and backup system
requirements defined for each flight, research tasks such as outlined in Part II (Tasks
GN-3 through GN-6) will utilize a third (independent} navigation and guidance system.
The functional and performance requirements for such equipments will be more
stringent, in accordance with the more advanced research objectives defined therein.

5. Baseline Equipment Complement

For vehicle sizing studies and related comparisons, identical navigation and
guidance equipments were installed in each of the five vehicle sizes. This was because
the subsystem specification (in the previous subsection} is applicable to each vehicle
size, and subsystem equipment is not dependent on vehicle size. Equipment selections,
made prior to receipt of potential contractor responses, conservatively included
existing equipments compatible with the specification. These included the Gemini
horizon scanner (dual} and inertial navigation system for the primary mode. The
PRIME guidance equipment, currently being flight tested, is incorporated for the back-
up mode. Realistic, although perhaps conservative numbers, were thereby pro-
vided for vehicle configuration layouts (section HI), weight and balance studies
(section V), and power subsystem studies (section VII. L). Descriptions of recom-
mended and alternative equipments are included in Part VII for the D/3 vehicle.
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F. ELECTRONIC FLIGHT CONTROL SUBSYSTEM

1. Design Criteria, Tradeoffs and Recommended Approach

The electronic flight control subsystem generates output signals to the reaction
jets and to the surface control actuators in accordance with input commands from the
pilot's hand controller or the guidance computer (primary or backup as indicated in
fig. 222).

Functionally, the electronic flight controls must be capable of augmenting basic air-
frame damping and response characteristics in beth the aerodynamic and exoatmos-
pheric regimes. In most cases, this subsystem provides transmission of, performs
logic decisions on, and provides compensation to control signal inputs from the guidance
computer and/or pilot. It must provide the means for pilot command inputs which
result in consistent predictable responses. It must also provide various operating
modes, and limit angle of attack and normal acceleration for the aerodynamic portion
of the entry phase.

Because of the emphasis on maximum utilization of proven techniques and equip-
ments compatible with vehicle research potential, an investigation was first conducted
of current subsystem technology and research needs.

The electronic circuits required to provide the flight control functions are, for the
most part in today's state-of-the-art, implemented using analog circuit designs. Some
hybrid circuit designs have been used and there is one operational vehicle (Minuteman)
which employs a digital flight control system. Using microelectronics representative
of today's state-of-the-art, electronic systems are being developed employing multiple
redundancy to provide fail-operational capability. In addition, the inherent reliability
of the integrated circuit is anticipated to exceed that of discrete component implementa-
tion. The Air Force is currently funding the development of a redundant flight control
system, TRISAFE (Triple Redundancy Incorporating Self-Adaptive Failure Exclusion),
to be implemented on an F-101B for flight test. The F-111 flight control electronics
are multiple redundant and provide fail-safe operation. The X-20 had a multiple re-
dundant adaptive flight control system which provided a combination of aerodynamic
surface control, reaction control, and thrust vector control. The SV-5P, being de-
veloped by Martin Marietta under Air Force contract, has a redundant stability aug-
mentation system which employs three parallel channels per axis.

From a system point of view, the technology status of flight control for manned
applications indicates that complete fly-by-wire systems which will be feasible by the
1970 time period. While certain modes of operation are fly-by-wire in many current
manned vehicles and fly-by-wire is planned for the primary system on the supersonic
transport, no complete fly-by-wire system (without mechanical backup) is operational
to date.

As a result of the technology assessment, subsystem tradeoff studies concentrated
on

(1) Complete dependence on pilot fly-by-wire inputs to the surface control
actuators versus a mechanical link (for backup at least)
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(2} Useof conventionalversus adaptive(or supervisory loop} techniquesfor
varying the autopilot gainsand surface trim settings

(3) Analog-versus-digital mechanizations.

The tradeoffs also considered the projected status of pertinent hardware developments,
as well as the specific HL-10 research task requirements defined in Part II.

The configuration recommended for the research flight vehicles uses conventional
gain programming for stability augmentation, as do the HL-10, M2-F2 and SV-5 drop
test vehicles. However, unlike the drop test vehicles, pilot commands are by fly-by-
wire inputs. Weight and performance considerations strongly indicated this fly-by-
wire approach, for both research flights and potential operational missions.

The system (fig. 234} makes use of three parallel channels per axis, with automatic
switching via electronic comparators or hydraulic transfer valves. This results in
any malfunction being detected and switched out, and a redundant channel substituted,
before control surface motions can cause vehicle loss. The proposed redundancy will
enable pilot concentration on the desired research tasks (e. g., pilot execution of the
planned angle of attack offset maneuvers for measuring vehicle characteristics}, despite
a single channel failure.

The approach is to program gain changes as functions of sensed body axis accelera-
tion at hypersonic speeds (as in the PRIME flight test vehicle program} and sensed
Mach number at lower speeds (as in current drop test vehicle programs}. A potential
problem involves the necessary heat shield protection of the Mach sensors during
hypersonic flight, and Mach sensor redundancy provisions. This problem is the subject
of Research Tasks FC-2, GN-6 and GN-7 described in Part II. An attractive backup
would use the inertial navigator velocity data, updated by terminal ground tracking and
command control (Task GN-6}, for gain changing.

Alternative approaches recommended for entry flight research and evaluation include
adaptive and digital mechanizations, the research tasks for which are described as
Tasks FC-2 and FC-3 in Part II.

2. Performance Evaluation

Substantiation of the performance capabilities of the recommended approach, in-
cluding handling qualities, requires stability analyses and computer simulations at all
flight conditions. These conditions must include the dynamic pressure extremes during
atmospheric entry, and possible malfunction situations. Dynamic response studies
of HL-10 vehicle characteristics to date have been limited to the low hypersonic, tran-
sonic and subsonic flight conditions. These evaluations are based on comprehensive
wind tunnel results of the HL-10 drop test vehicle, and indicate that satisfactory han-
dling qualities will be realized with conventional programming of the attitude rate gains.
Results to date also indicate that handling qualities will be acceptable, without yaw
damping, when flying on the back side of the L/D versus a curve (the rudder is ineffec-
tive at the higher angles of attack associated with hypersonic flight}. Consequently,
reaction control does not appear needed during atmospheric flight, and the jet actuators
can be de-energized after the initial entry unless subsequent analyses show the need
for yaw damping. Jet damping evaluation during atmospheric flight is the subject of
Research Task FC-4 in Part II.
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3. Electronic Flight Control Specification

A preliminary subsystem specification, based on the proposed approach, was pre-
pared, and was sent to potential contractors along with requests for applicable technique
and equipment recommendations. In addition to equipment size, weight, electrical
power requirements, mean-time-between-failure, development status and cost informa-
tion, functional descriptions and performance data were also solicited. Included in the
specification were the baseline mission descriptions and environmental criteria de-
scribed in Section II. Also forwarded to potential contractors were the research task

descriptions and justifications (Tasks FC-1 through FC-4 in Part H), and pertinent
research equipment descriptions were requested.

Subsystem operations, functional requirements and performance requirements
specified were:

Operational description.- Subsystem outputs shall be utilized for entry vehicle con-
trol at all times subsequent to boost vehicle separation. During ascent, it shall be
capable of immediate operation following any boost malfunction. During exoatmospheric
flight, output signals from the electronic flight control subsystem will generate on-off
commands to reaction jet solenoid valves for three-axis stabilization and vehicle orien-
tation. During atmospheric flight, the output signals will position the aerodynamic
surface actuators.

Functional requirements, atmospheric flight control system.- A functional block
diagram of the aerodynamic flight control system and pilot interface are shown in
figure 234. (For purposes of subsystem definition, hydraulic valves, actuators, as-
sociated power generation, electric trim actuators and pilot displays are not considered
part of the electronic flight controls system.) The roll and yaw functional operation
is similar tothat shown in figure 234. However, automatic yaw guidance commands
are not utilized, and the electronic mixing is not required for rudder operation. Output
signals A, B and M in figure 234 are electronically compared (e. g., using midvalue
logic), and either the A or B signal is routed to the right elevon tandem actuators; the
left elevon command signal is similarly determined. The configuration uses conven-
tional gain programming for stability augmentation at hypersonic speeds; attitude rate
gains are hypersonically programmed as a function of sensed body axis acceleration,
and below hypersonic speed are programmed as a function of sensed Mach number (or
of ground-updated inertial navigation velocity). This programming must be compatible
with all flight conditions, including those following ascent abort. Pilot commands are
by fly-by-wire inputs. Triple electronic channels in each axis, with automatic switching
via electronic comparators (or hydraulic transfer valves) are tentatively recommended.
Redundancy and automatic switching provisions shall enable pilot concentration on the
flight maneuvering desired for research tasks despite a single-channel failure in any
axis. The pilot gain select switch will set the rate gains at a predetermined safe
value (or zero) in the event of air data malfunction.

Functional requirements, exoatmospheric flight control system.- Exoatmospheric
attitude control about each axis will be functionally similar to that shown in figure 234,
with two exceptions:

(i) Rate gains will not be programmed.
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(2) Electronic output commands (A, B and M) will go to an electronic volting
circuit prior to roll-pitch mixing. The proper signal will then be routed to
dual hysteresis switch circuits, and then to dual jet solenoid valves.

The electronic circuitry in figure 234 shall be common to both aerodynamic and reaction
jet control modes whenever advantageous to subsystem reliability.

Performance requirements.-
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Exoatmospheric control: Required attitude accuracies are:

(1) Boost separation transients: +_l°/sec maximum rate

+ 5 ° maximum displacement

(2) Deorbit thrusting + 1.0 ° maximum displacement

(3) Required vehicle orientation rates prior to and following deorbit are + 2°/sec.

During coast, jet control circuits shall provide a minimum on-time capability of 20
milliseconds.

Atmospheric control: Required 3a attitude control accuracies are + 0.7 ° with respect
to the inertial navigation reference axes.

Handling qualities: During all flight phases, the electronic flight control system
shall maintain satisfactory handling quality characteristics whenever the pilot exer-
cises manual control using his hand controller.

Reliability and life.- System design and redundancy provisions shall guarantee a
high probability of satisfactory operation, including normal landing capability. Reli-
ability requirements are a minimum of 10 000 hours (36 Msec) MTBF, where a failure
is defined as a two-channel failure in any axis. Design considerations shall enable
system reuse with a minimum of refurbishment and a three-month refurbishment cycle.

Unmanned mission requirements.- Flight control system requirements are the
same for unmanned research test missions, with the exception of the pilot input com-
mands.

Research task provisions.- Certain research tasks (e. g., Tasks FC-2 and FC-3
of Part II) may require substituting another mechanization for the subsystem defined
above.

4. Subsystem Equipment

For vehicle sizing studies, identical electronic flight control system equipments
were installed in each of the five vehicle sizes since the subsystem as a whole and the
equipments are independent of vehicle size. Equipment selections made prior to receipt
of potential supplier responses were conservatively based on techniques and equipments
developed for the Dyna-Soar a_l X-15 programs (the equivalent of the Honeywell MH-132
subsystem was assumed). Thus, realistic, although perhaps conservative, characteristics
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were provided for vehicle layout, weight and balance, and power requirements studies.
Detailed descriptions of various applicable equipments for the selected vehicle are

presented in Part VII.
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The flight control actuation system consists of the equipment necessary to move and
position the aerodynamic control surfaces in response to electrical signals from the
electronic flight control system. The system must provide torques to meet maximum
surface hinge moments, and must provide surface slew rates to meet stability and con-
trol requirements.

1. Functional Requirements

The following general requirements apply to the design of the control actuation sys-
tem, and are independent of the system type or configuration. Required aerodynamic
control surface deflections as a function of Mach number are as shown in section II.
The elevons and rudders are fully proportional within the ranges specified. Elevon
flaps and tip fin flaps are bias surfaces that are moved to specific positions and held.
Design hinge moment coefficients and design dynamic pressures, for both normal entry
and abort, are presented in section II. Hinge moment coefficients are based on the ex-
perimental data of references 54 and 55 for the trimmed flight condition at transonic
speeds, and are estimated from the pressure distribution data for hypersonic speeds
contained in reference 56. A minimum safety factor of 1.2 has been applied to these
data. Required surface slew rates for the elevons and rudders are 0° to 30 ° per sec-
ond at no load, and 0° to 15 ° per second at 2/3 the design hinge moment.

The control actuation system must withstand the environments specified in section II
without damage or detriment to mission performance. It must be redundant so that no

single failure will result in loss of aerodynamic control. Two independent subsystems
are necessary, either of which will meet the requirements of normal entry and landing.
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2. Effect of Vehicle Size

The control actuation system is sensitive to vehicle size. Control surface hinge
moment requirements are proportional to the product of the control surface area and
average chord. Therefore, for various sizes of the same configuration, the hinge mo-
ments are proportional to the cube of the vehicle length. Other design parameters (dy-
namic pressureS, slew rates, duty cycle, and environments) are essentially independent
of vehicle size. Since control actuation system weight and power requirements are ap-
proximately proportional to hinge moment requirements, system weight and power vary
approximately as the cube of vehicle length.

3. Alternate Designs and Tradeoffs

Several general types of hydraulic systems and a typical electromechanical system

were considered in this study. A baseline hydraulic system was defined, and the al-
ternative systems were compared with it. _rincipal basis for comparison among
the systems was total system weight, system power requirements, and an estimate of
the relative complexity and reliability potential.
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Baseline hydraulic system. - The baseline hydraulic system is a dual active, single
pressure system. The two redundant hydraulic subsystems are active simultaneously,
and share the load at the actuator. Either of the redundant subsystems will meet the
load requirements of normal entry and landing. Both subsystems together will meet
the peak loads possible during ascent abort. Both subsystems operate at constant
pressure throughout the flight.

The baseline system is as shown schematically in figure 235. Each of the redundant
subsystems consists of an electric motor-driven hydraulic pump, a reservoir, an ac-
cumulator, filters, miscellaneous valves, and one-half of a dual-tandem servoactuator
for each control surface. Each servoactuator includes servo valves, transfer valves
and switching logic, which permit continued safe operation should either subsystem
pressure fail. Each pump is a variable-volume, pressure-compensated type which
maintains a constant supply pressure at a flow rate equal to system demand.

System analysis: The following analysis of the baseline hydraulic system derives
major component sizes and system power requirements as a function of elevon hinge
moments, duty cycle, and the previously stated general requirements. Symbols and
units are as defined in Table 74. Values for baseline system parameters are calcu-
lated as follows, and are presented in Table 75.

For tradeoff purposes, the elevon hinge moment requirements corresponding approxi-
mately to a C-size (4-man) vehicle were assumed.

Abort conditiom MA = 10,000 ft-lb F (13. 56 kN-m} per elevon

Normal entry. MN = 3600 ft-lb F (4. 88 kN-m} per elevon

The design hinge moment, M0, for each of the redundant subsystems must equal MN

or one-half of MA (whichever is greater} to meet the redundancy criteria for the base-

line system. Therefore, M 0 equals 5000 ft-lbF (6.78 kN-m}.

The required actuator area, A, and stroke, B, are direct functions of the design

moment, M0, system design pressure, P, and the control horn geometry. With appro:-

priate units, these relationships are as follows:

A ____

M 0

E H PC cos 5max.

B = 2C sin 5
max.

At a system pressure, P, of 3000 psi (20.68 MN/m2}, a horn length, C, of six inches

(0.152 m), a maximum deflection, 5, of 40 ° , and an overall hinge efficiency, E H, of

85 percent, the actuator area and stroke become:

A = 0.00102 M0in.2 (0.490M 0m 2)

B = 7.8in. (0.198m)
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TABLE 74

FLIGHT C ONTROL ACTUATION SYMBOLS AN D UNITS

Units

I
I
I
I

Symbol

A

B

C

D

E

E H

E M

E
P

H

H R

r_

L

MA

M N

M o

P

q

Q

Qo

QR
R

W

Parameter

Actuator area

Actuator stroke

Control horn length

Actuator displacement

Energy

Hinge and actuator efficiency

English

2
in.

in.

in.
3

in.

kW-hr

m_

Motor efficiency

Pump efficiency

Pump input power

Pump rated power

Motor input power

Motor rated power

Vehicle reference length

Abort hinge moment

Normal hinge moment

Design hinge moment

Hydraulic pressure

Dynamic pressure

Pump output flow

Minimum leakage flow

Pump rated flow

Elevon slew rate

Time

Weight

Elevon deflection

--B

hp

hp

kW

kW

ft

ft-lbF

ft-lbF

ft-lbF

psi

psf

gpm

gpm

gpm

deg/sec

hr

lbM

deg

Metric

M 2

m

m

3
m

MJ

m_

.n

kW

kW

kW

kW

m

kN-m

kN-m

kN-m

MN/m 2

kN/m 2

cc/sec

cc/sec

cc/sec

rad/sec

sec

kg

rad

I

I
!

I
I

I

I
i
I

I
I
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SYSTEM TYPE TRADEOFF

System

Redundancy type

Pressure range

Abort moment, MA, ft-lbF (kN-m)

Design moment, M0, ft-lhF (kN-m)

Actuator area, A, in. 2 (cm 2)

Bated flow, QR' gpm (cc/sec)

Stan&y flow, QS' gpm (cc/sec)

Entry flow, QE' gpm (cc/sec)

Lanc_Ing flow, QL' gpm (cc/sec)

Rated pmnp input, HR, hp (kW)

Entry and landing pressure, P, psi (MN/m 2)

Bated motor input, KWR , kW

Stan_y motor power, KWS , kW

Entry motor power, KWE, kW

Landing motor power, KWL, kW

Ascent electrical energy, E S (Kws x 0.16 hr),

kW-hr (/Via')

Entry electrical suergy, E E (KwE x 0.67 hr),

kW-hr (MJ)

Landing electrical energy, E L (KwL x

0.17 hr), kW-hr (lVIJ)

!Active subsystem electrical energy,
kW-hr (MJ)

i Stan_y electrical energy (Kws x 1. 0 hr),

kW-hr (MJ)

Total electrical power (two subsystems), ET,

kW-hr (MJ)

Weight of hydraulic and electrical equipment,

WE, lbM (kg)

Weight of batteries, WB, lbM (kg)

Total weight, WT, IbM (kg)

Baseline Alternative No. 1 Alternative No. 2 Alternative No. 3 Alternative No. 4

A/A

Single

10 000 (13.6)

5000 (6.78)

5.1 (32.9)

4.6 (291)

o. 82 (52)

1.24 (78)

2.08 (132)

9.5 (7.1)

3000 (20.7)

9.5

3.52

4.18

5.51

0.56 (2.02)

2.81 (10.1)

0.94 (3.38)

4.31 (15.5)

x2

8.62 (31. 0)

415 (189)

345 (156)

760 (345)

A/S

Single

10 000 (13.6)

10 000 (13.6)

10.2 (65.8)

8.8 (556)

i. 24 (78)

2.08 (132)

3.76 (238)

18.1 (13.5)

3000 (20.7)

18.1

6.22

7.55

9.87

1. oo (3.6)

5. o5 (18.2)

1. 68 (6.1)

7.73 (27.9)

6.22 (22.4)

13.95 (50.3)

730 (332)

560 (254)

1290 (586)

A/S

Single

10 000 (13.6)

10 000 (13.6)

10.2 (65.8)

8.8 (556)

1.24 (78)

2.08 (132)

3.76 (238)

18.1 (13.5)

1500 (i0.3)

18.1

4.42

5.09

6.25

1.00 (3.6)

3.41 (12.3)

i. 06 (3.8)

5.47 (19.7)

4.42 (15.9)

9.89 (35.6)

730 (332)

396 (186)

1126 (512)

A/A

Dual

10 000 (13.6)

5000 (6.78)

5.1 (32.9)

4.6 (291)

0.82 (52)

1.24 (78)

2.08 (132)

9.5 (7.1)

1500 (10.3)

9.5

2.45

2.78

3.45

0.56 (2.02)

1.86 (6.7)

0.59 (2.12)

3.01 (10.84)

x2

6.02 (21.68)

415 (189)

240 (109)

655 (298)

A/A

E lectromechanica]

10 000 (13.6)

5000 (6.78)

Input per motor

1.3

0.13

0.24

0.35

0. 021 (0. 076)

0. 161 (0.58)

0.06 (0.216)

0.242 (0.872)

x4

0.97 (3.49)

194 (88)

40 (18)

234 (106)

I
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The pump flow demand, Q, is a direct function of actuator area, A, surface slew rate;

R, and the minimum servo valve leakage, Q0" For both elevons moving simultaneously:

Q =2ARC cos 6 +Q0

Using area, A, equal to the design value from the previous paragraph, and a surface
deflection, 6, equal to zero, the flow demand becomes:

Q = 5.6x 10 -5 MoR+Q0gpm (149 MoR+Q0cc/sec)

The minimum servo valve leakage, Q0' is the total first stage leakage of all the servo-

actuators per subsystem. The first stage leakage is essentially constant, regardless of

second stage size. For four actuators per subsystem:

Q0 = 0.4 gpm (25.3 cc/sec)

The second stage null leakage is assumed to be 5 percent of the actuator design flow
rate. Since the actuator design rate is 30 ° persecond, the second stage null leakage

is equivalent to a rate of 1.5 ° per second. Pump flow demand, Q, as a function of
eleven slew rate, R, is as shown in figure 236a.

The hydraulic pump is sized to produce a simultaneous elevon slew rate of 15 ° per

second without the accumulator. Rated pump flow, QR' as a function of design hinge

moment, M0, is as follows:

QR = 0.00084 M 0 + Q0 gpm (39 M 0 + Q0 cc/sec)

This relationship is shown in figure 236b.

The hydraulic pump rated input horsepower, H R, at a rated pressure, PR' of 3000

psi (20.68 MN/m2), at a full load efficiency, Ep, of 85 percent, and at rated flow, QR'
is:

H R -

QR PR

1714 x E
P

_ _QR PR

2" 06 QR hP _E_ x _03
0. 0244 QR k t

Variation of pump input horsepower with output flow and pressure is assumed to be that

shown in figures 236c and 236d.

Rated pump motor input power, KWR, at a full load efficiency, E M, of 75 percent is:

0.746 H R

KWR - EM - 1.33 H R kW

Variation of motor input power with output is assumed to be that shown in figure 236e.

The hydraulic system duty cycle is considered in three phases: ascent, entry and
landing. During ascent, the system operates in a standby mode so that it can rapidly
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provide control in the event of ascent abort. Both subsystems operate at rated pressure
and a flow rate equal to the total servo valve leakage. During entry, from an altitude of
400 000 feet (122 km} to 100 000 feet (30.5 km}, both subsystems operate at rated pres-
sure and at an average flow rate equivalent to continuous elevon slew rates of 3° per sec-
ond. During landing, from 100 000 feet (30.5 km) to touchdown, both subsystems operate
at rated pressure and at an average flow rate equivalent to continuous elevon slew rates
of 6 ° per second. It is a characteristic of a hydraulic control system that the power input
is a function only of system pressure and flow rate, and is not a function of the actual loads
encountered or work done. Therefore, defining the average surface rates defines the power
required, regardless of the trajectory flown, actual hinge moments or surface movements.

The total energy required for operation of the baseline hydraulic system during a
typical flight is shown in table 75.

The average flow and motor input are calculated for each phase and the total kilowatt-
hours are summed for both subsystems. This total energy determines the weight of bat-
teries that must be carried in the entry vehicle for operation of the control actuation sys-
tem.

The total actuation system weight is the sum of the weights of the hydraulic equipment,
associated electrical equipment (relays and wiring), and the associated batteries. The

total equipment weight (hydraulic plus electrical}, WE, is found to be approximately a
direct function of the design hinge moment.

WE =100 +0.063M 01b

The battery weight, WB, is a direct function of the total energy required.

W B = 40 lb/kW-hr (5.04 kg/MJ}

Total actuation system weight, WT, is the sum of the equipment and battery weights:

WT =W E +W B

The values of the principal parameters for the baseline system, from the preceding
analyses, are presented in table 75.

Alternative hydraulic System No. 1.- Alternative No. 1 is an active/standby, single
pressure system. One of two redundant hydraulic subsystems is normally active and
meets all system requirements, while the second subsystem operates in a standby mode
at full pressure, but does not power the control surfaces. In the event of any failure in
the active system, the control is automatically switched (at the servoactuator) from the
active system to the standby system. Both subsystems operate at constant pressure
throughout the flight. This type of redundant hydraulic system was used in the Gemini
Launch Vehicle (Stage I).

Analysis and summary: Alternative System No. 1 was analyzed using the same cri-
teria and assumptions used for the baseline system analysis. The principal difference

is that the subsystem design hinge moment, M0, must equal the abort moment, MA,

since only one subsystem is active during possible abort. Therefore, M 0 for this sys-

tem equals 10 000 ft-lb (13.56 kN-m) per elevon, compared with 5000 ft-lb (6.78 kN-m)
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•per elevon for the baseline system. The other difference from the baseline system is
that the secondary subsystem operates in a standby mode at a lower power level than
the primary subsystem. Principal system parameters are shown in table 75.

Comparison with baseline. For Alternative System No. 1, the actuator, pump and
motor sizes are almost twice the size of those for the equivalent baseline system, re-
sulting in a system-installed weight almost twice as great as the baseline system. In
addition, the total energy required is 160 percent that required by the baseline system.
Therefore, on a weight and power basis, this system is a very poor choice when com-

pared with the baseline system. '::', _._._,_-.._ .

Advantages this active/standby system has over the baseline dual active system are
that it provides redundancy at the abort loads, and that the transfer valving and switch-
ing logic in the servoactuator is somewhat simpler. These small advantages, however,
do not justify consideration of this system.

The active/standby system would show a weight advantage over the dual active sys -

tem only in a case where the normal hinge moment, MN, closely approaches the abort

hinge moment, MA. In such a case, the greater equipment weight of the active/standby

system would be offset by lower battery weights due to its lower total energy usage.

Alternative Hydraulic System No. 2.- Alternative System No. 2 is an active/standby,
dual pressure system. This is the same as Alternative System No. 1, except that both
subsystems are operated at full rated pressure during the ascent phase, to meet pos-
sible abort loads, and are operated at one-half rated pressure during the entry and land-
ing phases to meet the lower normal loads. This would substantially reduce system total
energy requirements, with a slight increase in pump weight and complexity.

Analysis and summary: Alternative System No. 2 is an active/standby system. There-

fore, M 0 = MA = 10 000 ft-lb (13.56 kN-m) per elevon at full rated pressure. At one-half

rated pressure, the moment capability is 5000 ft-lb (6.78 kN-m) per elevon for either the
primary or standby subsystems. Principal system parameters are shown in table 75.

Comparison with baseline and Alternative System No. 1: For the Alternative System
No. 2, the actuator, pump and motor sizes are exactly the same as for Alternative Sys-
tem No. 1, and are almost twice the size of those for baseline system. The total energy
requirement of this system is 71 percent of that of the Alternative System No. 1, but is
115 percent of that of the baseline system. Therefore, on a weight and power basis, this
system is a poor choice when compared with the baseline system. It was thought that
power savings resulting from dual pressure operation might offset the higher equipment
weight of the active/standby system, but did not in this case. However, Alternative Sys-
tem No. 2 does show a total energy advantage over Alternative System No. 1.

Alternative Hydraulic System.No. 3.- Alternative System No. 3 is a dual active, dual
pressure system. This is the same as the dual active baseline system, except that both
subsystems are operated at full rated pressu.re during the ascent phase and are operated
at one-half rated pressure during the entry and landing phases. In the event of one sub-
system failure, the pressure of the remaining subsystem must be boosted to full rated
pressure to meet the normal moment requirements. This system would reduce the total
energy requirements.
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Analysis and summary: Alternative System No. 3 is the same as the baseline sys-
tem except for the power and energy requirements. Principal system parameters are
shown in table 75.

Comparison with baseline: For the Alternative System No. 3, the actuator, pump
and motor sizes are exactly the same as those for the baseline system. Total energy
requirements are 70 percent of that of the baseline system. This system, therefore,
shows a power advantage over the baseline system. Tending to offset this advantage,
however, is the additional system complexity and weight associated with a dual pres-
sure system. Special dual pressure pumps, larger accumulators and additional pres-
sure monitoring and switching equipment are required.

Dual active versus active/standby hydraulic systems. - The preceding analyses show
the dual active type system to be much lighter in weight than the equivalent active/standby
system for the typical HL-10 design conditions. This is because the hinge moment re-

quirement for normal entry, MN, is less than half the hinge moment requirement for

abort conditions, MA, which results in a low subsystem design moment, M0, for the

dual active type system as compared with the active/standby type system.

If the value of the normal entry moment, MN, were a larger percentage of MA, the

weight advantage of the dual active type system would be decreased. This effect is

shown in figure 237, where system weight is plotted against the ratio MN/MA, for

MA = 10 000 ft-lb (13.56 kN-m).

Figure 237a shows that the equipment weight of the dual active system is 57 percent

of that of the active/standby system at low values of MN/M A, and increases to 100 per-

cent at MN/M A = 1.

Figure 237b shows that the battery weight of the dual active system is 62 percent of

that of the active/standby system at low values of MN/MA, and increases to 111 percent

at MN/M A = 1. This shows that, for the same design moments, the active/standby sys-

tem is more efficient than the dual active system. However, this advantage is not as
large as might be expected due to large power losses in the standby mode.

Figure 237c shows that, based on total system weight, the dual active system has a

weight advantage for all values of MN/MA <__0.95. At MN/M A = 1, the active/standby

system has a five percent weight advantage.

This analysis leads to the conclusion that, for the HL-10 research vehicle, the dual
active system is superior to an active/standby system. This conclusion is important,
since it establishes the requirements for load sharing and for the switching logic within
the servoactuators.

Alternative Electromechanical System No. 4.- The electromechanical elevon actua-
tion system is a dual aetive redundant system (fig. 238). Two independent electric
motors, driving through independent clutch servos, are connected to a differential gear
box which adds these inputs. The single output of the gear box is carried by drive shafts
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EQUIPMENT WEIGHT, W E BATTERY WEIGHT, W B

X 102 ..^

_, _ / 270

_ ." -' _ _ ---7_---f -'_°_°
I 2>,/ _ -9o 2- el _ -9o

O i ' " 0 I
O .5 I .O O .5 I .O
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I 180
40 5 I 0

MN/M A

FIGURE 237. SYSTEM TYPE TRADEOFF
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DESCRIPTION

MOTOR, 26 VDC, 1.3 HP

CLUTCH SERVO

DIFFERENTIAL GEARBOX

DRIVE SHAFT

POWER HINGE

MECHANICAL EQUIPMENT, TOTAL

ELECTRICAL EQUIPMENT

BATTER _S _: ,,

SYSTEM TOTAL

QTY
PER SYS

4

4

2

4

4

WEIGHT

LBM KG

56 254

32 145

12 55

32 145

50 227

182 826

12 5.5

40 18.2

234 106.3

FIGURE 238. ELECTROMECHANICAL ELEVON ACTUATOR
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to power hinges positioned at each end of the elevon and located on the centerline of

rotation. The system is sized to meet the abort hinge moment, MA, with both power

hinges and either motor operating.

Both motors together produce the maximum design slew rate, 36 ° per second, and
either motor alone produces a maximum of half of the design slew rate, 18° per second.

In normal operation, both motors run continuously, driving flywheels which provide
a source of energy to the input of the clutch servos. Each clutch servo consists of two
clutches (one for clockwise output and one for counterclockwise output) and a brake which
holds the output position when neither clutch is engaged. The tristable clutch servos are
controlled by electrical signals from the flight control system which produces CW, CCW
or hold commands. Proportional slew rates are approximated by a series of alternate
move and hold commands which produces a stair-step type elevon movement. Both
clutch servos on a control surface receive the same input signals, and the output rates
are added in the differential gear box. In the event of failure of one motor or one clutch
servo, the differential gear box allows the remaining motor to drive the elevon while the
failed input is held.

System analysis: The electromechanical elevon actuation system was analyzed using
the same criterion and assumptions used for the baseline system analysis. An abort

hinge moment, MA, of 10 000 ft-lb (13.56 kN-m) per elevon was assumed, which re-

sulted in a design moment, M0, of 5000 ft-lb (6.78 kN-m) for each motor, clutch servo

drive shaft and power hinge. A maximum slew rate of 36 ° per second was assumed,
compared with 30 ° per second for the hydraulic systems, to provide a 60 percent rate
redundancy of 18° per second in the event of one motor failure.

The electromechanical system, unlike the hydraulic system, uses power propor-
tional to the actual loads on the elevons. The average elevon hinge moment was con-
servatively assumed to be equivalent to one-half the maximum moment coefficient times
one-third the abort dynamic pressure, or 1670 ft-lb (2.26 kN-m) per elevon. The rated
size of the electric motors was found to be 1.26 horsepower (0.94 kW) each, based on
an average moment of 835 ft-lb (1.13 kN-m) per motor, an average slew rate of 6 ° per
second, an overall gearing efficiency of 50 percent, a factor of two to meet peak loads,
and another factor of two to allow for double the average rate operation in the event of
one motor failure. Motor input power was calculated based on the average moment
and average slew rate for each of the phases. Total energy was calculated as the product
of the power input, the operating time per phase and four motors per system. Principal
parameters are presented in table 75. Note that power input is shown per motor, and
that two motors in this system are equivalent to one motor in the hydraulic systems.
An estimated weight breakdown is shown in figure 238.

Comparison with baseline hydraulic system: The electromechanical elevon actuation
system sh6ws a substantial weight advantage over the baseline hydraulic system. Total
equipment weight (exluding batteries) is approximately one-half, and the battery weight
is approximately one-eighth, the baseline system weight. The low battery weight re-
sults from the inherent low power demand of the electromechanical system, which uses
power proportional to the actual load, as compared with the hydraulic system which
uses power equivalent to the maximum design load, regardless of actual load.
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When overall vehicle weight and balance are considered, however, the weight ad-
vantage of the electromechanical system is not as great as system weight values indi-
cate. Proper vehicle balance requires a hi£h'_ongCntration of weight in the nose, and
the batteries (along with additional ballast) are used to_ovide it. Therefore, any
sav'mg in battery weight is offset by addition of inert ballast to maintain proper balance.
Also, the lighter equipment weight of the electromechanical system does not greatly
improve the balance problem, because the electromechanical system is mounted in a
rearward location within the elevon, whereas the hydraulic system is located forward
of the elevon. It is estimated that the electromechanical system installation would re-
quire the addition of approximately 250 pounds (114 kg) of ballast in excess of that re-
quired for the equivalent baseline hydraulic system. This reduces the weight advantage
of the electromechanical system to 276 pounds (125 kg) which is still substantial.

The principal drawback of the electromechanical-type system is that it is in an early
stage of development and, therefore, would require much more work before a reliable,
man-rated system could be available.

4. Selected System for Five Vehicle Sizes

This subsystem defines the control actuation systems for the five vehicle sizes
considered. The system designs are based on the design environment, requirements
and criteria specified in section II. The systems are defined parametrically as a func-
tion of vehicle size and the equivalent design hinge moments. For each vehicle size,
major component sizes, system input power requirements and the estimated system
weight are calculated. The system schematic, general arrangement and design phil-
osophy are the same for all vehicle sizes.

The control actuation system consists of a hydraulic system for actuation of the pri-
mary flight control surfaces (elevons and rudders), electromechanical actuators for the
secondary bias surfaces, and the control surface bearings.

The hydraulic system is the baseline system previously defined: a dual active, sin-
gle •pressure system. Two redundant hydraulic subsystems operate simultaneously and
share the hinge moment loads at the actuators. The system is shown schematically in
figure 235. Each of the redundant subsystems consist of an electric motor-driven hy-
draulic pump, a reservoir, an accumulator, filters, miscellaneous valves, and one-half
of a dual tandem servoactuator for each elevon and for each rudder surface. Evapora-
tive cooling is provided for the hydraulic fluid and the electric motor.

I

I

I

I

Design hinge moments.- The design hinge moment for each control surface is the prod-
uct of the design dynamic pressure, design hinge moment coefficient, surface area and
average chord. The values of the design hinge moments for each control surface and each
vehicle size are presented in table 76.

For the elevons, two design hinge moments are shown. The abort moment based on

q = 1200 psf (57.46 kN/m 2) represents a condition which may occur during the pullout

from an ascent abort. The normal moment based on q = 400 psf (19.1 kN/m 2 represents
the maximum moment associated with the planned entry and landing maneuvers. The

redundancy criteria require that each of the two hydraulic subsystems be designed to
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meet either the normal moment or one-half of the abort moment, whichever is greater.
In this case, one-half of the abort moment is the design value.

The abort condition is not critical for control surfaces other than the elevons because

they are not deflected at the high dynamic pressures occurring during abort.

Variation of elevon design hinge moment with vehicle size is shown in figure 239.
The rapid increase of moment with size is apparent, as the moment more than doubles
from the A size vehicle to the E size vehicle.

System size and power requirements.- The system size and power requirements are
derived using an analysis similar to that used for the hydraulic system tradeoffs. This
analysis includes the effects of the rudder duty cycle, although rudder effects are al-
most negligible.

Typical values of pump flow and pump input horsepower as a function of average
elevon slew rate are shown in figure 240 for a D size vehicle. The flow and power are
constant below the 1.5 ° per second rate, which is equivalent to the null leakage of the
servo valves.

This figure shows that the pump input horsepower during standby (zero rate) equals
almost 80 percent of the power required during entry (3 °/sec). This illustrates the
basic inefficiency of the hydraulic system, which results from the null leakage of the
servo valves and the inherent power losses in the pump when operating at full pressure
and low flow rate.

Principal system parameters for the five vehicle sizes are shown in table 77.
Actuator loads and areas, pump flows, and pump input horsepowers shown are for each
of the two redundant subsystems. The system flow rates define the pump size and the
sizes of the filters, valves, accumulator and interconnecting tubing. The average pump
input horsepowers define the size of the pump drive motor. Actuator areas and stroke
define actuator sizes.

The total electrical energy required to operate the hydraulic system 'is defined by
the motor input power and the operating time. The maximum operating times are as-
sumed to be 10 minutes (600 sec) for the landing phase, 40 minutes (2400 sec) for
the entry phase, and 10 minutes (600 sec) for the landing phase. The average motor
power input as a function of operating time is shown in figure 241. The area under this
curve is the total energy requirement.

System weight estimate. - The weight of the control actuation system is a significant
factor in the comparison of the five vehicle sizes. Total system weight (including bat-
teries) represents approximately sevenpercent of the entry vehicle weight, and is sen-
sitive to vehicle size. The weights of the hydraulic and electromechanical equipment for
the five vehicle sizes, shown in table 78, include the pump motor and the electromechan-
ical actuators for the secondary control surfaces. The weight estimates are based on
parametric scaling of weight versus size for typical equipment items.

The weights of electrical equipment and batteries for the five vehicle sizes, shown
in table 79, include relays, contactors, bus bars and wire. The wire is a large part
of this weight due to the high current demand of the pump motors. Battery weights
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are based on the use of battery modules having a capacity of approximately 1.6 kilo-
watt-hours (5.76 MJ) and a weight of 62 pounds (28.1 kg) each.

Total system weight is the sum of the hydraulic equipment, electrical equipment
and battery weights. This total, presented in table 79, is shown as a function of ve-
hicle length in figure 242.

Bias surface actuation.- Bias control surfaces, tip fin flaps and elevon flaps will
be actuated by electromechanical screwjack actuators. The actuators will move and
hold the bias surfaces at the required positions in response to an automatic programmed
command or in response to commands from the pilot. The surfaces will normally be
moved to preselected fixed positions as a function of Mach number. However, manual
switches and surface position indicators will permit the pilot to select intermediate
positions.

The rudder flaps, actuated hydraulically, will be biased to a boattailed configuration
at subsonic speeds by an electrical bias signal from the electrical flight control system.
The speed brake operation of the rudder flaps will be achieved in a similar manner in
response to pilot commands.

Fin flap bias mechanism: The fin flap bias mechanism consists of two independently
operated linear electromechanical actuators, each moving their respective inboard or
outboard bias surface.

The actuators are located beneath the bias surfaces. One end of the actuator is at-
tached to the inside center of the bias surface. The other end of the actuator reacts

against a hard point located on the centerline of the fin structure. The actuators are
equipped with limit switches for positioning and with force limiters. The actuators are
covered and protected by the bias surfaces during hypersonic entry. No protection is
required during the transonic and subsonic periods due to the 'back-side" location of
the actuators and the insignificant aerodynamic heating. This arrangement provides
minimum complexity with maximum accessibility. The disadvantage is that the actua-
tors are located in a high temperature structure area and may need thermal isolators
and/or additional cooling.

Alternative designs include placing linear or rotary electromechanical actuators at
the root of the fin and attaching them either, directly or through connecting linkages or
gears, to the lower end of the bias surface. These alternatives provide more protection
for the actuators, but have the disadvantages of additional weight and complexity.

Elevon flap bias mechanism: The elevon flap actuator should be located within the
elevon body and be connected by gears or linkages to the elevon bias surface. The
simplest way to actuate the bias surface is to connect a linear actuator directly to the
back-side of the control surface. However, since the bias surface will be open during
the hypersonic phase of entry, considerable difficulty might be experienced in ade-
quately protecting the actuators. With this constraint, the design should place a linear
actuator within the protective envelope of the elevon and connect it to the bias surface
through a control horn. A flexible cross coupling shaft runs between the left and right
elevons, synchronizes the actuator motor speeds and provides redundancy in case one
motor loses power. The actuator system provides limit switches for three surface
positions and incorporates a load limiter. A strong effort must be made to overcome
any problems which may arise out of locating the actuators within the elevon, since
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location of the actuator within the body of the vehicle severely complicates the mechanism
and carries a heavy weight penalty. Alternative approaches include linkages and gearing.
combined with linear and rotary electromechanical actuators located within the elevon
envelope. At present, there is no apparent reason to add the complexity and weight of
these mechanisms, as opposed to the control horn-linear actuator approach previously
discussed.

Hinge bearings.- Control surface hinge bearings and actuator rod end bearings will
be designed to operate at the high temperatures associated with their locations. The
bearings will be based on the design developed by Martin Marietta for the PRIME entry
vehicle {ref. 57). The bearings consists of a plain, self-aligning, spherical outer race
around a plain, cylindrical inner race. This type of bearing provides redundancy in
that, if the primary cylindrical race freezes up, the spherical bearing race will perform
the rotational and self-aligning functions. Lubrication at high temperatures, up to 1000 ° F
( ° K), is provided by a dry film plating of Boeing X-88 gold alloy. A nonresidue pe-
troleum oil is used as a colubrieant to reduce bearing wear during ground checkout.
This oil evaporates or burns off at high temperatures without affecting the dry film lubri-
cation.

The bearings will be sized for the applicable load at each hinge point. Each bearing
will be designed to react both radial and axial aerodynamic loads, as well as loads in-
troduced by the control horn. On each control surface, the most lightly loaded of the
two bearings will be designed to slide axially on the shaft such that thermal expansion
and structural deflection will not induce an axial load on the bearings.

The bearing assemblies must be protected from hot gases which result from aero-
dynamic heating, by using seals between movable and fixed surfaces or by some other
suitable means. Since significant aerodynamic heating occurs only during hypersonic
entry, it is not necessary to seal the fin bias surfaces in any position other than closed.
In addition, sufficient insulation must be used to limit the maximum bearing tempera-
tures to 800 ° F (700 ° K).
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Propulsion subsystems are required to satisfactorily accomplish thrusting functions
for abort, deorbit, reaction control (exoatmosphere) and landing assist. Propulsion
subsystem design approaches selected for study are considered representative of sim-
plified arrangements of state-of-the-art hardware to accomplish the various propulsive
functions with the highest reliability commensurate with weight allocation and mission
considerations.

Mission considerations (discussed in Part V) include abort environment, flight
trajectory, orbit characteristics and duration in orbit, attitude control requirements
and entry vehicle design criteria. Propulsion subsystems selection, arrangement and
installation were based on a design approach intended to require a minimum of modifi-
cation to permit maximum research task accomplishment. Effects of entry vehicle
size on propulsion subsystems performance and weight requirements are described in
this subsection.

Parametric analyses presented herein indicate, initially, the minimum rocket motor
requirements for accomplishing each of the abort and deorbit propulsion functions for
a range of vehicle and boost trajectory design criteria. Based on tradeoffs of the various
vehicle subsystems requirements, a set of entry vehicle, launch vehicle, rocket motor
and trajectory criteria were selected and incorporated in the remainder of the analyses.
Results of these studies indicate the desirability of an integral abort/deorbit propulsion
subsystem. A specific application of this approach is analyzed for a D size entry ve-
hicle, and its advantages are discussed.

The reaction control subsystem (RCS) utilizes a pressure-fed, positive expulsion,

H202 , monopropellant subsystem to accomplish specified functional requirements. A

typical calculation is presented (for the D size entry vehicle) to demonstrate the analytical
technique employed in determining reaction control subsystem requirements. Similar
calculations were performed for a range of values of selected parameters to indicate
subsystem requirements and sensitivities. Discussion is presented relative to pro-
pellant selection and other pertinent reaction control performance and design criteria.

The landing assist subsystem shares a common propellant supply and pressurization
system with the reaction control subsystem. As both subsystems have this commonality,
and are contained within or on the entry vehicle, they are considered to be an integrated
subsystem.

Design
to provide

1. Abort/Deorbit Propulsion Subsystem

criteria and aPp_ch.-_The abort/deorbit propulsion subsystem is required
thrusting capability to:

(D Accomplish a safe abort of the manned entry vehicle resulting from
catastrophic launch vehicle failures for flight conditions from the pad
to final stage separation.

(2) Provide sufficient impulsive velocity increment to preclude an Africa
landing in the event of a launch vehicle velocity attainment deficiency.
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(3) Provide impulsive velocity to the orbiting payload to achieve the desired
deorbit conditions on command. A complete backup system is required
for this function.

Equivalent impulsive velocities to accomplish these requirements for entry vehicles
usin4_ Titan III-2 launch vehicles are:

(1) Deorbit: 130_+ 1 percent fps (39.6 m/sec)

(2) Pad abort (required for parachute deployment and safe entry vehicle re-
covery range): 520 fps (1.59 km/sec) (minimum).

(3) Africa avoidance: 570 fps (1.74 km/sec).

The deorbit and Africa avoidance impulsive velocities are for vacuum conditions,
whereas the pad abort is for sea level conditions. Shock overpressure criteria are
the limiting explosion environment criteria for design of the abort subsystem. The
criteria presented in section II were utilized in these studies.

Solid propellant rocket motors are assumed for this application. Based on a re-
view of solid propellant development programs, a vacuum I of 270 seconds (250 sec

sp
at sea level) is considered state-of-the-art for the HL-10 operational time period.

Propellant requirements. - Equivalent propellant weights to achieve the deorbit,
pad abort and Africa avoidance impulsive velocities are computed using the standard
velocity equation:

AV=Isp g In ,Wp/WEv *

where:

AV = impulsive velocity addition

I = propellant specific impulse
sp

g = gravitational constant

WEV, = initial vehicle weight (including adapter section and abort/deorbit
motors)

W = weight of propellant used
P

Deorbit propellant requirements:Av = 130 fps (39.6 m/sec)

Wp/WEv , = 0.0147

or WpPWEV* = 0.0294 including backup (AV = 260 fps--79.2 m/sec)
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Pad abort propellant requirement: V = 520 fps (1.59 km/sec)

Wp/WEv , = 0.0628

Africa avoidance propellant requirement: V = 570 fps (1.74 km/sec)

Wp/WEv , = 0.0628

These results indicate that the propellant fraction requirements for pad abort and
Africa avoidance functions are identical, while the deorbitrplus-backup propellant
fraction requirement is well within the pad abort requirement. Figure 243 presents
the results of parametric solutions of the pad abort and deorbit propellant require-

ment equations, giving required propellant system weights (Wps = Wp) to initial
MF

vehicle weight ratios as a function of rocket motor mass fraction (MF).

Thrust and burning time requirements.- Thrust levels and burning times of the
abort/deorbit motors containingthe previously determined propellantquantitymust

be sufficientto preclude a shock overpressure in excess of 7 psig (48.3 kN/m 2) from

interceptingthe entry vehicle, and permit aerodynamic control of the pad abort tra-

jectory to achieve the desired entry vehiclealtitude,range and flighttime relation-
ships to ensure safe recovery by parachute deployment in a tolerable environment.

Pad abort: The thrust-time-requirement for the shock overpressure limit of

7 psig (48.3 kN/m 2) for a Titan IH-2 launch vehicle pad abort is determined as follows.

From section II, the TNT equivalent of the Titan III-2 for pad aborts is found to be
8100 pounds (3.67 Mg). The cube root of the TNT equivalent is used in conjunction

with figure 8 to determine the distance from the explosion center beyond which a shock

overpressure of 7 psig (48.3 kN/m 2) will not occur (248 ft--75.6m), and the elapsed

time (from the explosion) it takes for the shock overpressure to reach that distance
(0.13 sec).

The separation plane of the entry vehicle plus adapter section is 160 feet (48.8 m)
above the explosion center. Therefore, the abort motors must provide a separation

distance from the separation plane of 88 feet (26.8 m) before the 7 psig (48.3 kN/m 2)
shock overpressure arrives at the 248-foot (75.6 m) distance from the explosion
center. The maximum thrusting time available for acquiring the 88-foot (26.8 m)
separation is determined as follows:

= +t -t -t.tb tw exp r lgn

where t b = burning time

t = warning time
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t
exp time for shockoverpressure waveto travel from explosion

center to farthest distanceat which the shockoverpressure
will exist

I
I

i
t = crew reaction time

r

t°

tgn = time for rocket motors to reach full thrust from receipt
of ignition signal

For the Titan KI-2 launch vehicle, a warning time (tw) of 2.46 seconds is available

when a pressure differential sensor set at 250 psig (1.72 MN/m 2) is employed as the
warning sensor (ref. 58). This sensor measures the difference in chamber pressure
between the two Stage 0 solid rocket motors. A c few reaction time of 0.5 second and
an ignition delay time of 0.05 second are also assumed as generally applied standards.
Based on these time increments, the maximum useful burning time of the motors for
the pad abort shock overpressure function is 2.04 seconds. To accomplish the re-
quired separation distance increment of 88 feet (26.8 m) in the 2.04 seconds maximum
allowed burning time, a thrust-to-abort vehicle weight ratio of 2.31 is required. The
results of such calculations for a range of entry vehicle design shock overpressure
are presented in figure 244. Data from this plot and the results of a structural weight
analysis (as a function of shock overpressure) indicate that a shock overpressure of

7 psi (48.3 kN/m% will result in a logical weight compromise.

Figures 24 5, 246 and 247 present the results of calculations based on the preceding

discussions, showing the relationship between thrust-to-weight ratio (F/WEv.) as required

for pad abort, and warning time (tw) , for a range of design shock overpressure for the

Titan III-2, GLV and Saturn IB, respectively. Figure 248 shows how significantly the
required pad abort thrust-to-weight ratio increases for a Saturn IB over that for
either Titan III-2 and GLV.

Ma_ q abort: The largest abort thrust requirement is associated with abort at max-
imum flight dynamic pressure (max. q) conditions. Although normal flight trajectories

will encounter a maximum q of 731 psf (35 kN/m 2) , a value of 1200 psf (57.46 kN/m 2)
was utilized, as this value represents the maximum entry vehicle design condition.
Trajectory studies indicate that the velocity increment added to the normal flight
velocity at maximum q by firing the flight abort motors will not result in q values

above 1200 psf (57.5 kN/m2).

Altitude, h

Ambient pressure, PA

Ambient temperature, T A

Flight conditions at maximum q were assumed to be:

= 28 000 ft (8.53 km)

= 689 psf (33 kN/m 2)

= 419 ° R (232.8 ° K)

A TNT equivalent of 4100 pounds (1860 kg) is used for maximum q abort, in accord-
ance with applicable paragraphs of section IL The equivalent pressure at these flight

conditions is 21.5 psig (148 kN/m2). From figure 9 of aection II, the scaled distance

and propagation time for the equivalent pressure, Pl' are:
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Scaled distance, D1 = 5.75 ft (1.753 m)

Scaled propagation time, t 1 = 1.7 milliseconds

Using the equations of section II actual separation distance and overpressure propaga-
tion time are determined as follows:

PSL _1/3

D =D 1 (TNT)I/3 t PALT]
= 133.8 ft (40.8 m)

texp = tl \PALT/ tTAL T / (TNT)

1/3
= 44 milliseconds

The distance from the separation plane to the explosion center is 60 feet (18.3 m)
(same as for GLV). For the maximum q abort function, the added separation distance

that must be provided is 73.8 feet (22.5 m). A warning time (tw) of 3.0 seconds is

assumed for in-flight aborts (ref. 59). Therefore, the maximum burning time for the
maximum q abort function is 2.49 seconds. The net acceleration required to provide
the 73.8 feet (22.5 m) in 2.49 seconds is 0.74 g. Aerodynamic drag on the entry
vehicle and launch vehicle individually (when all thrust is terminated) is presented in
table 80 along with the deceleration of the entry vehicle and the launch vehicle due to
the effect of aerodynamic drag and gravity, assuming conservatively that the flight
path is vertical. The average thrust-to-entry vehicle weight (including adapter section

and average abort/deorbit propulsion weights) ratio (F/Way) to develop a net accelera-

tion between the two vehicles of 0.74 g during a maximum q abort is, therefore, 5.2 g

and the required propellant ratio (Wp/WEv.) is 0.49. This indicatesthatthe propel-

lantrequirement for pad abort recovery is greater than thatfor the maximum in-flight
abort requirement.

Figures 249 and 250 show the ratios of propulsion system weight to entry vehicle

weight (Wps/WEv) and the propulsion system thrust to entry vehicle weight (F/WEv)

requirements, respectively , as a function of entry vehicle weight for a range of design
shock overpressure. Each figure presents the data for two solid rocket motor mass
fractions. The curves for MF = 0.9 are typical of a spherical solid rocket motor ap-
plication and those for MF = 0.66 is typical for cylindrical rocket motor application.
Additional design data for spherical solid rocket motors (fig. 251) was obtained from
reference 60. Figure 252 reflects some typical physical characteristics developed
for prior Martin Marietta studies for recent production models of cylindrical solid
rocket motors.

Recommended integral abort/deorbit subsystem.- Several conclusions evolved from
the study strongly suggest accomplishing the deorbit and abort functions with an integral
arrangement of spherical solid rocket motors. These conclusions are:

(1) The propellant requirement (total impulse) for the pad abort function is
adequate for the Africa avoidance function.
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FIGURE 251. TYPICAL CHARACTERISTICS OF SPHERICAL SOLID ROCKET MOTORS (REF. 60)
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(2) The propellant requirements for all other abort functions and for the deorbit
function are less than that for pad abort recovery or Africa avoidance.

(3) The thrust-to-weight ratio requirement for pad abort (based on shock over-

pressure of 7 psig, 48.3 kN/m 2) is slightly less than half that for a maximum

q abort. Therefore, it is feasible to assume that application of a sufficient
number of motors to produce the required thrusting times for abort functions

could permit the same motors to be used for the Africa avoidance or deorbit
functions.

(4) As the Africa avoidance function necessitates carrying the motors to near

orbit velocities, there is no need to provide normal in-flight jettison systems
for the abort motors. This also permits packaging the motors within the

entry vehicle/launch vehicle adapter for an aerodynamically cleaner installa-
tion.

(5) Spherical solid rocket motors were selected, as they have generally better

propellant mass fractions (MF) and permit minimum length installations.
It is essential to keep the adapter section containing (or supporting) the
abort/deorbit motors as short as possible, as the drag of the entry vehicle

(and consequently max. q abort thrust requirements) are markedly increased
with an increase in adapter section length.

TABLE 80

ENTRY VEHICLE AND TITAN III-2 NONTHRUSTING ACCELERATIONS

AT MAX. q CONDITIONS

Entry

I

I
I

I

vehicle

designation

(size)

B

C

D

E

Reference area,

ft 2 (m 2) C D

196

(18.21

!Notes:

162 0. 177 41 290

(15.05) (18 729)

0. 176 49 674

(22 532)

224 0.173 55 803

(20.81) (25 312)

249 0. 167 59 880

(23.13) (27 162)

q = 1200 psf (57.46 kN/m 2)Maximum

Entry vehicle

D, lb(kg) a, g

-5.68

-5.98

-6.00

-5.94

Titan III-2

D, lb (kg) a, g

-1.56

C D

1.52

1.22

1.07

• 93

354 586

(160 840)

344 333

(156 189)

345 139

(156 555)

333 461

(151 258)

-i. 54

-i. 54

-1.53

Entry vehicle weights estimated (will result in conservative net a, g)

WeightTitan III-2 at maximum q = 634 342 lb (287 738 kg)
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Results of these tradeoff analyses indicate that an integral abort/deorbit propulsion

subsystem design approach should be recommended for the five vehicle sizes considered.
The characteristics of the recommended system for entry vehicle sizes B through E

are shown in table 81. Thrust-to-weight ratio (F/WEv.) data in this table are on a

per-motor basis for a four-motor array consisting of two abort only motors and two

additional motors providing a dual function for abort or deorbit° A four-motor array

will require but a single spherical motor development program due to the relative
similarity between performance requirements.

TABLE 81

RECOMMENDED ABORT/DEORBIT MOTOR THRUST AND BURNING TIME
CHARACTERISTICS

I
I

I
I
I

I
Entry
vehicle

designation
(size)

B

C

D

E

(F/WEv*) abort motor

1.30

1.155

1. 375

1. 155

(F/WEv*) deorbit motor Itbabort , sec tbdeorbit,

i.155

1.12

i. 155

i. 255

3.97

3.94

3.54

3.95

3.17

3.28

3.18

2.93

Note: There are two of each motor for each entry vehicle

see I

I
I

I
Each motor has a dual ignition system. The pilot will arm the system during final

pad checkout with a go/no-go light warning system advising him of the condition of his
abort propulsion system. Abort motors will be fired when the pilot activates the abort
switch. Selection of the motors for abort thrusting will be programmed in accordance

with the requirements of Parts III and V. The pilot will be able to select the deorbit
motor he chooses, as well as either abort motor as a triple backup for the deorbit

function by use of a four-position selector switch and a firing switch. Arming and
operational condition evaluation of the deorbit system will be accomplished with the

same type switch and light array as used for the abort function.

The four spherical motors, located in a short section of the entry vehicle/launch

vehicle adapter adjacent to the entry vehicle, will be provided with electrical heating
devices to maintain the four grains at a temperature and temperature distribution to
ensure a ± 1 percent total impulse tolerance for each motor. Upon completion of

either abort or deorbit functions, the remaining adapter section (including motors)
will be jettisoned.

Preliminary specification. - A preliminary specification was formulated for the
recommended abort/deorbit propulsion subsystem. It was sufficiently specific and
comprehensive to enable potential contractors to respond with applicable technique

and equipment recommendations. Performance, development schedules, reliability
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and cost estimates were also solicited. Responses received from Aerojet General
and Thiokol indicate that a two to three percent decrease in I values used in the

sp
study should be assumed for state-of-the-art propellant applications. In general, both
companies agreed that a single development program is sufficient for both motor de-

signs, based on available technology and manufacturing techniques. Specified sub-
system functional and performance requirements (mission and environmental require-
ments were as specified in section II) were as follows.

Integral abort/deorbit propulsion subsystem requirements: The integral abort/
deorbit propulsion system consists of four spherical solid rocket motors which will
provide the means to:

(i) Accomplish safe abort of the manned entry vehicle from a catastrophic
Titan III launch vehicle failure for any flight condition from the pad to normal
booster separation.

(2) Furnish sufficient impulsive velocity to preclude an African landing in the
event the booster does not quite provide the required orbit conditions.

I
I

I
I

I o
I

I
I

I
I

I

(3) Furnish sufficient impulsive velocity to the orbiting payload to achieve the
desired deorbit conditions. (This function must have a complete backup
subsystem. )

Preliminary studies indicate that the solid rocket motors performance characteristics
presented in table 82, used as indicated in table 83, will meet the requirements for
the integral abort/deorbit propulsion subsystem.

TABLE 82

INTEGRAL ABORT/DEORBIT PROPULSION SUBSYSTEM PERFORMANCE
CHARACTERISTICS AND DIMENSIONAL LIMITATIONS

Motors (1) and (2)

Thrust (vacuum) ..............
Burning time ................
Spherical chamber
Nozzle area ratio

• . . • . . . • . . . .

Total impulse (vacuum) .........
Overall diameter (max.) ........
Overall length (max.) ..........
Dual ignition

Motors (3) and (4)

Thrust (sea level) ............
Burning time • • • • . • • . . . ° . o ° •

Spherical chamber
Nozzle area ratio

• . • • ° . . • • , • • •

Total impulse ...............
Overall diameter (max.) ........
Overall length (max.) .........
Dual ignition

16 216 lbF (72 kN)
2.494 sec (2.494 sec)

10

40 442 ± 1% lbF-sec (180 ± 1% kN-sec)
20.25 in. (0. 514 m)
26 in. (0.66 m)

16 590 lbF (73.7 kN)
2. 494 sec (2. 494 sec)

10

41 375 lbF-sec (183 kN-sec)
22.75 in. (0. 578 m)
27 in. (0. 686 m)
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TABLE 82.--concluded

INTEGRAL ABORT/DEORBIT PROPULSION SUBSYSTEM PERFORMANCE
CHARACTERISTICS AND DIMENSIONAL LIMITATIONS

General (each motor)

Reliability .................
Ignition delay (max.) ..........
Thrust misalignment ..........

Operational voltage range .......
Man-rated

0. 994
0. 050 sec

0.1 °
24 to 30 Vdc

TABLE 83

INTEGRAL ABORT/DEORBIT PROPULSION SUBSYSTEM
FUNCTIONAL APPLICATIONS

Event Motors used

Pad abort All

All other aborts All

Africa avoidance Selected (any)

Deorbit (i) and (2)

Sequence

Motors (3) and (4) together,
followed by Motors (i) and (2)

together after burnout of (3) and

(4)

Simultaneous firing of all motors

Sequence to be selected

Either Motor (1) or Motor (2),
with remaining one used as back-

up to selected motor

2. Reaction Control and Landing Assist Subsystems

Design criteria and approach. - The reaction control subsystem (RCS) is required
to provide the thrusting time and torque necessary to satisfactorily orient and control

the attitude of the entry research vehicle during all phases of the mission when the
vehicle is outside the sensible atmosphere, or at too low a flight dynamic pressure

to utilize aerodynamic control. Design of the system must reflect a backup system
capability.

A typical mission (Part V) will require the following reaction control subsystem
functional capabilities, listed in the order of their application during a normal mission;

Orbit phase:

(1) Transient arrest from booster separation (null out 2 °/sec angular velocity).

(2) Limit cycle operation (± 5°dead band, 8-hr (28.8 ksec) duration).

386 ER 14471-4

l
I
I

l
I
I

I

I
l

I
I

I
I

i
I
i
I

i



I

I

I

I

I

I

I

I

I

I

I

I

I

I

I

l

I

l

60O

e#oO
• •

ooq;

• o_o oo

:'" ::
Q OIQ 00

Retro/pre-entry phase:

{1) Maneuver for retro firing (180 ° pitch, 90 ° yaw, 90 ° roll; up to 6 min.
(360 sec) to accomplish).

(2) Alignment for retro firing (maintain _: 1° dead band for 2-min. (120 sec)
duration). _ :

(3) Transient arrest during retro firing (3.5-sec duration).

(4) Maneuver for entry (180 ° pitch, 90 ° yaw, 90 ° roll; up to 5 min. (300 sec)
to accomplish).

(5) Transient arrest after adapter section jettison (null out 1 °/sec angular
velocity).

(6) Limit cycle operation to pre-entry (± 5 ° dead band, 20-min. (600 sec)
duration).

(7) Alignment prior to atmospheric entry (± 1 ° dead band, 5-min. (300 sec)
duration).

Entry:

Stabilization of the vehicle to aerodynamic control takeover (±2 ° dead band,
5-min. (300 see) duration).

A review of available hardware, capable of accomplishing five missions with a
minimum time and cost for refurbishment between missions, resulted in the selection

of a hydrogen peroxide (H202) fueled subsystem. The relatively short mission time

(5 orbits) will tend to make reaction control subsystem propellant weight a relatively
insignificant vehicle weight tradeoff item. Consequently, the fact can be tolerated

that H20 2 propellant performance (Is_ is generally half that of other available pro-

pellants. Most available bipropellant rocket motors utilize ablative materials in
their construction, due to the high combustion gas temperature, which tends to result
in increased motor weight. The resultant ablating and charring also detracts from
their multimissi0n reuse potential. Beryllium engines were not considered state of
the art for this application.

Preliminary estimates of the motor thrust levels and required propellant systems
for the reaction control subsystem arrangement shown in figure 25 3 indicated that
available qualified and flight tested hardware could be utilized. Effective system
redundancy is accomplished by providing dual pressurization control and dual pro-
pellant lines and valves. A comparative type of reliability analysis indicated very
little increase in reliability could be gained by incorporating redundant thrust chambers
(including catalyst beds) in the system. Therefore, backup thrust-chamber-catalyst
bed assemblies are not provided.
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Thrust level determination. - The thrust level of the reaction control subsystem

motors is determined by tl_e requirement to null the torque associated with the mis-
alignment between the entry vehicle center of gravity and the thrust vector of one

of the highest thrust abort/deorbit motors. Circumstances requiring the simultaneous
application of more than one of the abort/deorbit motors will have sufficient aerody-
namic control available to correct for the resulting misalignment torques.

The D size entry vehicle characteristics presented in table 84, together with the
abort/deorbit motor characteristics from table 81 will be assumed in the following

example of the analytical techniques employed in determining design and performance

requirements to satisfy the reaction control subsystem functional requirements pre-
viously listed.

TABLE 84

I
I
I

I
I
I

ENTRY VEHICLES MASS CHARACTERISTICS

Entry vehicle designation (size) B C D E

Length

Weight

Center of gravity

location (longitudinal)

Center of gravity
location (lateral)

Pitch, Iy,

Yaw, I z

Roll, IR,

ft

(m)

lb

_g)
ft

(m)
ft

(m)

Moments of inertia

slug _ft2

-m _)

slug-f_ 2

(kg -m'3

slug-ft 2

(kg-m')

21.25

(6.48)

8181

(3711)

11.26

(3.43)

5.92

(1.80)

8630

(11 701)

10 504

(14 241)

2902

(3934)

23.4

(7.13)

10 283

(4664)

12.4

(3.78)

6.25

(1.91)

13 100

(17 761)

15 9O0

(21 557)

3750

(5084)

25.0

(7.62)

12 342

(5598)

13.25

(4.04)

6.5

(i.98)

17 940

(24 323)

21 865

(29 645)

5O80

(6887)

26.4

(8.05)

13 754

(6235)

13.99

(4.26)

6.75

(2.06)

22 360

(30 316)

27 230

(36 918)

6300

(8541)

I

I

I
I

388

Three-sigma thrust misalignment estimate:

x 1 = thrust vector determination (motor) = ± 0.25 inch (6.35 mm)

x 2 = structural deflection = ± 0.25 inch (6.35 mm)

x 3 = thrust vector positioning (installation) = • 0.25 inch (6.35 mm)

x 4 = c.g. uncertainty = + 0.2 inch (5.08 mm)

'3amisalignment, x= x +x2+x32+x 2

:': :•. • ..• _..
• • • • • •

• .: :..

, x = 0.477 inch (1.21 cm)
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RCS motor thrust determination: The resultant torque due to this misalignment
of 0.477 inch (1.21 cm) and firing of one abort motor (as given in table 81) is:

Torque, T = 1/2 F/_EV , x/12 • I /I • WEV , = 766 ft-lb (1.04 kJ)
SPvac SPsl

Thrust requirements of the various reaction control subsystem motors are computed
as follows:

Pitch and roll thrustors: Four motors will be utilized which will be located on the

aft surface of the entry vehicle with a pitch moment arm of 13.25 feet (4.04 m) and a

roll moment arm (radius) of 6.5 feet (1.98 m). These moment arms will require the
thrust of each pitch (roll) motor to be:

2F x 13.25 = 766 ft-lb (1.04 kJ)

F = 29 IbF (129 N)

Yaw thrustors: One thrustor facing laterally outward from each side of the entry
vehicle aft face (a moment arm of 13.25 ft--4.3 m) will be used for yaw torque ap-
plication. The thrust level of each of these two motors will be:

766
F - 13.25 = 58 lbF (258 N)

Propellant requirement determination. - The quantity of propellant required to
accomplish the mission reaction cohtrol subsystem functions with the thrustors just

determined is a function of propellant performance (Is_, vehicle polar moments of

inertia (I), and minimum thrust pulse time (Atb).

Figure 254 indicates how the Isp performance of H20 2 propellant varies with the

thrust pulse width (Atb). This curve was developed from available firing data of

actual hardware from several engine companies. It should be noted that there were

evidences that reproducibility of minimum impulse bits may be questionable for At b

less than 60 milliseconds.

The propellant quantity required for the reaction control subsystem functions for

a D size entry vehicle at At b = 60 milliseconds (Isp = 110 sec--fig. 254) is computed

for the following functional criteria.

Orbit phase:

F% Fel
W -

p I 57.3T
sp

(for transient arrest)

Assuming the angular velocity has been imparted to both pitch and yaw axes

ER 14471-4 389
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W = i IbM (0.45 kg)
P

Retro/pre-entry phase: Retro/Pre-entry Phase Function {2) is combined with
Orbit Phase Function (2) for limit cycle operation and together they are assumed to
total a maximum of 30 kiloseconds of limit cycle time per mission. The propellant
for limit cycle operation is then computed as follows:

where:

= angular acceleration imparted to the entry vehicle by firing reaction
control subsystem thrustors

= angular velocity

toff = nonthrusting time per limit cycle

N = number of minimum impulses per mission

W
P

= propellant expended per mission

DB = dead band = + 5° (10" total)

Pitch:

"'6 = T x 57.3 _ 2.446" -/sec 2
I
P

xAt b
= 0. 073 °/sec/pulse

DB 10 °/cycle
= --:- = 0. 037"/sec = 137 sec/pulset°ff 0

N
30 ksec/mission

0.06 + toff
= 219 pulses/mission

N x Atb x F

w= I
sp

= 6.9 lbM (3.13 kg)/mission

Yaw:

= 2.0"/sec 2

= 0.06 ° [sec/pulse

10 166.66 sec/pulsetoff = 0.0-'-6 =

e I

I
I
I

I
I
I

I
I

I
!
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I *"' ' " _ :" I PITCH/ROLL THRUSTORS

I F - 28 LBF (129 N)

I 1
CAP[

I , i _'_ -:_ }
I ; .........

, _ _,._THROSTOR_
56 LBF (258 N)

•, .............}FRF,--SSURIZATION _I

SYSTEM , :

I , ,, _._..Rus.o.825 LBF (3.8 KN)

FIGURE 253. INTEGRATED RCS/LAS SCHEMATIC
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N = 180 thrust pulses/mission

W -- 5.7 lbM (3.559 kg)/mission
P

Roll:

= 4.25 °/sec 2

= 0. 128 °/sec/pulse

toff -- 78.12 sec/pulse

N = 384 thrust pulses/mission

W = 12.1 ibM (5.49 kg)/mission
P

Rotro-pre-entry phase:

(1) Maneuver for retro firing

Pitch:

exI
tb = Fx Lx57.3

At b=0.25 sec

t b =2At b = 0.50 sec
pitch

tbF
=-- = 0.3 lbM (0.14kg)

Wp is p

= 0.15 sec

= 0.2 IbM (0.09 kg)

(2)

Yaw:

W
P

Roll:

tb = o.1 lb (0.05 kg)

Alignment for retro firing

Pitch:

= 0. 073 °/sec
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toff = 27.4 see/pulse

N = 5 pulses/mission

W = 0.2 IbM (0.09 kg)
P

Yaw:

= 0.06 °/see/pulse

toff = 33.4 see/pulse

N = 4 pulses/mission

W = 0. IbM (0.05 kg)
P

Roll:

!':" !':
: :.. :."

I

I

I

I

= 0. 128 °/see/pulse

toff = 15.65 see/pulse

N = 8 pulses/mission

W = 0.3 IbM (0.14 kg)
P

(3) Transient arrest during retro firing

tbF
W -

p I
sp

In this case, simultaneous firing of the roll, pitch and yaw systems is considered for
retro firing time.

I

!

I

I

W = 4.2 IbM (1.91 kg)
P

(4) Maneuver for entry. This is the same as for maneuver for retro firing.

(5) Transient arrest after adapter separation

W - F0I
p 57.3x T

Assuming the angular velocity has been imparted to both pitch and yaw axes:

Wp = 0.5 IbM (0.23 kg)
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(6)
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Limit cycle operation to pre-entry. This was included in the Orbit Phase

(2) calculation.

(7) Alignment prior to atmospheric entry

I

I
I

Pitch:

= O. 73 °/sec/pulse

toff = 27.4 sec/pulse

N = 11 pulses/mission

W = O. 4 IbM (0.18 kg)
P

I

l
l

Yaw:

6 = 0.06 °/sec/pulse

toff = 33.4 sec/pulse

N --- 9 pulses/mission

W = 0.3 IbM (0.14 kg)
P

Ro11:

= 0.128 °/sec/pulse

toff = 15.65 sec/pulse

I
I

i
I

!
N = 19

W = 0.6 ibm (0.27 kg)
P

Entry phase:

Stabilization to aerodynamic takeover

Pitch:

= 0.73 °/sec/pulse

toff = 54.9 see/pulse

N = 6 pulses/mission

W = 0.2 IbM (0.09 kg)
P
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Yaw:

: :-- :..
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,I

I
I

6 = 0.06 °/sec

toff = 66.66 sec

N = 5 pulses/mission

W = 0.2 IbM (0.09 kg)
P

Roll:

I

I

6 = 0. 128 °/sec/pulse

tof f = 31.22 sec/pulse

N = 10 pulses/mission

I
I

l
I

Wp = 0.3 IbM {0.14 kg}

Similar calculations were made for a range of minimum pulse times (Atb) to show

the effect of At b on total reaction control subsystem propellant requirements and

motor and valve thrusting cycles/mission required. Figure 255 indicates the effect

of At b (min. } on RCS propellant ratio requirement. Figure 256 indicates the influence

of _t b (min.) on the maximum number of thrusting cycles (N} for the various reaction

control subsystems thrustors. As roll control is produced by firing motors which also
produce pitch control, the maximum number of operating cycles for one of these motors
would be the sum of the pitch and roll cycles.

Approximately 40 percent of the reaction control subsystem propellant is required
for roll control in limit cycle operation. It is entirely feasible to locate the roll/
pitch thrustors closer to the vehicle centerline and thereby reduce the propellant re-
quired for roll in limit cycle operation. However, considering the relatively low pro-
pellant weight involves and the possible advantageous effects associated with avail-
ability of jet roll control during entry, the thrustors were placed in the position for
production of maximum roll torques.

I
I

I

I
I

Landing assist subsystem {LAS}.-

Criteria: The landing assist propulsion system provides the means to extend touch-
down distance during the final landing phase. This system is not required for success-
ful mission accomplishment. However, the pilot must be aware of the availability or
unavailability of the system prior to initiating landing procedures. The landing assist
subsystem shall be capable of providing a thrust-to-entry vehicle landing weight ratio
{F/WEv ) of 0. 1333 for a minimum of ten seconds duration in the final landing phase.

Though the landing assist subsystem is not a mission success requirement, utilization
of its capabilities to provide backup for functions essential to mission success should
be considered.
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Propellant requirements: Determination of the propellant required is accomplished
by the following equation:

(F/WEv _(_

Where:

WpS = weight of fueled propulsion system

WEV = weight of entry vehicle landing configuration

F

= landing assist subsystem engines burning time

= landing assist subsystem engines combined thrust

I = delivered specific impulse
sp

MF = ratio of useful propellant weight to fueled propulsion system weight.

Figure 257 presents the results of solutions of the previous equation for a range of

Isp and t b for MF = 0.6 and 0.9 at F/WEv = 0° 1333. The range of Isp shown encompasses
the monopropellants and later bipropellant plus additive performances. Generally, the

mass fraction 0VIF) of the propulsion system will tend to be lower for the high Isp sys-

tems due to the high combustion gas temperatures requiring ablative thrust chambers

(or else high temperature insulation of the entry vehicle structure in the vicinity of
the thrustors). System mass fractions for all propellant types will tend to be lower
for the shorter burning time.

Selection of H202 as the propellant for the landing assist subsystem will permit

incorporation of a common pressurization and propellant supply for reaction control
subsystem and landing assist subsystem functions shown in figure 253° This arrange-

ment will result in a maximum H202 system mass fraction as well as provide con-

siderable propellant availability for the reaction control subsystem functions above
that normally required for the basic mission. Such an arrangement may also be of
significant use in conducting research tasks involving the use of reaction controls
during the return flight trajectory. Figure 258 presents the results of solutions to

the same equation used to develop figure 257. In this instance, the Isp of a pressurized

H202 system operating at sea level (122 sec) was selected, and a family of curves for

various burning times is presented. It is apparent from figures 25 7 and 258 that long
burning time landing assist subsystem requirements would necessitate application of
higher performance propellants.

Since there are indications that pressure regulation components are adversely affected
by low temperature gas flows, a heat exchanger is incorporated in the propellant tank
discharge fitting to maintain the temperature of the pressurizing gas at a constant
temperature. This approach is intended to result in higher subsystem reliability.
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Recommended equipment complement.- For the range of entry vehicle sizes studied,
the reaction control subsystem will be composed of available hardware, with slight

modifications to adjust thrust level. The contribution to vehicle weight would be rela-

tively minor. The influence of the minimum thrust pulse time (Atb! is considered to

have the most significant effect on system weight and reliability (figs. 255 and 256).

Reliability will be influenced by the number of pulses required, but is well within the
reliability apportionment for the subsystem.

I

I
I

I
I

I
I

I
I
I
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The recommended landing assist system for the five vehicle sizes consists of

dual nozzles, and shares a common propellant (H202) supply with the reaction control

subsystem. A schematic of the integrated reaction control subsystem/landing assist

subsystem is included in figure 253.

3. Preliminary Integrated RCS/LAS Specification

The following preliminary specification for an integrated RCS/LAS propulsion

subsystem was proposed and submitted to Bell Aerosystems and Kidde requesting a
preliminary model specification and appropriate cost and schedule data based on
specified schedule and delivery rates. Both organizations responded and indicated
that the integrated RCS/LAS propulsion subsystem could be fabricated from existing

hardware. The propulsion subsystem indicated in the preliminary specification is

somewhat smaller than that required for the D and E size entry vehicle; however, the
reaction control subsystem (RCS) components would not change. The landing assist

subsystem (LAS) thrust would increase enough to possibly require some development
and testing, although it too would not be of major significance to the schedule or cost.

Functional and performance requirements (mission and environmental requirements

are as specified in section ]1) specified were as follows:

Flight condition and environment. - The reaction control subsystem will be required
to function at all flight conditions, from sea level to orbit. Storage temperature of
the propellant, tanks, lines and fittings will be maintained between 40 ° F and 80 ° F

(278 ° K and 300 ° K) by onboard equipment and aerospace ground equipment environ-
mental control systems. The thrust chambers must be thermally isolated from
valves, fittings, lines, ete., carried within the vehicle. The thrust chamber and

exhaust nozzles will be exposed to 800 ° F (700 ° K) temperatures for a period of 20
minutes (1.2 k sec) per mission during the entry flight phase. The thrust chambers

will not necessarily be used during this period so propellant flow cannot be considered
as an available heat sink for thermal isolation during entry.

Basic RCS/LAS propulsion subsystem requirements.- The reaction control sub-

system provides the means to orient and control the attitude of the entry research
vehicle during all phases of the mission where the vehicle is not within the sensible

atmosphere or at too low a velocity for aerodynamic control takeover. The landing
assist subsystem provides a means to modify the L/D characteristics of the vehicle

in the final landing phase. The requirements for the landing assist subsystem have

been specified as providing a thrust equal to 0. 1333 times the vehicle landing weight
for a period of 10 seconds. The reaction control subsystem is considered to be

essential for mission success, whereas the landing assist subsystem is not.
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It is desired to incorporate a reaction control subsystemdesignwhich essentially
reflects a completebackupsystemphilosophy. The arrangementprovides more thana
redundantpropellant quantity availability for reaction control subsystemuseby incor-

porating a common supply for reaction control subsystem and landing assist subsystem
use. As tank ruptures cannot be tolerated inside the heat shield, it has been assumed
to be unrealistic to provide backup tankage. Available information indicates the thrust

chamber/catalyst bed failure rate is several orders of magnitude lower than that of
the various control valves in the system. Although redundant thrust chamber/catalyst

bed assemblies would provide a theoretically more reliable system, such redundancy

does not appear to influence system reliability estimates sufficiently to warrant backup
thrust chamber/catalyst bed applications.

Table 85 presents the functional requirements, and table 86 the performance and

installation requirements, of the integrated RCS/LAS propulsion subsystems.

TAB LE 85

INTEGRATED RCS/LAS PROPULSION SUBSYSTEMS FUNCTIONAL REQUIREMENTS

RCS

Orbit phase

1. Stabilization after booster separation (null 2 °/sec angular velocity)

2. Limit cycle operation (± 5 ° dead band, 8 hr (28.8 ksec) duration)

Retro/pre-entry phase

1. Maneuver for retro (180 ° pitch, 90 ° yaw, 90 ° roll; up to 6 min.
(360 sec) to accomplish)

2. Alignment for retro (±1 ° dead band, 2 min. duration)

3. Transient arrest during retro (3.5 sec duration)
4. Maneuver for entry (180 ° pitch, 90 ° yaw, 90 ° roll; up to 5 min. (300 sec)

to accomplish)
5. Stabilization after abort/deorbit package separation (null 1 °/sec angular

velocity)
6. Limit cycle to entry (_+5° dead band, 20 min. duration)

7. Alignment prior to atmospheric entry (±1° dead band, 5 rain. (300 sec)

duration)

Entry

1. Stabilization to aerodynamic takeover (± 1 °/sec, ± 2 ° dead band, 5 mill.

(300 sec) duration)

Abort

1. Transient arrest during abort.
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TABLE 85.--concluded

INTEGRATED RCS/I_AS PROPULSION SUBSYSTEMS FUNCTIONAL REQUIREMENTS

LAS

I

I

I

I

I

I

Landing phase

1. Modification of L/D characteristics during final landing phase.

TABLE 86

PERFORMANCE AND INSTALLATION REQUIREMENTS

Propellant: H202

Pressurant: GN 2

Pressurized, positive expulsion system

RCS

Two side oriented motors for yaw control: four vertically
oriented motors (two up, two down) used in pairs of same orien-
tation for roll control.

I

I

I

I

I

I

Pitch/roll motors

Thrust (vacuum)
Minimum impulse bit/motor
Limit cycle operation roll
Limit cycle operation pitch
Duration/mission

Yaw motors

Thrust (vacuum)
Minimum impulse bit/motor
Limit cycle operation
Duration/mission

Total impulse

Reliability

LAS

30 lbF (133N)
1.2 lbF sec (5.33 N-sec)
0.04 sec on, 36 sec off
0.04 sec on, 76 sec off
30.6 ksec

60 lbF (266 N)
2.4 lbF sec (10.6 N-sec)
0.04 sec on, 64 sec off
30 ksec

6200 lbF sec (29.5 kN-sec)

0.9835

I

I

I

Two aft oriented motors

Thrust (sea level)/motor
Burning time
Reliability

.-: .-: .-
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650 lbF (2.89 kN)
10 sec
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J. COMMUNICATIONSSUBSYSTEM

1. Requirements

I

The communications system must provide two-way voice communications, telemetry
data transmission, tracking and command reception through all phases of the mission.
In each of these functions, the spacecraft equipment is one end of a two-ended link,
and specific spacecraft equipments are strongly influenced by the requirement to be
compatible with elements of the ground network supporting the various mission phases.
The mission has been analyzed phase by phase to evaluate communications require-
ments, available ground facilities and choices of airborne equipment.

Launch.- During the hunch phase, the mission is similar to the Gemini and Apollo
flights, and requires voice communications, tracking beacons, status telemetry and
command reception. The airborne system to provide these functions must be compatible
with the Eastern Test Range requirements for range safety and mission control. These
requirements may be met with a unified S-band system supplemented by a C-band beacon
for backup tracking and a VHF transceiver for backup voice, or a conventional system
using redundant C-band beacons for tracking, rendundant vhf transceivers for voice, a
uhf command receiver and S-band telemetry (vhf telemetry must be phased out by 1970,
ref. 61).

Launch abort.- In the event of an abort during the ascent phase, the entry vehicle
is separated from the booster and is maneuvered toward a predetermined position where
parachutes are deployed for a vertical water landing. An hf beacon is required for
over-the-horizon direction finding by recovery ships. An hf voice capability is also
desired to provide an immediate status report. Direction finding by recovery aircraft
requires a vhf beacon; voice communication with recovery aircraft is accomplished by
the vhf transceiver already on board.

Orbit.- Communication requirements for the orbital portion of the HL-10 research
mission is very similar to the Gemini mission, requiring periodic communications
with ground stations utilizing voice communications, tracking, status telemetry trans-
mission and command reception for deorbit updating. All of these functions can be
prowided by the equipments required for the hunch phase. It is also desirable to
provide a capability for emergency voice communications at any time, even when not
in sight of a ground station. In the 1970 time period, this capability can be provided
by a spacecraft-to-communications satellite-to-ground relay link, such as currently
under development for transatlantic commercial airliners (ref. 62).

Entry. - During entry, the spacecraft generates flight research data which is stored
on onboard tape recorders as the primary record. To provide a backup to the onboard
recording, the data rate is increased from 58.9 kilobits/sec to 577.6 kilobits/sec
during entry and transmitted over a telemetry link in real time. The transmitter
transmits through the entry period even though it will be "blacked out" during a portion
of the flight. After blackout has ceased, another S-band transmitter is energized to
play back the recorded data. These data are played back at twice normal speed so
that all of the data can be transmitted prior to touchdown. Calculations of the blackout
interval indicate adequate time for this post-blackout transmission.
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Approach and landing.- During approach, the spacecraft is acquired by a ground-
based tracking radar, and its trajectory is measured and compared to the desired
trajectory. Based on the differences between measured and desired trajectories,
commands are generated by a ground-based computer and transmitted to the space-
craft. Commands must be sent over a command link for unmanned development
flights, but can be sent directly to the pilot by voice for the manned flights. Either
method requires that the vehicle be compatible with the tracking, command and voice
systems at the primary and alternative landing sites.

Transmission of guidance commands for a normal approach to Edwards FRC need
not be commenced until the vehicle is within line-of-sight range from the landing site.
This is at Mach 6.5 and approximately 180 nautical miles (333 km) range-to-go, when
the vehicle is well out of communication blackout. However, an uprange ground track-
ing and command capability is highly desirable to accommodate partial malfunctions
and worse-than- 3_ navigation error situations, particularly since blackout emergence
should occur before the vehicle reaches Much 12 and a 500-nautical mile (925-km)
range-to-go. This suggests use of Pacific coastline networks (e. g., Point Arguello,
which has an FPS-16 radar) for potential contingencies. Should the vehicle kinetic energy,
as determined by this uprange tracking radar, be such that the vehicle cannot reach
the FRC landing site, appropriate commands would be transmitted to accomplish an
emergency recovery at a safe landing area without overflying heavily populated areas.

During the landing phase of unmanned flights (one with landing is proposed as the
second flight), a fully automatic landing system must be employed. This system con-
sists of a high precision radar located alongside the runway to track the vehicle down
to touchdown. Based on the tracking data, steering commands are computed and trans-
mitted to the spacecraft where they are sent to the autopilot by an autopilot coupler.
A fully developed system which appears to have the capability of landing an HL-10 is
the Bell Aerospace Company's SPN-42 used by the Navy for carrier landings. The

system uses a Ka-band tracking radar and requires a Ka-band beacon in the spacecraft.

Commands are transmitted to the vehicle over the existing link. While the pilot will

visually land the spacecraft for manned landings, it is recommended that the Ka-band

beacon be retained since the SPN-42 can also be used as a highly sophisticated GCA or
ILS. This system is being strongly recommended for installation at FRC in the near
future.

Ground stations.- Ground station requirements for supporting the mission are well
within the planned capabilities of the Manned Space Flight Network for the 1970 time
period. Consultation with NASA, MSC and FRC developed that the only significant
facility additions is at the primary and alternative landing sites, where terminal guid-
ance facilities are required. In addition to an automatic landing capability for the un-
manned flights, a command transmitter is required at FRC (to be integrated with the
planned tracking and computation facilities) to perform the approach guidance function.
At the alternative site (Eglin AFB), all of the facilities are present and only integration
is required.

2. Nonunified S-Band Versus Unified S-Band System

A detailed analysis effort was conducted to evaluate both the unified S-band system
and a nonunified S-band system for use on the HL-10 spacecraft. The unified S-band
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system is being developed to support the Apollo program (ref. 63). A nonunified S-band

system is based primarily on the use of Gemini type equipment (ref. 64). One opera-
tional difference between the unified S-band and nonunified S-band systems is that the

nonunified S-band system does not use the complex techniques of phase-coherent trans-
mitters and receivers that are characteristic of the unified S-band system. Major

areas for comparison of the two system approaches for HL-10 application follows.

Ground network and stations.- The ground stations and their present and planned

equipment configurations were examined for a three-orbit mission. Descriptions of
ground networks and associated coverage are presented in Part V. Applicable unified
S-band ground stations, along with the line-of-sight contact time, is shown in table 87.

Applicable nonunified S-band ground stations are shown in table 88. A comparison of

the unified S-band and nonunified S-band ground stations given in tables 87 and 88 shows
that the nonunified S-band system coverage is more extensive than that offered by the
unified S-band system. In addition, both unified and nonunified S-band facilities are
available at many of the same station locations.

TABLE 87

CAPABILITIES OF UNIFIED S-BAND STATIONS

Station

Cape Kennedy D

Bermuda S

Grand Canary Islands S

Ascension Islands D

Carnarvon, Australia D

Kauai Island, Hawaii D

Guaymas, Mexico S

Corpus Christi, Texas D

Deorbit ship (Indian Ocean) S

Preblackout ship (Pacific) S

Post-blackout ship(Pacific) *

D Dual unified S-band

S Single unified S-band

• Telemetry receive only

Unified Comsat Line-of-sight contact time, sec

S-band tei-minal 1st orbit 2nd orbit 3rd orbit

320 300

360 360 360

X 400 200

X 270

X 520 500 550

250

250 350

360 300

22O

X 560

X 120

4O4
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Antenna coverage.- Antenna coverage patterns provided at S-band (2200 to 2300
mHz) are considerably different than those provided at uhf (400 to 450 mHz). For the
HL-10 shape and size, with operation at S-band frequencies, three antennas are re-
quired to obtain full coverage. These three antennas cannot be interconnected as an
array since the resulting grating lobe structure would cause antenna pattern nulls to
occur at approximately every four degrees. To avoid these nulls, it is therefore nec-
essary to use the antennas individually. This can be accomplished by a receiver con-
nected to each antenna and the use of a signal comparator to select the antenna providing
the strongest signal. Another approach is to use a single receiver and sample the sig-
nal strength from each antenna position, store signal strength data for comparison of
relative amplitudes, and then select the antennaproviding the strongest signal. The
unified S-band two-way rf acquisition requires that one antenna be used during the lock-
up process; the same antenna must be used to maintain phase-lock. When the received
signal level falls below threshold as a result of ground station-spacecraft relative angle
and spacecraft maneuvers, the phase-lock loop is broken and a signal strength search
and reacquisition must be conducted. Utilization of uhf frequencies with a favorably
located antenna provides antenna coverage with one antenna and eliminates the require-
ment for receiver signal comparison.

I
I
i
I
I

I

I
Tracking and ranging. - Tracking and ranging is required throughout the entire mis-

sion (from launch through orbit to landing). Tracking facilities utilizing C-band radars
are the most numerous throughout the ground station network (table 88). In addition,
the C-band tracking radars are presently available at both the primary and the secondary
landing sites. If the unified S-band should be selected as the tracking and ranging sys-
tem, the cost of providing mobile unified S-band installations at each of the landing
sites is estimated to be six million dollars per installation.

3. Recommended Approach

Based upon the specified requirements and the tradeoff evaluation of both the unified
S-band and nonunified S-band systems, it is recommended that the nonunified S-band
system be used. This recommendation is based primarily on:

(i) The total estimated cost of the nonunified S-band system, which includes
the costs associated with the landing sites, is much lower than the unified
S-band system.

(2) Use of a uhf command receiver from a single antenna location eliminates
the need for signal comparison from three S-band antenna locations.

(3) Weight and power requirements of the nonunified S-band airborne equipments
are less than unified S-band equipments.

Table 89 shows a summary comparison of the functions and airborne equipment
necessary to support the HL-10 mission utilizing unified S-band and nonunified S-band
systems. For vehicle sizing studies, the nonunified S-band equipments identified in
table 89 were installed in each of the five vehicle sizes, since they are essentially
independent of vehicle size. A weight breakdown of airborne equipment installed in the
five vehicles is presented in section V. Detailed descriptions of airborne communication
equipment for the selected vehicle are included in Part VII.
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Function

Command

Voice

Telemetry

T racking

Satellite voice
communications

Landing and
recovery beacon

H F transceiver

Landing beacon

Intercom-
munications

TABLE 89

SPACECRAFT FUNCTIONS FOR UNIFIED S-BAND AND
NONUNIFIED S-BAND SYSTEMS

Unified S-band Nonunified S-band

Unified S-band {2200 to 2300 mHz) uhf (400 to 450 mHz)

with signal comparator ' "_: _,1_,_
Unified S-band plus vhf (300 mHz) , ,_;:_;: uhf (300 mHz)

Unified S-band S-band, noncoherent
(2300 mHz)

Unfied S-band plus C-band (5400
to 5600 mHz}

C-band {5400 to 5600
mHz}

vhf (120 mHz)

vhf (243 mHz)

hf (8 to 15 mHz)

Ka-band {35 000 mHz}

Audio center

vhf {120 mHz)

vhf {243 mHz)

hf (8 to 15 mHz)

Ka-band {35 000 mHz)

Audio center
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K. INSTRUMENTATION AND DATA HANDLING SUBSYSTEM

1. Research Task Measurement Requirements

In order to size the instrumentation and data handling subsystem for the various

HL-10 research flights, it was necessary to develop the measurement lists for the
individual research tasks as outlined in Part II. Each measurement type used in this

development was assigned a number so that commonality among the research tasks
could be determined by correlating item numbers. Likewise, redundancy can be easily
removed from composite measurement lists developed for a particular flight by elimi-

nating redundant item numbers.

In choosing the relative sample rates, the first step was to develop an error budget;

the error budget used for this study is presented in table 90.

TABLE 90

INSTRUMENTATION ERROR BUDGET

Total Quanti- Aperture Miscellaneous Sensor Relative
error zation Bits error error error Aliasing sample rate

0.01 0.0023 7 0.001 0.002 0.0075 0.0058 9.587

0.02 0.0045 6 0.001 0.002 0.010 0.0166 7. 122

0.03 0. 0045 6 0. 001 0. 002 0. 010 0. 0278 6. 150

0.04 0. 009 5 0. 001 0. 002 0. 015 0. 036 5. 722

0.05 0. 009 5 0. 001 0. 002 0. 015 0. 047 5. 309

0.10 0. 018 4 0. 001 0. 002 0. 093 0. 093 4. 366

An inaccuracy encountered in a PCM system is the quantization error, which is a

characteristic of the encoding process. The rms value of quantization error is given

by:

e
q

1

N÷ i'
where N = number of bits.

Aperture error (table 90) is caused by the samples being of finite time duration, which
causes a time uncertainty in the sample. Grouped into what has been designated as
miscellaneous error are such sources of inaccuracy as source impedance variations,

crosstalk disturbances, signal condition amplifier gain variations, and others. Another
source of error is due to sensor inaccuracies. The last major source of inaccuracy

is aliasing error, which is a function of the sampling process. Two factors determine
the amount of aliasing error: the power spectral density functions of the signals, and
the sample rate. The sample rates chosen are based on the arbitrary assumption that

the power spectral density functions are Butterworth functions having a roll-off of 24
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dB/octave. Sample rates given in the error budget are relative to the corner frequency
of this spectra.*

A summary of the research task measurement list is given in table 91 (the individual
measurement lists are presented in Part II). The number of bits shown for each total
inaccuracy are minimal, and result in an optimum overall bit rate. The baseline
measurement list shown in table 92 is the list of measurements that will be found on

any flight, independent of research task flight plans.

2. Measurement List Analysis Program

One of the tools developed during this study was the Measurement List Analysis
Program, a specialized bookkeeping digital computer routine which tabulates the param-
eters of a PCM instrumentation system. Bit and sample rates are calculated for each
individual measurement and the total number of measurements, and total bit rates are
accumulated over the whole measurement list.

The sample rate for a measurement in a PCM system is derived from the known or
estimated power spectral density function of the measurement and a knowledge of the
allowable aliasing error for the overall accuracy desired. For a particular amount of
allowable aliasing error and a particular spectral density function, a relative sample
rate is chosen. (A relative sample rate is the number of samples per cycle of the meas-
urement signal referenced to the corner frequency of the spectral density function.)

Having chosen a relative sample rate for each value of overall accuracy, a resolu-
tion requirement is selected for each value of overall accuracy. This resolution selec-
tion leads directly to a choice of number of bits per measurement. Accuracy, number
of bits per measurement and samples per cycles used for this study were :

Accuracy No. of bits Samples/cycle

I

I
I

1 7 9.59

2 6 7.12

3 6 6.15

4 5 5.72

5 5 5.31

10 4 4.37

I

i
i

I

Sample rates used in a PCM telemetry system must be constrained to a few sample
rates, which are related such that it is pdssible to construct a data format. Often, be-
cause it is not equal to the standard rate chosen, the optimum sample rate is not used.
Therefore, after the optimum sample rate has been chosen, the next higher standard
sample rate is found and assigned to the measurement. Standard sample rates used for
the study were 1, 5, 10, 50, 100, 200, 400, 800, 1600 and 3200 samples per second.

* Selection of the relative sample rates given in the error budget is based on work done
by McRae and Smith (refs. 65 and 66).
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No. of analog
measurements

Research -
task 1% 2% 5% lO%

Baseline i0 119 87

AV-1 18

FC-1 10 51 30

FC-2 10 51 30

FC-3 10 55 30

FC-4 10 20 19

FM-2 2O 15
FM-3 30 37

FM-4 36 25

FM-5 70 30 10

FM-6 30 31

FM-7 160

FM-8 310

FM-9 26 1

FM-12 30 40

FM-13 i00 135 54
FM-14 150 110 20

_M-15 50 86

FM-16 10 30

FM-17 80 60

FM-18 40 20

FM-19 170

GN-I 12 3

GN-2 12 3

GN-3 4 19
GN-4 12 15 3

GN -5 12 30 3

GN-6 15 39 3

GN-7 12 20 3

HF-1 4 10

HF-2 4 i0

PP-1 20 67 6

PP-2 32 6

PP-3 3 3

SM-1 400

SM-2 40 40

SM-3 10 90
SM-5 40 20

SM-6 3O 120 10
SM-7 100 2O

SM-9 200 20

SM-9 50 20

SM-10 10 43

SM-11 10 110 6

SM-12 40

SM- 13 15 12

SM-14 200

SM- 15 35 125

SM-16 6 30
SM-17 50 84

410
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TABLE 91

SUMMARy

No. of digital measurements

1 bit 4 bits 5 bits 14 bits 18 bits

16 59

16 6

16 6
16 41

16 6

10

2

20
26 1

45 1

35 1

74 1

9O 1

90 2

45 1

20
20

5

40

20

8

Total no. of

measurements
Bit rate,
k bits/sec

291 58.92

18 4.44

113 46.26

113 46.26

152 48.95

71 26.26

35 19.00
67 45.00

61 39.42

110 26.35

61 42.00

160 59.50

310 18.60

27 17.60

70 12.9O
299 83.21

280 79.10

136 43.9O

40 27.08

140 44.90

62 22.41

190 10.28

42 12.16

61 13.49
59 9.64

105 20.02
136 25.64

149 30.53
81 19.49

14 5.24

14 5.24

93 42.88

38 25.68

6 2.85

420 24.08

100 42.42

105 8.92

60 7.40

160 73.20

160 26.04

220 17.00

7O 8.00

53 31.00

126 10.4O

60 2.42

35 38.13

200 12.00
160 23.25

36 3.90

134 97.52
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There are a number of uses for a computer program such as this one.
is the calculation of parameters for a particular measurement.
with this operation consists of:

The first

The printout associated

(1) Measurement number

(2) Type of measurement

(3) Accuracy (N/A printed for digital measurements)

(4) Number of bits

(5) Minimum bits rate (minimum sample rate times the number of bits)

(6) Actual bit rate (standard sample rate times the number of bits)

(7) Corner frequency

(8) Minimum sample rate

(9) Actual sample rate

(10) Actual samples per cycle (actual sample rate/corner frequency).

Another use might be optimization of the total bit rate. It is theoretically possible to
find a lower total bit rate by using another table of standard sample rates. Suppressing
the individual measurement data printout allows the program to process the measure-
ments at a rate of 160 per minute so that this optimization is rapidly completed. The
effect of the variation of other parameters on total bit rate may also be investigated in
this manner.

The summary printout at the end of the program consists of:

(1) Total number of analog measurements in each of the accuracy categories

(2) Tabulation of the number of digital measurements (by number of bits)

(3) Total number of measurements

(4) Minimum total bit rate

(5) Actual total bit rates

(6) Average minimum total bit rate

(7) Average actual total bit rate

(8) Average frequency response

(9) Table of sample rate distributions (this table is used to develop the next table
of sample rates)
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(10) Inp bles.

I card format for this program, 259 aTable 93 shows the input data and figure shows
block diagram of it.

I TABLE 93

I INPUT DATA CARD FORMAT, MEA, SUREMENT LISTANALYSIS PROGRAM" -,..

Card Columns Variable Format '_Remarks

I 1 1-80 TITL 1 20A4 First line print out title

2 1-80 TITL 2 20A4 Second line print out title

I 3 1-80 TITL 3 20A4 Third line print out title

4 1-70 SPSEC 10F7.1 Sample rate table. List in ascending

i order, left-to-right71-80 Not used

5 1-42 SPCYC 6F7.2 Samples/cycle table. List in ascending

i order, left-to-right43-80 Not used

6 1-18 ACCUR 613 Accuracy table. List in ascending order,

i left-to -right19-80 Not used

7 1-18 BITS 613 Number of bits per measurement table.

i List in ascending order, left-to-right19-80 : Not used

8 through 1-6 MEAN "_!_ Measurement number
(N-l)

I 7-15 FRE C F9.2 Corner frequency for analog measurement

and time resolution for a digital meas-
urement

I 16-18 ACC I3 Leave accuracy blank for an analog meas-
urement

I 22-53 TIT 8A4 Type of measurement
N Last card must be blank

I 3. Vehicle Instrumentation List Development

During the study, the measurement list analysis program was used in the develop-

I ment of the instrumentation requirement for particular missions. Using the individual
research task measurement lists (Part II) and with the research task loading plans for
various flight plans, some composite measurement lists were tabulated to determine

I the magnitude of the bit rate and number of measurements that might be typical for anHL-10 research flight program.

I ......,il niilm ili".: ,,: : ,,: : .,l_.P,,l'44'7,f-4 : "," ,,: ",: 413
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Figure 260 shows a summary of the first such composite. Tables 94 and 95 present
the input standard sample rates, number of bits and relative sample rates used for this
measurement list.

TABLE 94

STANDARD SAMPLE RATES

1

5

10

50

100

200

400

800

1600

3200

samples/see

TABLE 95

NUMBER OF BITS AND RELATIVE SAMPLE RATE INPUTS FOR

GIVEN ACCURACY REQUIREMENT

Accuracy Minimum no. of bits Samples/cycle

1 7 9.59

2 6 7.12
3 6 6.15

4 5 5.72
5 5 5.31

10 4 4.37

Figure 261 shows a summary of the measurement list for the sixth flight in an eleven
flight program for a D/3 vehicle. (This flight was chosen because it was heavily loaded

with experiments.) Standard sample rates, number of bits, and relative sample rates
used are given in tables 94 and 95.

Figure 262 shows a summary of the measurements that would be on all manned flights

of an 11 flight program. Again, tables 94 and 95 represent the inputs.

As mentioned, it is theoretically possible to reduce the required bit rate for a given
set of measurements by using a different set of standard sample rates. If the sample
rates in table 96 are applied to the measurements summarized in figure 261, the sum-

mary given in figure 263 results. This shows that there is at least an eight percent
reduction in actual bit rate, demonstrating the feasibility of this technique.

415



...... _L=ZO VEASUREVENT LIST'FLIGHT-NUV, BE_-'f--SIX-_AN VEHICAL " (_1/15/66}- "

RES...ARCW TASKS ARE-Ev, BoC,'_4oG:_$oGN2oF'_],3tEV2t$_"$oE,";Zo SMZIFMBoF:,IZ_FM3oFXTtFCloSM2
Fv1_;=_Z'$_;5;$vl_t$_`._3_$v9;F_2.-oGN3_;PC_;FY_5_o3_Z4;HF2o$_Z_o$_Z3 A.9_ -$Ml& ......

-- _<U'.'_.ER- C_ -APqXL_G--_.E AS-L)RE_ENTS ;- --7_ I T-S--F----_PE-RC-E_I_-'----2_I--
NUV_mE_ 9F ANALgG MEASUREVENTSo 65ITSt 2mERCENT • llSO
NUV:_ER OF--A _ ALC G-rE A5 L)_ E,_E NTS t---6B l T$ _,---} bE-RCEN T • ;
NUVBER 0_" A'<ALO_ _'E.ASUREVENTSt 59ITS_ 4OERCENT - 0

---_U'-_=_E_ -O:-A'JALO3 'JEA,S_RE'l'E_TS;T5-_I --- 5_ERCENT • 409
LU'-'=ER -_= AXAL2._ *'_ , _-c."_AS._R. _NT$, _+_I'rsm _CmERCENT - 0

:_"B-R OR :I_ITATS--VEASORE,,'E_TE L_ITE--_BITE- _

_U'.'BER C: :IGITAL VE_SURE'/'_T5 WITH 491T5- 3_1
U ._R O _-_AL _A._J-_. __rITH 5B-ITS- 1-_

NU'm--'R O= 3131TAL '._EA£URE'VENTS WITH Z45ITS- Z45
N'J'_BE=,, - C = _I_!-TAL XEASU_TIE-_T-R - IBBITE- Z ---

TgTAL • 20(}4

ACTUAL BIT RATE - 57763_,12
AV E'Er: -E----_-.' _v.--B -I T- RA-T,E - 174,11
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FIGURE 260. SUMMARY OF COMPOSITE MEASUREMENT LIST FOR FLIGHT 7
FOR A D/3 VEHICLE IN A SEVEN-FLIGHT PROGRAM
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FIGURE 261. COMPOSITE MEASUREMENT LIST SUMMARY: D/3 VEHICLE,
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HLllO RESEARCH VEHICLE D/3 MEASUR_m_NT LIST FOR 11 FLIGHT PROGRAM

TASKS LOADED ON ALL MANNED FLIGHTS -BASELINE, FM-3, HF-2, SM- 3 , SM-lO

DECE,_WOER II,1966

XUVDER OF ANALOG MEASUREMENTS, TRITS, 1PERCENT

NGvDER OF ANALO5 '4EASUREMENTS, &BITS, 2PERCENT

NU_'DER 9 = ANALOG _EASUREMENTS, 6_ITS, 3_ERCENT

XUvRE_ 0 = ANALOG I'_EASUqEqENTS, 5BITSt 4PERCENT =

%_v_ER 0_ ANALOG MEASURE_!ENTS, 5BITS,!_5PERCENT =

\Ov_R _ ANALOG _EASU_EMENTS, 43ITS_ISPERCENT =

NUMBE_ 3 _ DIGITAL MEASUREMENTS WITH 4_ITS =

NU_!mER 0 = _IGITAL:. v=^_=M=NT_._.,_.._._ WITH 5=.ITS =

\!UN_REm 0 = 91e!TAL _EASURE_!ENTS W!T_ 14_ITS=

TOTAL =

_!NI!,!U_ _!T RATE =

$CTUAL RIT RATE =

AVERAGE "!_IMu_I BIT RATE =

AVERAGE ACTUAL BIT RATE =

AVERAGE =RE_UEN_v RESPONSE =

= 46

= 21_

= O

C

143

0

5

15

59

_82

79356. _=_.

16_.63

261.12

4.7B

FIGURE 262. COMPOSITE MEASUREMENT LIST SUMMARY: D/3 VEHICLE,
ELEVEN-FLIGHT PROGRAM

_L-IO RESEARCW VEHICLE D/3 MEASUREMENT LIST FOR tl F_IGHT RROGRA_ 12/Zl/_

L_A_._ ON PLIGHT 6-_ASELINE,AV2_FCI_FC3,_'<2,FM3,F5%,F_IS,FXS,F"IT,_'.:8,F_:I_,

_`_3_=v_4_\_5,=`_,_M_3_l,GN2,GN3,GN_GN6_N_HFZ,_p_:,_5_9_,_3,_

NumBER O_ ANALOG MEASUREMENTS_ 7BITS, lPERCENT = 218

NUMBER OF ANALOG _EASUREMENTS_ 6BITS, 2PERCENT = 810

NURSER OF ANALOG MEASUREMENTS, 6BITS, 3PERCENT = 0

NUV_ER OP ANALOG _EASJRE_ENTS, 5RITS, _PERCENT = 0

NuMbER OF ANALOG MEASUREMENTS, 5BITS, 5PERCENT : 365

NUV_ER OF ANALOG MEASURE_ENTS, _BITS, iOPERCENT : 0

NuMBE_ O_ DIGITA_ MEASUREMENTS WITH IBITS = 36

NUMBER O_ DIGITAL MEASURE:_ENTS WITH _IT$ = 2i

NUMRER OF DIGITAL MEASUREME_TS WITH 5B_TS = i_

NUMBER OF DIGITAL MEASUREMENTS WITH 143ITS= i_5

NUMBE_ OF DIGITAL MEASUREMENTS WITH &SBITS= 2

TOTAL = 1_13

MININOM BIT RATE = 2910_6.i8

ACTUAL BIT RATE = _28596.06

AVERAGE :41NIMUX BiT RATE = 180._

AVERAGE ACTUAL BIT RATE = 265.7i

AVERAGE FREQUENCY RESPOI_S_ = 5.37

FIGURE 263. COMPOSITE MEASUREMENT LIST SUMMARY: D/3 VEHICLE,
FLIGHT 6 OF ELEVEN-FLIGHT PROGRAM
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TABLE 96

STANDARD SAMPLE RATES FOR BIT RATE REDUCTION

1 samples/sec
5

10
30

150
300
600

1200
2400
4800

The results shown in figures 260 through 263 are for instrumentation systems using
a variable encoding word length. Since having a variable word length represents some
system complexity, it is interesting to determine the cost in terms of bit rate. Figure
264 shows the summary of the measurement list in figure 263, but with a fixed word
length of seven bits (table 97}. This results in a 25 percent increase in bit rate. Figure
265 shows the same measurement list again, with an eight-bit word length (table 98}.
Use of eight bits results in a 42 percent increase in bit rate over the variable word
length of figure 263.

TABLE 97

NUMBER OF BITS AND RELATIVE SAMPLE RATE INPUTS:
SEVEN-BIT WORD LENGTH

Accuracy Samples/cycle

1 9.59
2 7.12
3 6.15
4 5.72
5 5.31

10 4.37

4. Instrumentation and Data Handling Subsystem Performance Specification

The following preliminary performance specification for a data handling and instru-
mentation subsystem for a manned HL-10 research entry vehicle was sent to a number
of potential equipment suppliers to benefit from their knowledge of the current and
projected state of the art.

The data handling system will be used throughout the mission, including launch,
orbit, entry and landing. For the purpose of this specification, the data handling system
consisted of the equipment necessary to take the various instrumentation sensor outputs
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HL-IO RESEARCrt VEHICLF DID MEASUREMENT LIST FOR 11 FLIGHT PROGRAM 12111166

TASKS LOADED ON F_IGHT 6-BASELINEtAVRtFC1,FCDtFMR.,Fr_3,F,.'._tFr, iS,F_IGIFM7,Fi'48,F,V,!2,

FMIOtFMIA,_MIStFNI6,F_I?,GNI,GN2IGN_,GN@_GN6,GNT,r_F2,PPI,÷SM-2,_o5 PBtl0,llt 1},16

I
I

i

i
I

NU'VBER 0_" ANALOG MEASUREMENTS, 7BITS IPERCENT

_'.'L;_I"BERPF ANALOG '._EASUREK_ENTS, 7B.ITS 2PERCENT

_:UVBER 3 = ANALOG MEASUREMENTS, 7BITS 3PERCENT =

_.IL.'_'_ER0 _ ANALOG VEASU_EMENTS, 7BITS z,PERCENT :

_j_._ER C_ ANALOG ;_EASURE_ENTS, ?BITS 5PERCENT =

XUv*_E_ O= ANALOG '"F_ASURE'_.ENTS, 7__ITS ICmERCENT =

NL;VBEm OF DIGITAL '_EASUqE_4ENTS WITH IRITS =

_._;VRER OF DIGITAL MEASUREMENTS WITH _+_.ITS=

NU_.<BER Og DIGITAL MEASURE_/.ENTS WITH 5BITS=

'<',,_.'PER O -_ DIDITAL MEASURE_!E,NTS WITH 14BITS=

'4bVBER OF DIGITAL V.EASURE'.IENTS WITH IBBITS =

TOTAL =

_INIqUM BIT RATE =

ACTUAL BIT R_TE =

AVERAGE vINI_.IUM BIT RATE =

AVERAGE ACTL'AL BIT RATE =

AVERAGE FRECUENCY RESPONSE =

=: 218

= 810

0

0

365

0

21

145

2

1613

3701&0,93

5358_6°12

229,47

_32.22

5.37

I FIGURE 264. COMPOSITE MEASUREMENT LIST SUMMARY: D/3 VEHICLE,
FLIGHT 6 OF ELEVEN-FLIGHT PROGRAM
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_L-IO RESEARCH VEuICI.E D/3 VEASURE:,!ENT LIST FOR ii FLIGHT PROGRAV 12/ii/_

T-tSKS LD-*DED ON =LIGHT 6-BASELINE,AV2,FCI,FCD,F:'<2,_.MD,F,"I_,F:';5,F_.ID,Fv.7,F_;_,FV. 12,

:Vl 3, =_I_,FMID, FMIG,=_,_IV,GNI,GN2,GN3 ,GN_,GN_,GNT,HF2,PPI,+$v-2 ,3,5,9 ,iO, !i, 13,15
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I

I

I

I

\_vBE'R C = A'_ALOG !_.EASJRE_ZENTS, BRITS, IPERCENT = 218

_,,O'._qE_ 3_ A'4ALCG 'TEASLJQE'_4ENTS, 8BITS, 2PERCENT = 810

X_'I.'RER 9 = A'_ALOS MEASUREMENTS_ _ITS, 3_ERCENT = 0

'-.Jv=E_ ....OF A:'_ALOG :'_=ASU'P=V_.EI',T.__, g_ _TS, 4PERCENT = O

......... AS Ur4- ,E,,TS, 3BITS, 5_ERCENT = _65

',,,v=E_ OF ANALOG _4EASUREVENTS_. 8BITS, 10PERCENT --" 0

';',J.'RER 0_" DIGITAL MEASUREMENTS WITH IBITS = }6

'XUYBEq OF DIGITAL MEASU "_=_,_=..... NTS WITH _BITS" 21

"J"'mE _ ,-,, _.,GITAL *4EASU'_c'_.'_'NTS WITH 5RITS: 15

Lb>';_-R OF DIGITAL _',EASUREr4ENTS WITH I_-BITS: i_5

::,.;'_'_-o OF "" r ,, _ ¢,, ..... _.GITAL M_ASU,-,E!e=NT, WIT_4 IBqITS= 2

..... ._,' TOTAL = 1613

"_'_" L,,.:.:. :4INIM_JM BIT RATE = _.215_.6°06

. , ACTUAL BIT RATE = 6109_._,12

AVERAGE MINIMUM BIT RATE --- 261,3_.

AVERAGE ACTUA L BIT RATE = :_78,7_

.AVERAGE FREQUENCY RESPONSE = 5,_7

I
FIGURE 265. COMPOSITE MEASUREMENT LIST SUMMARY: D/3 VEHICLE,

FLIGHT 6 OF ELEVEN-FLIGHT PROGRAM
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TABLE 98

NUMBER OF BITS AND RELATIVE SAMPLE RATE INPUTS:
EIGHT-BIT WORD LENGTH

Accuracy Samples/cycle

1 9.59
2 7.12
3 6.15
4 5.72
5 5.31

10 4.37

and encode the signals into a serial PCM format for transmission in real time, and to
store these data on magnetic tape for later transmission on command and for post-
mission recovery and analysis. Consideration was given to the use of remote multi-
plexing units to reduce the amount of interconnecting wiring. The data handling sub-
system consists of two major components : the data handling subsystem, and the tape
recorder subsystem.

Power: The power input for the data handling subsystem shall be 24 to 32 v dc from
the vehicle power supply system. The unit shall operate with no degradation in per-
formance over this range of input voltage, and shall not be damaged by an interruption
of input power or by transient overvoltage conditions on the power bus.

Data handlingsubsystem.-

Accuracy: The data handling system shall be accurate to within :_-0.1 percent, not
including any inaccuracy due to quantization.

Inputs: The data handling system shall handle input signals in three voltage ranges:

(1) 0 to 20 millivolts

(2) 0 to 100 millivolts

(3) 0 to 5 volts.

The low level signaIs--(1) and (2)--shall have a differential input. High level signals--
(3)--shall have a single ended input referenced to signal ground. In addition, provisions
shall be made to accept digital signals of 1 to 36 bits, in either serial or parallel for-
mat, and to incorporate these signals into the output pulse train.

Number of channels: Input channels shall number 1000, including both analog and
digital inputs. Provisions shall be made for expanding this number to 1400 in steps of
100 channels.

Input impedance: The input impedance on low level channels shall be greater than
10 megohms. Input impedance on high level channels and digital channels shall be
greater than 200 000 ohms.

42O
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Common mode rejection: Common mode rejection on differential inputs shall be

greater than 80 dB at 400 Hz.

Outputs: The data handling output shall be a time multiplexed pulse train formed of
the digital inputs, and the PCM encoded analog inputs. Sampling rates available for
sampling inputs to the data handling system shall be: 1, 5, 10, 50, 100, 200, 400,
800, 1600 and 3200 samples L_ar :second. The output format to the telemetry system
shall be serial PCM NRZ code. _htput bit rate shall be less than 1.25 megabits per
second. Provisions shall be made to vary the bit rate with change in format. Output
word length for analog input parameters shall be variable from four to eight bits.
Word length for any one channel shall be constant during the mission. No extra bits
shall be provided for word synchronization. The output pulse train shall have a maxi-
mum minor frame length of 2048 bits, including bits used for frame synchronization.
Provisions shall be made for generation of a frame synchronization word of up to 33
bits. In addition, provisions shall be made for generation of a minor frame ID word
of up to 10 bits. The frame synchronization word shall remain the same throughout
a mission.

Provision shall be made for storage of a number of telemetry formats. Different
formats will be required in the prelaunch checkout, launch, orbit, entry and landing
phases. Change from one format to another shall be made with a minimum of delay.
The data handling subsystem shall in no way constrain the sequence of data input sampl-
ing. All input parameters shall have the capability of being sampled in any order.
Change of format from one mission to the next shall not require any alteration in sys-
tem hardware.

Tape recorder subsystem.- The magnetic tape recorder unit shall store telemetry
data from the data handling subsystem for playback on command and for postflight
recovery and analysis. The input signal shall be a serial bit stream from the data
handling subsystem; input shall be 1.25 megabits per second or less. The output, on
playback format, shall be a replica of the input in a serial format suitable for telemetry
transmission. The output signal-to-noise ratio, crosstalk and other distortion param-
eters shall be consistent with mission requirements. The tape recorder subsystem
shall have sufficient tape capacity to record the maximum bit rate for one hour (3600
sec). :o,....

5. Final Baseline Instrumentation Subsystem Design

The instrumentation and data handling subsystem for the HL-10 research vehicle
(fig. 266) is a PCM, remote multiplexed instrumentation system. In the configuration
shown, it is capable of handling up to 2048 measurements. Remote multiplexing is a
technique by which overall system weight is reduced by eliminating long instrumentation
system wire runs (by locating the multiplexing circuitry near the signal sources). A
secondary dividend accrues by this technique in that low level signals are digitized near
the signal sources, eliminating long low-level transmission lines, which are a major
source of signal noise and interference in instrumentation systems. The tradeoff of
central multiplexing versus remote multiplexing is shown in figure 267. Weight esti-
mates used to derive these curves are based on state-of-the-art equipment under develop-

ment by various suppliers and our own experience on the PRIME program.
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000

000

000
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Results of these weight studies is a weight per measurement formula. This weight

includes sensors, signal conditioning, wiring, encoders, power supplies and tape re-
corders.

Table 99 shows a summary of the instrumentation and data handling subsystem. These
characteristics were assumed independent of vehicle size, and were held constant during

the vehicle sizing studies.

TABLE 99

INSTRUMENTATION AND DATA HANDLING SUBSYSTEM CHARACTERISTICS

(2048 MEASUREMENTS)

Size, Weight, Power,

Part in. 3 (cc) IbM (kg) watts

Remote multiplex unit 1300 (22 320) 56 (25.4) 64
( 16 units)

Central control unit 900 (14 760) 36 (16.3) 72

Tape recorder 2495 (40 918) 62 (28.1) 61

Sensors and wiring 405 (184.0) 5_.__0

4695 (76 998) 559 (254) 267

422
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SENSORS (UP TO 128 ASSOCIATED

WITH EACH REMOTE MULTIPLEXING UNIT)

REMOTE MULTIPLEXING UNIT

[(UP TO 16 UNITS PER SYSTEM)

TO 20 LINES

"_i CENTRAL I__

CONTROL OUTPUT TO

UN IT I TELEMETRY

" I TRANSMITTER

II
TAPE RECORDER I_TO POST-SUBSYSTEM I BLACKOUT

J TRANSMITTER

FIGURE 266. INSTRUMENTATION AND DATA HANDLING SYSTEM
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L. ELECTRICAL POWER SUBSYSTEM
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A parametric design was made to determine the most appropriate electrical power
subsystem which would satisfy the intent of the study from a research and cost effec-
tiveness basis. A 26-volt direct current electrical system was assumed, as a point of
departure, for both the basic electrical and flight control power systems. Inverters
and other conversion equipment were not included in the study since each subsystem
was assumed to handle its own frequency and regulation requirements.

Electrical system components significant in entry vehicle design tradeoffs and evalu-
ated in the study were:

(1} Batteries for basic electrical power

(2) Full cells as an alternative basic power source

(3) Batteries for flight control hydraulic pump power

(4) Hydrazine APU as an alternative for hydraulic pump power.

A Yardney high rate battery (HR-70 silver-zinc with an 18-cell configuration) was
used as a point of reference throughout the study. Subsequent tradeoff studies indicated
that larger and fewer batteries achieved a more reliable battery configuration; a fact
that was considered in design of the selected vehicle {Part VII). Boiler plate items
{plugs, connectors, umbilicals, circuit breakers, switches and wiring) for the basic
electrical power supply were not evaluated since they do not affect vehicle size selec-
tion. However, the relays, contactors and wire for the flight control electrical power
system were considered since they are affected by vehicle size.

I
I

I
I

I
1. Basic Electrical Power System

Power requirements.- The power requirements of the major subsystems {less control
actuation) are shown in table 100. It is significant that the power required for most of the
subsystems is independent of vehicle size. The exception is the environmental control/
life support subsystem where power requirements depend on the number of crew.

TABLE 100

POWER REQUIREMENTS FOR BASIC ELECTRICAL SYSTEM

Fixed loads Call vehicle sizes}

Navigation, guidance and elec-
tronic controls

Communications
Instrumentation

Displays and lighting

Continuous power, * Orbital standby
watts power, ** watts

654 120

227 112
100 60
120 65

1101 357

o I
I
I
I
I

I
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TABLE 100. --Concluded

Variable loads for environmental control/life support

Vehicle designation (size) No. of crew Continuous power_ watts

A I ii0
B 2 140
C 4 210
D 6 280

E 8 350

* Three-orbit mission
** Reduced load in orbit for mission durations of more than three orbits

Note that for flight times exceeding three orbits, the subsystems can operate in a

standby mode for much of the orbital duration.

Basic electrical power requirements for the various vehicle sizes and number of
crewman identified in table 100 are summarized in table 101.

TABLE i01

BASIC ELECTRICAL POWER REQUIREMENTS FOR FIVE VEHICLE SIZES

Vehicle designation, Nurnbar of
size crew

Continuous power
for three orbits or

less, watts

Orbital standby

power (more than
three orbits),

watts

A i 1 211 467

B 2 1 241 497

C 4 1 311 567

D 6 1 380 637

E 8 1 451 707

Finally, a scope of mission times from 5.5 to 23.5 hours (19.8 to 84.4 k sec) was

used to evaluate the weights and sizes of the battery and fuel cell alternatives.

Battery system approach.- Battery weight estimates were based on the use of the
HR-70 cell. A cell rating of 40 watt-hours per pound (65.5 kJ/kg) was assumed, as

was a battery module weight of 62 pounds (27.3 kg). Resulting battery weights for the
loads of tabl_ 101 are presented in table 102.

Variation of battery weight with vehicle size for various flight times is shown in
figure 268, and variation of battery weight with flight time for typical vehicle sizes is
shown in figure 269. In each case, the number of battery modules can be approximated

by dividing the weight determined from the curve by 27.3 kg. For flights greater than
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five orbits, vehicle size may not permit installation of the necessary additional batteries
in the entry vehicle; such added batteries can better be mounted in a mission module or
adapter section.

High rate battery characteristics were used in all power supply tradeoff calcula-
tions, since the rate of discharge varies and the expected number of flights before
replacement was a variable.

The selected vehicle subsystem design (see Part VII) utilizes a battery design more
specifically tailored to expected flight durations and number of reuses, resulting in over-
all weight and volume savings.

Alternative fuel cell approach.- A fuel cell system, consisting of three Gemini
modules updated to present state-of-the-art improvements, was considered as an alter-
native basic power supply. An updated Gemini fuel cell rated at 70 pounds (31.8 kg) per
kilowatt was used, and a weight allocation of 2.2 pounds (1 kg) per kilowatt-hour was
assumed for reactants and tankage. Figure 270 shows weight variations with vehicle
size and flight durations, and a comparison with figure 268 for mission durations
approaching 16 orbits depicts the weight advantage of fuel cell systems. For the five-
orbit mission, however, the fuel cell system cannot be justified on the basis of weight.
Moreover, fuel cells are considerably more expensive than batteries.

2. Flight Control Power Supply System

Design criteria and power requirements.- The recommended flight control actuation

subsystem described in section G of this chapter uses motor driven hydraulic pumps.
This section describes the associated power source tradeoffs. Since the hydraulic

pump power source must also supply other intermittent (but low level) loads, potential
improvements associated with optimizing motor pump speeds and voltages were not
evaluated. A direct current source (24 volts) was assumed.

A typical set of hydraulic pump power requirements for the D size vehicle flight
control system (chosen as a reference point) is shown in table 103.

TABLE 103

FLIGHT CONTROL HYDRAULIC POWER REQUIREMENTS

Flight phase Duration Power, kw

Launch 15 min 2.53

Entry 40 min 3.33

Landing 10 min 4.75

Peak loads 1 sec every 30 sec 8.91

Note: These apply for each of the dual hydraulic actuation systems.
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High rate battery system.- A parametric design of a battery system was conducted
by designing a system on the basis of certain assumptions calculating actual performance
and checking the calculated values against the assumed values. If the calculated perform-
ance differed from the assumed conditions, a second iteration process was performed and
continued until the calculated and assumed values were in agreement.

From previous work the voltage drop from the battery to the motor terminals was
assumed to be 1.0 volt. The one-hour rate was assumed for the HR-70 Yardney silver-

zinc battery, which displays a constant voltage of 27.0 volts from 200 to 400 amperes,
26.5 volts at 475 amperes, and 25.4 volts at 1000 amperes. The general equation for
computing the ampere-hour capacity required for the system is determined by a summa-
tion of the various flight requirements shown in table 103. For example-

(2 pumps) (2.53 kw) (Min. operation)
Launch phase amp-hr = (Motor efficiency) (Motor voltage) (60 rain. )

The ampere hour requirements were accordingly determined from table 103, and
presented in table 104.

TABLE 104

BATTERY AMPERE HOUR REQUIREMENTS FOR THE HYDRAULIC SYSTEM

Motor Capacity,
Flight phase efficiency 2 % amp-hr

Launch 65 74.5

Entry 70 238.0

Landing 80 77.8

Peak load 75 0.5

Total 290 390.8

From table 104, the number of battery modules required was determined from the
manufacturer's rating (HR-70 at a 20-rain. duration of 62 amp-hr). The required number
was 6.3 and, therefore, 7 batteries were used.

A capacity check for the seven batteries was conducted using figure 271 for system
capacity:

Launch phase = 298 amp

298 amp = 110-min. capacity
7 cells

% used = 13.6%
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Entry phase = 356 amp

00 {D ••0 0•

• • 0• • •

356 amp = 92-min. capacity
7 cells

% used = 43.5%

Landing phase - 465 amp

465 amp = 70-min. capacity
7 cells

% used = 14.15%

Peak = 1020 amp

I

I

I

!

1020 amp = 27-min. capacity
7 cells

%used=0.333% 1.24%
27

Total capacity (D vehicle max. trajectory)

Launch = 13.6%
Entry = 43.5%
Landing = 14.2%
Peak = 1.3%

72.6% used

I o
I

I
I

I
I

In addition, a confirmation of the assumed voltage drop of 1.0 volt was conducted.
Zero gage wire, with three in parallel, was assumed for the hydraulic pump wire system.
The wire has an ohmic drop of 0.0004 ohm per foot (0. 00013 ohm/m) and a weLght of
1.2 pounds per foot (2.28 kg/m). The length of run from the battery bus to the hydraulic
pump motor is 50 feet (16.4 m), resulting in a required wire weight 60 pounds (27.3 kg).
Voltage drop was computed at the average load for the landing phase (465 amp), resulting
in a wire run voltage drop of 0.93 volt, and a contactor voltage drop of 50 millivolts.
Consequently, the total voltage drop is 0.98 volt, which agrees with the assumed values
of 1.0 volt.

The estimated weight of the hydraulic pump electrical system is summarized in
table 105.

Variation of weight with vehicle size is shown in figure 272 using table 105 as a point
of reference.

Alternative APU for flight controls.- An APU will show component weight savings
when compared to batteries. However, unless the weight savings are relatively large
actual overall vehicle weight may be increased due to additional ballast required to
maintain balance and c.g. control, which is enhanced by using batteries which can be
located at will, as opposed to the APU (location of which is more confining). No attempt

0•0
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WEIGHT OF HYDRAULIC PUMP ELECTRICAL SYSTEM

l

I

I
l

l
l
l

Components Weight,
lb (kg)

Batteries (7) ........... 434 (137.0)
Reverse current relays (7).. 21 ( 9.56)

Motor contactors (2) ..... 8 ( 3.63)
Overload sensors ........ 1 ( 0.46)

Bus bar (1) ............ 2 (0.91)
Wire ................ 60 (27.3)

526 (238.86)

was made to determine equipment location; however, the electrical power sub-

systems were evaluated on the bases of weight and cost only. Figure 273 depicts the
dry weight of an APU, controls, gear box and a 2.5-kw alternator, plotted against

hydraulic pump power requirements. Both the present and the projected state of
the art are displayed. Since the specific fuel consumption of a turbine APU varies

over wide limits with altitude, an indicated fuel consumption per horsepower was
calculated as a figure of merit which included the varying power requirement with
altitude and assumed a maximum L/D trajectory. Total weight of an APU plus fuel

and tankage was plotted against average power output (fig. 274). Based on the above
curves and the average power required (table 103) for each size vehicle, a curve of
weight versus vehicle size was obtained (fig. 275). This curve assumes redundant

units and is shown for the entire spectrum of vehicles.

3. Tradeoff Summary and Recommended Equipment

|O
Battery and APU system weights are plotted directly in figure 276 for the hydraulic

power requirements. Fuel cell and battery system weights for a 7.5-hour (27 k sec)
flight are shown in figures 268 and 270. Every combination of the four systems was

examined for vehicle sizes A through D (1- to 8-man capacity) ; results are plotted in
figure 276.

The total weight difference between the lightest and heaviest system combination

for each vehicle (for a 7.5-hr, 27-k sec), flight is:

Vehicle designation, size Maximum weight differential

lb (k__
A 180 (82)
B 210 (95.5)

C 245 (llO)

D 275 (125)

E 320 (146)
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For a 7.5-hour (27-k sec) flight, the fuel cell system is the least preferred basic

power system for any vehicle. However, should flight time be greater than 11.5 hours
(41.4 ksec), the fuel cell becomes advantageous, particularly for the larger vehicles.

Use of an APU for flight controls provides the most attractive weight differential.

However, for reliability enhancement and minimum cost, the all-battery system is

recommended since it is only 175 pounds (80 kg) greater than the minimum weight
APU system for a B-size, and 230 pounds (105 kg) greater for a C-size vehicle.

The recommended electrical power configuration weights used in the vehicle para-

metric design portion of the study were those of the all,battery system, as shown in
figure 277 (curve B) for crew sizes considered. ,!_ :_.:
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M. ENVIRONMENTAL CONTROL AND LIFE SUPPORT SUBSYSTEM

The environmental control/life support subsystem selected for the study is based on
current state-of-the-art concepts, utilizing major equipment components from the Gemini

and Apollo programs. The environmental control/life support subsystem for each ve-
hicle size considered is essentially the same, using the same basic components. Major
features of the environmental control/life support subsystem are shown in figure 278.

The system consists of three loops:

(1) The atmospheric control loop controls the temperature, humidity and contami-
nants in the oxygen circulated through the crew suits.

(2) The oxygen supply loop delivers oxygen, on demand, to the atmospheric con-
trol loop and the vehicle cabin.

(3) The thermal control loop provides cooling of the atmospheric control loop,
vehicle cabin and all onboard systems. Excess heat is dissipated by boiling
water in an evaporative heat exchanger.

Design criteria used to select system components and determine the quantity of expendables
(water and oxygen) are presented in section II. The considerations in the selection of
EC/LS subsystem elements are presented in the following discussions.

i. Atmospheric Control Loop

Based on a tradeoff comparing space radiator weight to expendable water weight as a
function of mission time, boiling water in an evaporative heat exchanger was selected as
the method of rejecting metabolic and equipment heat. Results of this tradeoff are pre-
sented in figure 279. As shown in the figure, radiator weight becomes competitive at a
mission length of 16 hours (55.6 k sec). Since the mission length for this study is less
than 16 hours (55. 6 k sec), and is only 7. 5 hours (27 k sec) for the selected program,
expendable water was selected.

Expendable water supply size is based on drinking requirements and on the cooling re-
quirements of metabolic, equipment and aerodynamic heat entering the cabin. The expend-
able water cooling system can be used only down to 100 0_)0 feet (30. 5 km) for cabin and
electronics cooling because below that altitude the boiling temperature of the water in-
creases as the ambient pressure increases (i. e., the heat sink temperature increases
above the allowable temperature of the cabin gas and equipment). An analysis conducted
to determine if an auxiliary cooling system was required below 100 000 feet (30.5 km)
included the heat transfer through the ablator-insulation system to the cabin gas, struc-
ture and equipment. Figure 280 presents the temperature time history of the vehicle
structural system, cabin gas and equipment. No cooling was assumed below 100 000
feet (30.5 km). At touchdown, cabin gas temperatttre is 314 ° K and the equipment tem-
perature is 306 ° K, both within the allowable limits for crew and equipment. Figure
280 also shows that the gas and equipment temperature continues to rise after touchdown
to a maximum of 319 ° K, with the maximum occurring approximately 30 minutes (1.8 k

sec) after touchdown. The crew is provided with 15 minutes (0.9 k sec) of oxygen after
touchdown (which also provides crew cooling). After the 15-minute (0.9 k sec) period,
however, there could be considerable crew discomfort if the vehicle hatches are not
opened.
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To assess the impact of the orbital thermal environment on the environmental control/
life support subsystem, a five-orbit transient thermal analysis was conducted on the
HL-10 vehicle. It was assumed that only 100 watts was rejected to the cabin gas from
the equipment and crew. Results of the analysis (fig. 281) show that the typical struc-
ture wall element (node 21) decreased in temperature from the first to fifth orbit,
indicating a net loss in heat from the vehicle. Thus, no cooling requirements are
required for the orbital thermal environment.

2. Oxygen Supply Loop

To ensure that the initial selection of the state-of-the-art closed loop atmospheric
control system did not incur any significant weight penalties, a tradeoff of an open loop
versus closed loop system was made. In an open loop system, oxygen is supplied to the

crew suit and cabin in sufficient quantity to limit the CO 2 concentration to 8.0 torr

(i. e., continuous overboard venting of oxygen). Results of the tradeoff (fig. 282) show
that the open loop system only becomes competitive for a one-man crew size; even there,
the open loop shows only a 12 pound (5.44 kg) weight advantage. Therefore, the closed
loop atmospheric control system was selected for all crew sizes studied.

The primary oxygen supply is stowed as a supercritical fluid, which results in a mini-
mum weight system when compared to high pressure gas storage. The storage tank
weight of supercritical storage is approximately 0.7 times the weight of oxygen, whereas
the tank weight for high pressure gas storage is twice the weight of oxygen. The primary
oxygen supply is sized to supply the prelaunch, ascent, on-orbit, cabin leakage and re-
pressurization requirements. Redundant heaters are provided in the supercritical
storage tank to increase the reliability of the system.

Descent oxygen is stowed as a high pressure gas which allows the high supply rate
required during entry. Also, because of the minimum of complex equipment, high pres-
sure storage has a high reliability. The descent oxygen supply is sized to supply the
metabolic requirements for one orbit (for emergency), descent on open cycle (0.1 lb/
min/man--45.4 g/rain/man) and a 15-minute (0.9 k sec) period on open cycle after
touchdown.

3. Thermal Control Loop

Two separate thermal control cooling loops are provided to increase the reliability
of the system. The primary loop controls the temperature of the atmospheric control
loop and the onboard equipment. The emergency cooling loop controls the temperature
of the redundant electronic equipment {that equipment required to return from orbit in
an emergency condition). In case of primary cooling loop failure, the atmospheric con-
trol loop temperature is controlled by boiling water in the evaporative heat exchanger
portion of the atmospheric control loop's cooler-condenser-separator package.

Equipment is cooled by mounting it on individual cold plates. (This is a state-of-the-
art approach, and is more reliable than blowing the cabin gas through and around equip-
ment. )
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Carbon dioxide is removed by passing the gas in the atmospheric control loop through
lithium hydroxide. Odors are removed by activated charcoal contained in the lithium
hydroxide canister.

I
I

I

I

Weights of the environmental control/life support subsystem as a function of crew and
vehicle size were determined and reduced to equation form to facilitate tradeoffs with
crew size and vehicle size as variables. Components from existing systems (Gemini
and Apollo) were used for those components that do not grow with vehicle size (valves,
high pressure regulators).

For components that increase with crew size (heat exchangers, compressors) scaling
factors (based on vendor information) were established to account for the variation in
crew size. A discussion of environmental control/life support subsystem weights used
in the vehicle and crew size tradeoffs is presented in section 5.

A detailed description of the operation of the environmental control/life support sub-
system is presented in Part VII and, therefore, is not repeated here.
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N. MALFUNCTION DETECTION AND ALARM SUBSYSTEM

The functions of failure detection, plus pilot alarm or automatic correction, are

necessary to ensure crew survivability and a high probability of mission success.
However, generation of pertinent subsystem functional requirements in sufficient

detail to prepare hardware design specifications must be preceded by failure mode

analyses of each subsystem. These analyses, in turn, should be based on the specific
redundancies provided in each subsystem. Even though the proposed subsystem redun-

dancies are qualitatively defined in the preceding sections, the detail of definition is
not sufficient to warrant undertaking the necessary failure mode analyses.

Recommended equipment provisions for malfunction detection and correction have
been patterned after current program techniques (e. g., Titan IIIM, Gemini B, Apollo).
Limited tradeoff studies have been extended to include lifting body characteristics and

the related criteria of malfunction detection during critical phases of entry. In accord-
ance with the recommended usage of redundant equipments and/or backup modes for

each potentially critical subsystem, the additional hardware included for malfunction de-
tection and alarm consists primarily of status sensors, programmed comparators, pilot

displays and controls for initiating corrective action. These are considered to be inde-
pendent of vehicle size. The sensing and comparison functions are tentatively assumed
to be accomplished within the various subsystem equipments. The pilot display and con-

trol panel accomplishes the necessary display and alarm functions throughout the mis-
sion. These functions are further described in Part VII for the D/3 vehicle design, with

particular emphasis on the ascent phase and the important boost vehicle interface pro-
visions.
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